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lO  November  1975.  The  final  report  was  submitted  on  8 December  1975. 

Special  appreciation  is  given  to  Maj  Robert  E.  Bowen,  Mr.  William 
J.  Eisner,  and  Capt  Heikki  Joonsar  of  the  RPV  SPO  for  their  support 
and  cooperation  in  this  study.  Appreciation  is  also  given  to  Professor 
Harold  C.  Larsen,  AFIT;  Maj  Walter  S.  Hoy  and  staff  of  the  Teleplane 
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V.  Pickwell,  consultant,  for  their  continued  cooperation  and  technical 
support  in  the  many  phases  of  this  study. 

The  report  consists  of  three  volumes,  the  first  two  of  which  are 
classified  SECRET.  Volume  I,  the  Executive  Summary,  contains  the  major 
highlights  of  the  design  study.  Volume  II,  the  Final  Report,  contains 
mission  analysis,  costing,  and  a description  of  the  vehicle  and 
launcher.  Volume  III,  the  Unclassified  Appendices,  has  the  detailed 
design  and  iterative  decisions  associated  with  the  airframe,  flight 
control,  propulsion,  electrical  power,  navigation,  and  launcher. 

Normally  whenever  reference  is  made  to  an  appendix,  it  will  be 
found  in  the  same  volume.  When  the  referenced  appendix  is  in  a volume 
other  than  the  one  giving  the  reference,  the  volume  number  will  also 
be  given. 
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LIST  OF  SYMBOLS 


wing  cross-sectional  area 
spar  support  dimension 
spar  support  dimension 
aerodynamic  center 
aspect  ratio 

ventral  stringer  cross-sectional  area 
wingspan 

spar  support  dimension 
spar  support  dimension 
horizontal  tail  span 
vertical  tail  span 
brake  horsepower  available 
brake  horsepower  required 
chord 

specific  fuel  consumption 
drag  coefficient 
induced  drag  coefficient 
parasite  drag  coefficient 
tail  drag  coefficient 
wing  drag  coefficient 
center  of  gravity 
horizontal  tail  chord 
lift  coefficient 
maximum  lift  coefficient 
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vertical  tail  maximum  coefficient 
moment  coefficient 
mean  aerodynamic  chord 

vertical  tall  mean  aerodynamic  chord 
root  chord 
tip  chord 

vertical  tail  root  chord 
vertical  tail  tip  chord 
drag 

tail  drag 
wing  drag 

span  efficiency  factor 
endurance 

horizontal  tall  forco  diatrlbutlon 
launcher  force 
yield  stress 

a-bolt  support  force  (foreward) 

U— bolt  support  force  (aft) 

gravitational  acceleration  (32.2  ft/sec?  ) 

operating  altitude 

excess  thrust  horsepower 

HP  at  3000  ft 

xs 

HP  at  10,000  ft 

0 xs 


xsavg 


average  HP 


boom  length 


tail  moment  arm 


number  of  maneuver  g’s 

corner  launch  moment 

mean  aerodynamic  center 

boom  bending  moment 

intersection  bending  moment 

sleeve  bending  moment 

tall  bending  moment 

end  moment 

total  launch  moment 

maximum  moment 

boom  torsional  moment 

intersection  torsional  moment 

sleeve  torsional  moment 

tail  torsional  moment 

wing  moment 

x-axis  boom  moment 

X-axis  intersection  moment 

x-axis  sleeve  moment 

X-axis  tail  moment 

y-axis  boom  moment 

y-axis  intersection  moment 

y-axls  sleeve  moment 

y-axis  tail  moment 

z-axis  boom  moment 

z-axis  Intersection  moment 
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M 

zs 

z-axls  sleeve  moment 

zt 

z-axls  tall  moment 

Ml 

end  moment 

M2 

end  moment 

wing  support  moment  (ahead) 

M_ 

wing  support  moment  (behind) 

n 

number  of  launch  g's 

r 

range,  turn  radius 

RC 

rate  of  climb 

RC 

avg 

average  rate  of  climb 

R 

e 

Reynold's  number 

S 

wing  area,  section  'modulus 

boom  minimum  section  modulus 

SEM 

specific  section  modulus 

SFY 

specific  yield  strength 

^ht 

horizontal  tail  area 

intersection  minimum  section  modulus 

S 

r 

root  minimum  section  modolus 

S 

s 

sleeve  minimum  section  modulus 

tail  area 

STIF$ 

relative  cost  of  stiffness 

STRONG $ 

relative  cost  of  strength 

S 

V 

ventral  stringer  minimum  section  modulus 

vertical  tail  area 

s 

V 


wing  area 


u 


H 


I.. 


t 

t. 


CL 

THP 


THPR 
t. 


ht 


vtr 


vtt 


V 

V 


St 


term 


W 


W, 


bd 


W, 


W, 


W 


W, 


ht 


W 


W 


vt 


W 


w 


W 


time 

time  to  climb 

thrust  horsepower  available 
thrust  horsepower  required 
horizontal  tall  thickness 


engine  thrust  at  launch 
root  thickness 
tip  thickness 

vertical  tall  root  thickness 

vertical  tall  tip  thickness 

airspeed 

stall  speed 

terminal  airspeed 

weight 

dry  weight  less  wings,  booms,  and  empennage 

dry  weight 

fuel  weight 

gross  weight 

horizontal  tall  weight 

boom  plus  empennage  weight 

vertical  tail  weight  (each) 

wing  weight  (each) 

beginning  weight 

ending  weight 

P/L  bulkhead  to  wing  spar  distance 
engine  bulkhead  to  wing  spar  distance 
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boom  to  pivot  distance 
body  GC  to  wing  spar  distance 
intersection  to  AC  distance 
root  to  AC  distance 
intersection  to  boom  distance 
root  to  boom  distance 
spanwise  location  of  MAC 
spanwise  location  of  stall  onset 
intersection  to  wing  CG  distance 
root  to  wing  CG  distance 

height  of  horizontal  tail  above  wing  spar 
height  of  CG  above  launcher  probe 
wing  incidence  angle 
zero-lift  angle 

three-dimensional  lift-curve  slope 
washout  angle 
specific  weight 
dihedral 

propeller  efficiency 
climb  angle 

vehicle  launch  attitude 
taper  ratio 
wing  sweep  angle 
altitude  density  ratio 
ffloer  correction  factor 
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Introduction 

The  objectives  of  the  airframe  subsystem  design  effort  are  to  define 
an  airframe  that  can  be  used  as  a basis  of  comparison  in  the  areas  of 
cost,  performance,  handling,  and  technology  and  to  provide  representa- 
tive data  and  parameter  estimates  to  the  other  subsystem  design  efforts. 
This  is  motivated  by  the  need  to  have  what  is  considered  a representa- 
tive analysis  of  the  capabilities,  vulnerabilities,  and  problems  involved 
with  an  aircraft  of  this  class.  This  type  of  analysis  is  necessary  for 
the  definition  of  other  subsystems,  mission  sensitivities,  and  concept 
practicality. 

The  actual  effort  put  into  generating  an  analysis  of  this  type  could 
be  expanded  into  a fully  funded  program,  complete  with  basic  research  and 
development.  This  approach  would  overlap  the  effort  of  Air  Force  Flight 
Dynamics  Laboratory  (AFFDL)  and  the  Remotely  Piloted  Vehicle  Program 
Office  (RPV  SPO),  and  is  considerably  beyond  thf  capabilities  of  this 
group  in  the  allotted  time.  The  most  useful  alternative  is  considered 
to  be  an  independent  analysis  of  the  problem  using  the  same  general  re- 
quirements and  limitations  as  the  RPV  SPO  program.  In  this  way,  simul- 
taneous and  relatively  Independent  solutions  and  recommendations  can  be 
developed. 

Using  the  preceding  argument,  the  actual  scope  of  the  effort  is 
defined  in  the  following  way.  Initially,  a range  of  reasonable  con- 
figurations of  various  components  is  surveyed  to  serve  as  guideline  and 
source.  Materials  and  manufacturing  techniques  that  seem  reasonably 
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common  and  applicable  are  discussed  In  order  to  point  out  any  obvious 
pitfalls  or  solutions.  The  Intended  ground  handling,  packaging,  and 
assembly  methods  are  studied  and  combined  with  the  materials  and  manu- 
facturing considerations  to  Illuminate  one  best  candidate  from  the  con- 
figurations considered.  The  estimated  performance  of  this  class  of 
vehicle  Is  then  calculated  and  combined  with  an  assessment  of  the  simp- 
lest practical  structural  arrangement  such  that  the  maximum  commonality 
between  Type  I (attack)  and  Type  II  (decoy)  airframes  might  be  realized. 
Engineering  judgment,  experience,  and  expert  opinion  are  used  to  select 
the  lowest  cost  approaches  and  to  minimize  complexity.  The  actual  cost 
estimation  Is  done  by  the  cost  estimation  group,  but  It  Is  Included  In 
this  appendix. 

In  order  to  simplify  and  aid  analysis,  the  following  general  assump- 
tions are  made.  The  design  should  be  conventional  and  simple  with  emphasis 
on  low-cost  and  hands-off  operation.  The  layout  of  components  and  aero- 
dynamics should  be  favorable  to  hands-off,  no-autopllot  considerations. 

The  major  parameters,  supplied  by  the  mission  analysis  group,  are  as 
follows : 


Gross  Weight 
Mission  time 
Payload 
Assembly 
Launch 


130  lbs  maximum 
6 hours  maximum  (no  recovery) 
25  lbs,  7x7x11  Inches 
One  unskilled  soldier 
50  mph 


The  general  approach  of  the  design  effort  begins  by  considering  the 
applicable  configurations  and  technology  encountered  In  the  Initial  sur- 
vey. Consideration  Is  then  given  to  special  environments  and  require- 
ments anticipated  In  the  design  development.  A preliminary  layout  Is 
established  and  used  In  a preliminary  performance  estimate.  Incoming 


A-2 


Information  and  data  from  other  subaystema  are  Incorporated  Into  the 
eatlmatea  and  multiple  Iterations  made.  Using  the  resulting  layout, 
performance,  packaging,  handling,  ueight,  and  materials  proposals,  an 
appropriate  structure  is  designed.  All  of  the  above  information  is  com- 
bined in  a final  set  of  iterations  to  establish  a reasonable  estimate  of 
layout  and  performance.  The  problems,  unknowns,  and  questions  generated 
are  then  considered  and  recommendations  made. 

The  overall  effort  is  consolidated  into  six  major  headings  and  pre- 
sented in  this  appendix  as  follows:  survey,  layout,  structure,  perform- 
ance,  cost,  and  conclusions. 
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Survey 

A general  survey  was  conducted  in  order  to  gain  familiarity  with 
available  options,  screen  the  various  configurations,  and  develop  a feel 
for  the  questions  that  need  to  be  asked.  As  a result,  various  requirements 
are  generated  and  applied. 

First , the  candidates  must  be  as  conventional  as  practical  in  con- 
figuration and  technology.  A major  consideration  is  cost,  and  low  cost 
necessitates  the  adoption  of  a low-risk  approach  to  the  technology.  It 
would  be  of  little  value  to  this  design  problem  to  put  all  effort  and 
foundation  on  a new  and  promising  design  if  the  risk  of  unsuccessful  de- 
velopment was  unreasonably  high.  Conventional  aircraft  layouts  lend 
themselves  to  textbook  and  handbook  analysis  and  visual  verification, and 
properties  of  value  in  this  type  of  approach. 

Another  requirement  is  to  assure  that  the  structural  components 
and  assembly  can  be  manufactured  easily.  The  emphasis  is  on  minimiz- 
ing hand  operations,  machining,  and  assembly  time.  Configurations  that 
violate  this  rule  are  considered  only  if  they  strongly  offset  some  dis- 
advantage of  another  system. 

The  packaging  requirements  for  storage  and  shipping  to  the  launch 
site  are  significant.  The  vehicle  package  should  be  such  that  its  bulk 
or  shape  lends  itself  to  ease  of  shelf  storage,  hauling  on  an  M-35/36 
truck,  and  handling  by  two  men.  All  components  of  one  vehicle,  except 
fuel,  should  be  stored  and  shipped  in  one  package. 

At  the  launch  site,  the  vehicle  configuration  should  be  compatible 
with  a two-man  launch  crew.  That  is,  one  man  should  be  able  to  uncrate 
and  assemble  the  airframe,  add  fuel,  and  check  the  avionics.  Both  men 
should  be  able  to  mount  the  vehicle  on  the  launcher,  start  the  engine, 
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and  launch.  The  above  operations  should  be  able  to  be  accomplished 
quickly  in  unprepared  areas  by  unskilled  personnel. 

Part  of  the  payload  is  assumed  to  be  a sensor  which  has  look 
angles  sensitive  forward  and  down.  This  necessitates  strong  consideration 
of  structural  interference  with  the  sensor.  The  obvious  solution  is  to 
keep  all  metallic  structure  behind  the  payload,  if  possible,  using  only  a 

non-metallic  shroud  to  streamline  the  nose. 

It  is  assumed  that  the  vehicle  will  not  be  guided  by  an  active  remote 
operator,  i.e. , hands-off.  The  extension  of  this  approach  eliminates 
the  need  for  a costly  autopilot,  and  uses  only  heading  and  altitude  sen- 
sors combined  with  rudder  and  elevator  control  for  the  Type  II  vehicle. 

The  Type  I vehicle  has  no  such  cost  constraint,  but  the  common  air- 
frame should  conform  to  the  no-autopilot  approach  if  practical. 

The  aircraft  should  meet  the  anticipated  requirements  of  mission 
time,  payload,  and  mission  profile.  Any  of  these  parameters  are  con- 
sidered flexible  in  the  presence  of  a favorable  tradeoff. 

The  Type  I and  Type  II  airframes  should  be  as  similar  as  possible. 
There  are  two  reasons  for  this,  active  decoy  role  and  manufacturing  cost. 
The  two  vehicles  should  fly,  look,  and  reflect  as  similarly  as  possible, 
in  order  to  satisfy  the  decoy  role.  Manufacturing  cost  dictates  that 
all  structural  sub-assemblies  (wings,  fuselage,  engine,  and  empennage) 
be  identical,  if  possible,  with  the  obvious  exception  of  easily-deleted 
servos  in  the  Type  II  or  generator  in  the  Type  I.  The  only  difference 
should  be  in  the  payload  and  avionics,  and  they  should  be  easily  changed 

at  the  storage  site. 
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Although  radar  and  optical  visibility  should  be  identical  between 
the  two  vehicle  types,  no  consideration  is  given  to  the  actual  level  of 
visibility  of  the  aircraft  other  than  to  note  that  low-visibility  paint 
can  be  used.  Justification  or  neglecting  this  consideration  is  given  in 
the  mission  analysis,  Chapter  IV,  Volume  II. 

Since  both  airframes  are  similar  in  layout,  both  must  be  capable 
of  handling  the  maneuverability  considerations  of  the  attack  role  in  the 
following  ways.  All  control  surfaces  necessary  to  the  Type  I vehicle 
should  be  present  on  the  Type  II,  but  they  may  be  pinned  or  fixed  if 
not  used.  The  Type  I stinictural  requirements  are  more  severe  than  for 
the  Type  II,  so  the  airframe  is  stressed  for  the  attack  role.  The  Type  I 

also  carries  more  equipment,  necessitating  ballast  (or  substitute  payload) 
in  the  Type  II. 

The  aircraft  operates  in  an  unusual  Reynolds  Number  (Re)  regime,  lower 
than  light  aircraft,  but  higher  than  model  aircraft.  This  results  in  the 

problem  of  relating  actual  performance  of  airfoils  to  published  higher- 
Re  data. 

The  configurations  investigated  are  those  that  are  commonly  recog- 
nized, if  not  commonly  used:  They  can  be  divided  into  six  general  cate- 
gories: engine  placement,  fuselage  layout,  wing  planform,  airfoils, 

empennage,  and  roll  control  surfaces. 

Engine  placement  is  based  on  two  overriding  considerations,  com- 
plexity and  payload  interference,  with  thought  given  to  hands-off  flying. 
Only  single-engine  configurations  are  considered  because  of  their  lower 


complexity  and  cost.  The  tractor  engine  is  ruled  out  because  of  obvious 
payload  Interference.  The  resulting  solution  is  a single-engine  pusher 
layout  with  the  thrust  line  through  the  center  of  gravity  (CG) . The 
centerline-thrust  configuration  is  used  to  preclude  pitching  moment  (Cm) 
changes  with  changes  in  the  power  setting.  Hands-off,  no-autopllot 
dynamics  make  the  Cm  changes  very  undesirable,  and  the  first  flight  of 
the  non-centerline  thrust  Teleplane  XBQM-106  pointed  out  the  presence 
of  this  pitching  moment  characteristic  (Hoy,  1975). 

The  fuselage  layout  involves  three  major  considerations;  payload 
placement,  fuel  tank  location,  and  overall  size.  The  payload  is  placed 
in  the  nose  as  the  most  reasonable  location;  because  no  structure  other 
than  the  support  bulkhead,  at  the  rear  of  the  payload,  interferes  with 
the  sensor.  Simplicity  dictates  that  the  fuel  tank  be  located  in  the 
fuselage,  and  the  no-autopilot  consideration  specifies  that  the  fuel  CG 
be  as  close  as  possible  to  the  aircraft  CG  to  preclude  stability  changes 
as  fuel  is  burned.  Drag  minimization  dictates  that  the  fuselage  cross- 
section  be  as  small  as  possible.  Therefore,  all  components  are  layed 
out  longitudinally,  so  that  the  fuselage  covers  the  payload,  avionics, 
fuel,  and  engine  in  as  smooth  a profile  as  possible.  The  result  is  a 
long  and  narrow,  rather  than  stubby,  profile.  Balance  is  served  if  pay- 
load  and  engine  are  placed  at  the  ends,  with  fuel  and  avionics  shifted 
to  balance  as  necessary. 

The  wing  planform  and  layout  choices  are  legion.  The  most  obvious 
candidates  are  the  high  and  low  monoplane  layouts.  They  are  conventional 
simple,  well  behaved,  and  well  documentcJ.  A £Ood  alternative  is  the 
canard,  not  as  widely  used  or  commonly  documented;  but  it  offers  an 
Improvement  in  loiter  capability  for  the  same-weight  aircraft.  The 
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other  common  alternatives  to  the  monoplane  and  canard  are  the  biplane 
and  boxwing.  Both  offer  unique  advantages  In  the  realm  of  wingspan  and 
efficiency,  but  both  Involve  a higher  complexity  than  the  other  alterna- 
tives. Another,  uncommon  configuration  is  the  flying-wing  which  offers 
interesting  manufacturing  and  ground-handling  advantages,  but  it  suffers 
from  high-risk  stability  and  control  characteristics  in  an  unpiloted 
situation.  Wing  sweep  is  considered  unnecessary  in  this  low-speed 
regime,  and  it  requires  a more  complex  wing  structure  than  a zero  or 
small-sweep  wing.  The  delta  wing  is  likewise  discounted  for  its  low- 
speed  drag  characteristics.  Taper  and  twist  offer  substantial  lift 
and  drag  advantages  over  straight  wings,  but  they  cannot  be  made  by 
extrusion.  The  value  of  molding  and  extruding  are  considered  as  a 
tradeoff  with  performance  requirements  in  the  structures  discussion. 

The  number  of  airfoils  available  to  the  aircraft  designer  are 
considerable.  Therefore,  it  is  thought  most  reasonable  to  use  the 
advice  of  engineers  familiar  with  the  problem.  The  most  promising  air- 
foils are  condensed  into  a list  of  five;  NACA  230XX,  NACA  25XX,  NASA 
65XX  (Larsen,  1975a),  GAW-1  and  GAW-2  (Hoy  and  Early,  1975).  Exotic 
hlgh-llft  sailplane  wing  sections  are  considered,  but  they  do  not  appear 
to  satisfy  the  maneuverability  requirements  of  the  attack  role  (Early, 
1975).  The  NACA  sections  are  well-known  and  have  been  used  on  many 
light  aircraft.  The  GAW  sections  are  recent  developments  and  are  being 
used  on  the  initial  flight  version  of  the  Teleplane  XBQM-106.  Unfor- 
tunately, the  GAW  sections  are  quite  thin,  and  they  do  not  jseem  to  be 
performing  as  expected  in  this  low— Re  regime  (Hoy  and  Early,  1975).  The 
NACA  230XX  has  a good  lift  characteristic  (Cimav)  and  a very  small  pitch 
ing  moment  (C™) , but  it  looses  performance  in  low-Re  regions.  The 


NACA  65XX  was  originally  considered  for  the  AFIT  Canard  MRPRV  (Rodenroth, 
1975:9),  but  the  most  promising  airfoil  for  this  Re  is  considered  to  be 
the  KACA  2SXX  which  lias  a got'd  and  a low  fLariun,  1975aJ^  Tt  hi* 

a good,  bulky  cross-section  with  no  exotic  curves  and  seems  well  suited 
to  ease  of  manufacture  using  a large  wing  spar.  The  curves  for  the  NACA 
25XX  are  shown  in  Appendix  A-1. 

Based  on  the  indication  that  a single-engine  pusher  is  desirable, 
various  tail  configurations  are  evident.  For  a monoplane,  the  empennage 
is  supported  by  either  one  boom  extending  aft  from  the  belly  or  two  booms 
extending  aft  from  the  wings.  A canard  version  can  use  a vertical  tail 
mounted  either  above  the  rear-mounted  engine  or  mounted  as  wlnglets  on 
swept  wings.  The  question  of  mounting  empennage  in  the  propwash  is 
addressed  in  the  stability  and  control  discussion.  Appendix  B.  The 
single-boom  version  easily  places  the  surfaces  in  the  free  stream  if 
desirable.  The  alternatives  of  elevator  or  stabllator  (full-flying 
horizontal  tall)  are  discussed  and  analyzed  in  Appendix  B. 

The  two  major  types  of  roll-control  surfaces,  ailerons  and  spoilers, 
are  considered  since  both  have  distinct  advantages  in  this  design.  The 
spoilers  are  seen  as  a cheap  and  easy  way  to  gain  roll  control  without 
sacrificing  wing  structure  integrity  and  by  eliminating  the  mounting 
operation  necessary  for  hinged  ailerons.  Spoilers  also  tend  to  induce 
favorable  roll-yaw  coupling,  but  they  require  a great  deal  of  authority 
(deflection)  and  are  plagued  by  boundary-layer  deadband  (Larsen, 1975a) . 
Ailerons  are  highly  conventional  devices  that  assure  well  modelled 
dynamics.  The  added  complexity  of  assembly  can  be  overcome  in  an  un- 
manned, lightweight  aircraft  of  this  type  if  some  ingenuity  is  applied. 
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All  of  the  preceding  configurations  are  considered  in  the  context  of 
the  requirements  and  considerations  mentioned  earlier.  As  a result,  three 
major  layouts  seem  to  be  the  most  promising. 

The  most  conventional  candidate  is  the  single-boom  pusher  which  has 
been  flown  as  the  Teleplane  XBQM-106  (see  Figure  A-1) . This  layout  has 
flown  well  and  should  be  easy  to  assemble  in  a production  version,  but 
it  is  not  packaged  as  small  as  the  other  versions.  Unfortunately,  this 
layout  is  not  easily  adapted  to  the  centerline-thrust  philosophy,  and 
requires  stability  augmentation  for  both  vehicle  types. 

Another  Vjs^ry  promising  candidate  is  the  canard,  single-engine  pusher 
seen  in  Figure  A-2.  This  vehicle  should  have  good  loiter  capability  and 
be  easily  assembled,  but  it  requires  active  control.  There  is  also  dif- 
ficulty in  arranging  the  layout  to  minimize  sweep  and  winglet  area,  both 
of  which  are  packaging  and  structural  problems.  The  canard  layouts  de- 
veloped contained  at  least  one  of  the  following  unsatisfactory  traits: 
long  fuselage  (packaging) , large  empennage  area  (weight) , or  an  engine-to- 
propeller  driveshaft  (cost). 

Since  the  single-boom  pusher  is  already  flying  and  the  canard  has 
basic  layout  difficulties,  it  was  decided  to  concentrate  the  design  ef- 
fort on  the  twin-boom,  single-engine,  centerline- thrust  pusher.  Figure 
A-3  shows  the  final  selected  configuration.  This  arrangement  seems  like 
an  interesting  approach  to  the  problem  since  it  combines  a short  fuselage 
and  conventionality  with  the  problem  of  more  complex  f;^sembly. 


I 

j 


I 
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Layout 


A preliminary  version  of  the  anticipated  layout  Is  generated  to 


provide  a basis  for  the  design  and  selection  efforts  Involved  In  the 


other  subsystems.  At  the  same  time.  It  satisfies  the  need  for  a start- 


ing point  for  estimating  the  parameters  of  the  aircraft  Itself  and  pro- 


vides the  necessary  genesis  for  the  prediction  of  promising  materials. 


manufacturing  techniques,  and  ground  handling  methods. 


Preliminary  Planform.  Probably  the  most  realistic  starting  place 


Is  the  selection  of  a wing  planform.  The  original  wing  structure  is  In- 


tended as  a cast  polyurethane  foam  molded  around  an  aluminum  tubular 


skeleton.  Materials  are  discussed  In  the  structures  section,  but  the  Idea 


here  Is  to  Incorporate  the  most  promising  material  and  process  to  assure 


simplicity  and  low  cost  from  the  very  beginning.  Using  the  Idea  of  molded 


wing  sections,  the  straight  wing  Is  abandoned  since  molding  a twisted. 


tapered,  and  swept  wing  Involves  about  the  same  cost  as  molding  a straight 


wing  (Morrissey,  1975).  The  planform  selection  will  be  developed  In  the 


following  order:  airfoil  selection,  sweep,  spar  placement,  taper,  aspect 


ratio,  twist,  area,  dimensions,  and  dihedral. 


As  previously  discussed,  the  most  promising  airfoil  seems  to  be  the 


NACA  2SXX.  In  discussions  with  Major  Hoy  and  Profeasor  Larsen,  the  var- 


ious aspects  of  wing  thickness  and  Re  effects  were  probed  As  a result. 


the  most  reasonable  approach  Is  to  use  a thicker  section  at  the  tip  than 


at  the  root.  This  allows  the  wing  to  carry  a relatively  large,  say  2-;lnch 


diameter,  wing  spar  without  the  necessity  of  tapering  the  spar  cross- 


section or  sacrificing  the  planform  taper.  The  selected  sections  are: 


Roof,  NACA  2515;  Tip,  NACA  2518.  Using  a taper  ratio  of  0.5  discussed 


later,  the  wing  thickness  can  easily  carry  a 2-inch  diameter  spar  if 
necessary  (see  Table  A-1) . 

The  question  of  sweep  is  briefly  mentioned  in  the  survey,  but  the 
problems  of  spar  placement  and  static  margin  need  to  be  addressed  here. 
Using  the  philosophy  of  minimum  manufacturing  cost,  the  most  reasonable 
task  is  to  place  one  straight,  tubular  spar  through  the  center  of  the 
wing  along  the  half-chord.  This  consideration  blends  well  with  the 
quest  for  a reasonable  static  margin.  That  is,  as  the  wing  is  swept 

the  static  margin  is  reduced.  Having  the  half— chord  unswept  allows 
the  aerodynamic  center  (AC)  to  remain  forward  as  well  as  allowing  the  wing 
spar  to  be  unbent.  The  consideration  of  structural  torque  due  to  wing 
spar  placement  is  significant,  and  it  is  addressed  in  the  structures 
section.  Note,  also,  that  launch  speed  is  critical.  This  fact  dictates 
that  the  line  of  ACs  (quarter-chord)  be  swept  as  little  as  possible  to 
minimize  wing  area.  The  result,  then,  is  that  the  wing  half-chord  is 
unswept  with  the  straight,  tubular  wing  spar  running  down  the  half-chord 
(see  Figure  A-4) . The  most  significant  considerations  with  taper  are 
structure  and  drag.  Wing  area  and  weight  at  the  tips  can  be  reduced  with 
taper,  thus  reducing  bending  moment  at  the  root;  but  excess  taper  forces 
the  root  chord  (cj)  into  an  unmanageable  size  or  reduces  tip  thickness. 

The  taper  ratio  may  be  adjusted  in  trapezoidal  planforms  in  order  to 
approach  the  idealized  elliptical  planform  as  seen  in  Figure  A-5. 


limn , iiNipkiip.ii.wR, 


The  Intent  is  to  reduce  Induced  drag,  which  is  defined  by  the  following 
relation  (Coming,  1953:5.12), 


CDi 


irAR 


(A-2) 


Cj)^  = induced  drag  coefficient 
Cl  “ lift  coefficient 
AR  = aspect  ratio 

4>  = taper  correction  factor,  from  Figure  A-5 

Thus,  induced  drag  is  reduced  by  the  selection  of  a taper  ratio  between 
0.3  and  0.6  which  keeps  4>  below  0.01.  Since  the  actual  value  of  4>  is 
rather  insensitive  to  X in  this  bracket,  0.5  seems  like  a good  compromise, 
insuring  small  (p  and  reasonably  thick  wing  tips.  The  resulting  taper 
and  tip  thicknesses  are  shown  in  Table  A-1.  Note  that  Figure  A-5  is 
presented  for  an  aspect  ratio  of  6,  where 


AR-I^ 


(A-3) 


Thus,  aspect  ratio  becomes  another  design  parameter  of  importance. 
Large  AR  reduces  Cp^  and  thus  increases  endurance,  but  it  also  requires 
that  wing  span  (b)  and  spar  cross-section  and  weight  be  increased.  The 
actual  selection  should  be  based  on  some  objective  tradeoff.  Therefore, 
a measure  of  endurance,  drag,  and  fuel  requirements  must  be  traded 
against  reasonable  aspect  ratios,  say  between  5 and  8,  with  a Jtarget 
of  5 or  6,  if  practical.  To  accomplish  this  in  a visual  presentation, 
a plotting  program,  CDVSAR  (Appendix  A-2-1),  is  used.  The  basis  of 
the  program  is  the  general  maximum  endurance  equation  (Perkins,  1949:188), 
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E * endurance  (hrs) 
n “ propeller  efficiency 
C * specific  fuel  consumption  (Ib/Bhp-hr) 
Cp  = drag  coefficient 
a * altitude  density  ratio 
S = wing  area  (ft^) 

Wq  * beginning  weight  (lbs) 

* ending  weight  (lbs) 


where  fuel  load  (Wf)  is 


Wf  “ Wq  - W]^ 
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and  drag  coefficient  (Cq)  is  calculated  as 

Cd  ■ Ccpg  + Cci  (A-t 

Using  Eq  (A-2) , values  for  the  important  parameters,  Cq,  Cl/Cq,  and 
Cl^‘^/Cq  are  found  and  evaluated  as  a function  of  Cl  and  AR.  The  re- 
sults are  shown  in  Appendices  A-2-2  and  A-2 -3.  The  input  parameters 
are: 


0.0  < Cl  < 1*5 
Cdpe  * 0.03 
5 < AR  < 8 
(|»  •=  0.01 


(Appendix  A-1) 
(Early,  1975) 

(Table  A-1) 


1 

3 


For  example,  using  Cl  “ 0.6  and  AR  = 6,  Eqs  (A-2)  and  (A-6)  give 


0.03  + (1  + 0.01) 


* 0.049 

o ,n  0.06 

Cl/Cd  “ 0.049 


P 1.5/p  . (0.06)^-^ 

Cl  /Co  q nAQ 


The  plots  in  Appendix  A-2-3  show  that  Cl^*^/Cd  tends  to  decrease 
quickly  below  AR  = 6,  but  it  does  not  gain  much  above  6.  In  order  to 
keep  the  wingspan  and  structural  requirements  within  reason,  an  aspect 
ratio  of  6 is  used. 

Twist  (e) , or  washout  angle,  is  not  considered  quantitatively  in 
the  initial  estimate  other  than  to  say  it  lies  near  Rodenroth’s  figure 
of  3 degrees  (Rodenroth,  1975:11).  The  actual  washout  angle  is  calculated 
later  as  the  planform  is  finalized.  The  other  critical  parameter  in- 
volved with  twist  is  the  wing  Ci^x*  calculated  again  later 

as  parameters  are  finalized,  but  it  is  estimated  at  about  1.3  as  indi- 
cative of  this  size  aircraft  from  the  estimate  of  the  AFIT  Canard  MRPRV 
(Rodenroth,  1975:11). 

Now  that  the  planform  of  the  wing  is  clear,  the  next  major  consid- 
eration is  wing  area.  For  a given  wing  planform,  larger  area  reduces 
launch  speed,  increases  loiter  time,  and  adds  to  package  size  and 
vehicle  weight.  Therefore,  the  intent  is  to  minimize  wing  area  while 
assuming  minimum  launcher  impact  and  fuel  load.  The  equation  used  is 
that  which  calculates  the  wing  area  necessary  to  carry  a given  weight 


at  a given  airspeed  and  altitude  in  straight  and  level  flight  (Coming 
1953:2-4)  using  acceleration  and  excess  horsepower  to  provide  climb. 


S 


391  Wg 
Clmax®'^^ 


2 

where  S = minimum  required  wing  area  (ft  ) 

W = launch  weight  = 130  lb 
g 

^Lmax  =3*3  f^^om  above 

V = launch  airspeed  = 50  mph 
a = density  ratio  = 0.94  at  3000  ft  MSL 
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The  initial  estimate  is  based  on  a 130-pound  gross-weight  vehicle, 
which  is  a conservative  upper-limit.  The  mission  analysis  (Chapter  II) 
estimates  that  the  maximum  expected  altitude  of  launch  operations  would 
be  about  3000  feet  MSL.  Therefore,  the  preliminary  wing  area  estimate 
is 


c = (391) (130) 

(1.3)  (0.94)  (50)^ 

= 16.64  ft^ 

This  is  rounded-off  to  17  square  feet  for  preliminary  purposes  (see 
Table  A-1) . 

Wing  planform  dimensions  are  found  using  the  following  common  re- 
lationships. 


2b 

AR(1+X) 


The  tip  and  root  thicknesses  are  expressed  as  a percentage  of 
chord  derived  from  the  last  two  digits  of  the  NACA  number,  i.e.,  NACA 
2515  means  the  maximum  thickness  is  15%  of  the  chord  length. 


The  length  and  location  of  the  mean  aerodynamic  chord  (MAC)  are 
expressed  as  follows  (Corning,  1953; 3. 3). 


2 ,0  A44.1  (2.24)  (1.12: 

3 (2. ^^+1.12)  - 2.24+1.12 


1.783  ft 


21.39  in 


bill  Cf+2ct 
ymac  “ 2*31  Cj+c 


(A-IS: 


10.1  ( 1 t 2.24+2(1.12) 
2 13  f 2.24+1.12 


2.194  ft 


- 26.33  in 

Dihedral  (f)  is  a parameter  that  is  not  easily  quantified  for  this 
vehicle.  Tnerefore,  a value  of  5 degrees  is  selected  as  representative 
for  this  anticipated  type  of  hands-off  flying.  This  number  is  selected 
as  representative  of  many  light  aircraft  now  flying  as  well  as  suitable 
for  maneuverability  in  the  attack  vehicle  (Larsen, 1975a) . 

The  wing  sweep  (A)  of  the  line  of  AC's  is  calculated  geometrically 


A = tan 


-1  1 
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tan”^  1 (2.24-1.12) 

4 10.1 


= 3.17  deg 


All  o£  the  above  parameters  are  su^arited  la  the  following  table 
of  preliminary  planform  parameters  and  are  Intended  for  Initial  guid- 
ance and  control  calculations  as  well  as  for  Initial  performance  calcula- 
tlons.  The  planform  Is  as  presented  In  Figure  A-«. 

TABLE  A-1.  PRELIMINARY  PLANFORM  PARAMETERS 


wingspan 

b - 

10.1  ft 

aspect  ratio 

AR  - 

6 

wing  area 

S “ 

17  ft'^ 

A = 

3.17  deg 

sweep 

dihedral 

r » 

5 deg 

twist 

e “ 

-3  deg 

mean  aerodynamic 

chord 

*^ac 

21. 3y  in 

MAC  spanwise  v 

position 

Ymac 

Zb.JJ  in 

root  chord 

cr  “ 

26.88  in 

root  thickness 

tr  “ 

4.03  in 

tip  chord 

Cfr;  “ 

13.44  in 

tip  thickness 

tt  ‘ 

‘ 2.42  in 

maximum  lift 

coefficient 

n-umlnarv  Engine  Layoia-  the  Initial  layout,  the  recommenda- 

tion was  to  use  the  McCulloch  lOlB  engine  (see  Appendix  C).  The  engine 
is  included  in  the  layout  without  the  stock  shroud,  magneto,  or  start- 
ing pulley,  orientation  of  the  engine  Is  arbitrary  about  the  drive 
shaft  axis.  l.e..  It  can  be  mounted  Inverted.  If  necessary.  Thus, 
changes  In  CG  or  thrustllne  are  Incorporated  by  rotating  and/or  trans- 

lating  the  engine  position. 

The  preliminary  layout  places  the  engine  In  a conventional,  up- 
right attitude  with  the  drive  shaft  on  the  CG  axis  pointing  aft  with 
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the  propeller  mounted  directly  on  the  shaft  without  a spacer.  The 
engine  Is  mounted  on  a standard  wire-loop  vibration  mount  >t cached  to 
the  engine  bulkhead  just  forward.  The  alternator  Is  mounted  on  the 
forward  face  of  the  bulkhead  and  Is  attached  to  the  starter  pulley 
shaft  vua  a flexible,  clamped-tube  coupling.  When  batteries  are  used 
(Type  II),  the  alternator  Is  not  present,  and  the  battery  pack  Is 
located  In  the  avionics  bay  (see  Figure  A-6). 

The  fuel  Is  routed  from  the  fual  tank  through  an  end-weighted 
flexible  tube.  The  weighted  end  Is  used  to  follow  the  motion  of  the 
fuel  In  the  tank  regardless  of  vehicle  motion.  The  tube  Is  attached 
to  a standard  fitting  In  the  engine  bulkhead,  and  another  tube  Is  then 
routed  to  the  carburetor  which  Is  controlled  by  a servo  link  attached 
to  the  bulkhead.  The  Initial  propeller  considered  Is  26  Inches  In 
diameter,  and  the  Initial  thrust  line  Is  along  the  fuselage  centerline. 

Preliminary  Fuselage  Layout.  The  Initial  fuselage  cross-section 
Is  somewhat  oval,  just  large  enough  to  enclose  a 7 by  7 Inch  payload, 
fuel  tank,  avionics,  and  engine.  Rodenroth's  (1975:20)  algorithm  for 
generating  fuselage  cross-sectional  shapes  Is  used  to  find  a section 
that  encloses  the  above  components  while  allowing  adequate  clearance 
for  structure.  The  algorithm  Is  presented  In  Appendix  A-4-1  and  the 
cross-section  plot  In  Appendix  A-4-2.  It  Is  based  on  the  adjustment  of 
parameters  In  Eq  (A-17)  to  find  a smooth,  bulky  shape. 


jXjP  ^ j Y j P _ 


(A-17) 
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A and  B are  semi-axes 


p is  a measure  of  severity  of  comer  curve 


For  this  fuselage,  A * B * 5 inches  and  p * 2.67. 

The  payload  is  mounted  on  the  forward  face  of  the  payload  bulk- 
head and  consists  of  a 7 by  7 inch  box.  The  avionics  are  mounted  on 
the  aft  face  of  the  payload  buokhead  in  the  6 by  6 by  7 inch  avionics 
bay.  The  fuel  tank  is  centered  in  the  fuselage  below  the  aircraft  CG 
in  a 7 by  7 inch  cross-section  cavity.  The  fuel  cavity  length  is 
adjusted  to  fuel  requirements  and  is  22  Inches  long  in  the  preliminary 
layout.  The  alternator  is  located  in  a 6 by  6 by  7 inch  cavity  on  the 
forward  face  of  the  engine  bulkhead,  with  the  engine  mounted  on  the 
aft  face.  A small  cooling-air  scoop  is  located  on  the  ventral  cowling 
with  a carburetor  air  Intake  on  one  side.  The  carry- through  spar  is 
mounted  to  the  dorsal  longitudinal  stringers  running  Just  above  the 
fuel  cavity.  All  of  the  cavities  mentioned  are  integrally-molded, 
having  the  same  skinning  properties  as  the  external  surface  (see  the 
materials  discussion) . These  components  are  clearly  seen  in  Figure 
A-6,  the  final  layout. 

Preliminary  Empennage  Layout.  The  horizontal  tail  is  initially 
located  between  the  booms  and  is  configured  as  a conventional  stabilizer- 
elevator.  The  initial  sizing  is  done  by  visual  comparison  with  the 
Teleplane  Eagle,  a somewhat  larger  RPV  with  a similar  layout.  The 
airfoil  selected  is  the  standard,  commonly-used  NACA  0009  symmetrical 
section,  with  rectangular  planform;  span  36  inches,  chord  16  inches, 
and  area  4 square  feet  (see  Table  A-2). 


^ui 


For  launcher  clearance,  the  vertical  tails  are  moved  on  top  of 
the  booms.  They  have  conventional  stabilizer-rudder  layouts  with  the 
dimensions  noted  in  Table  A-2.  The  total  vertical  tail  area  is  2.9 
square  feet.  Both  of  the  rudders  and  the  elevator  use  one  servo  each, 
secured  into  a cavity  in  the  stabilizers.  The  control  surface  hinges 
are  extruded  flexible  plastic  bonded  to  the  skins. 

The  booms  are  estimated  to  be  2-inch-diameter  aluminum  tubes  at- 
tached to  the  wings  and  are  spaced  about  36  inches  apart,  clearing  the 
propeller  by  4 inches  on  either  side.  The  length  of  each  boom  is 
about  60  inches  in  order  to  generate  a reasonable  tail  length.  This 
dimension  is  readily  changed  for  stability  and  control  purposes,  but 
it  is  limited  due  to  packaging  constraints. 

TABLE  A-2.  PRELIMINARY  EMPENNAGE  PARAMETERS 


Horizontal  Tail  Section 

NACA 

0009 

Area 

Sht  ' 

- 4 ft2 

Span 

V 

- 36  in 

Chord 

Cht 

- 16  in 

Tail  Length 

It  “ 

60  in 

Thickness 

tht 

- 1.44  : 

Ln 

Vertical  Tail  Section 

NACA 

. 0009 

Area  (each) 

Svt 

= 1.46 

ft2 

Height 

bvt 

« 15  in 

Root  Chord 

^tr 

= 16  in 

Tip  Chord 

Cvtt 

- 12  in 

Mean  Aerodynamic  Chord 

^mac 

- 14.1 

in 

Root  Thickness 

tvtr 

= 1.44 

in 

Tip  Thickness 

bvtt 

- 1.08 

in 
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Preliminary  Weight  and  Balance.  The  Initial  estimates  of  com- 
ponent weights  are  listed  In  Table  A-3.  Component  weights  such  as 
wings,  fuselage,  and  tall  correspond  to  the  estimates  of  the  Teleplane 
XBQM-106  (Early,  1975).  Engine  and  propeller  weights  are  from  Appendix 
C.  Alternator  and  avionics  weights  are  from  Appendices  D and  E,  re- 
spectively. The  coordinate  system  Is  a standard  X-Y-Z  aircraft  layout 
with  origin  at  the  nose  (X,  forward;  Y,  right;  Z,  down).  X-axls  location 
estimates  are  taken  from  the  preliminary  layout  with  the  fuel  location 
adjusted  by  trial  and  error.  The  fuel  weight  Is  a preliminary  estimate 
from  the  performance  section. 


TABLE  A-3.  PRELIMINARY  WEIGHT  AND  BALANCE 


Component 


Shroud 
Payload 
Bulkhead 
Avionics 


Fuselage 

Alternator 

Bulkhead 

Engine  and  Prop 

Booms 

Tall 

Bulkhead 


Weight  (lbs) 


X-axls  CG 
location  (In 


TOTAL  AIRCRAFT 


In  order  to  easily  shift  conponent  locations,  weights,  and  sizes, 
it  is  necessary  to  generate  a „eight-and-balance  design  tool.  The 
Teleplane  computer  program,  TEST  (Hoy,  1975),  is  modified  to  account 
for  fuel  consumption,  plots  the  X and  Z shifts  as  a function  of  fuel 
weight  (see  Appendix  A-5) , and  is  called  WTNBAL. 

All  of  the  above  parameters  and  configurations  are  used  in  multi- 
ple iterations  of  the  airframe  parameters  as  well  as  a basis  for  de- 
cisions handled  by  other  subsystems,  launcher  and  flight  control  for 
example.  Many  changes  are  proposed  and  incorporated  into  the  over- 
all integration  of  the  airframe,  mission,  and  subsystems.  Some  of 

the  more  significant  are  noted  below. 

The  horizontal  tail  is  moved  to  the  top  of  the  vertical  tail. 

This  is  done  to  minimize  impingement  of  the  propwash  on  the  control 
surface  and  the  resulting  variation  of  dynamic  pressure  and  control 
moment.  The  horizontal  tail  is  also  made  into  a full-flying  stabil- 
ator  to  assure  adequate  control  moment.  The  wingspan  is  moved  forward 
along  the  line  of  AC’s  (the  quarter-chord)  to  reduce  internal  torque 
due  to  wing  moment.  The  boom-attachment  sleeves  and  control  surface 
hinges  are  also  modified  as  discussed  in  the  structures  section. 

These,  plus  changes  in  fuel  requirements,  avionics  weight,  structural 
components,  engine  performance  estimates,  and  othar  parameters  result 
in  a new.  more  realistic  set  of  estimates  for  the  actual  vehicle 
layout.  The  above  items  are  discussed  later  and  incorporated  into 
the  final  layout.  Figure  A- 6 below. 

Pln«1  Weight  md  Balance.  The  computer  progrom  VITNBAL  (Appendix 
A-5)  is  used  in  conjunction  with  the  following  finsl  weight  estimates 
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Rudder  Servo 

Vertical  Tail  Spar 


Horizontal 
Tail  Spar 

Stabilator 

Servo 


Boom  Sleeve 

Aileron 
Wing 
Wing  Spar 
Fuselage 

Fuel  Fill 

Dorsal  Stringer 


r 

O i|ij 

L/l 

— 

Propeller 
Engine 
Alternator 
Fuel  Hose 

Center  of  Gravity 

Fuel  Cavity 
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in  order  to  assure  proper  load  distribution.  The  final  component 
locations  are  listed  in  Appendix  A-5-4  and  shown  in  Figure  A- 7.  The 
CG  shift  due  to  fuel  consumption  is  shown  in  Appendix  A-5-5  and  in 
Figure  A- 8.  The  final  weight  estimate  of  each  component  is  listed 
in  Table  A-4  and  is  clarified  in  the  discussion  that  follows. 


TABLE  A-4.  FINAL  WEIGHT  AND  BALANCE 


X-axis  CG 


Z-axis 


Component 

Weight  (lbs) 

Location 

(in.) 

Location 

Fuel 

21.5 

30.6 

0.0 

Payload 

25.0 

9.5 

0.0 

Fuselage 

11.8 

33.0 

0.0 

Wings 

26.0 

33.0 

6.5 

Horizontal  Tall 

3.75 

92.0 

23.0 

Vertical  Tails 

2.4 

92.0 

12.0 

Aileron  Servos 

0.4 

33.0 

6.0 

Rudder  Servos 

0.4 

93.0 

8.0 

Elevator  Servo 

0.2 

93.0 

20.0 

Engine  Servo 

0.2 

43.0 

0.0 

Shroud 

1.4 

5.0 

0.0 

Avionics 

6.5 

17.0 

0.0 

Propeller 

2.0 

50.0 

0.0 

Engine 

12.0 

46.0 

0.0 

Alternator 

6.0 

42.0 

2.5 

Booms 

3.9 

60.0 

6.5 

Payload  Bulkhead 

1.0 

15.0 

0.0 

Engine  Bulkhead 

1.0 

43.0 

0.0 

TOTAL  VEHICLE  125.5 

32.7 

2.5 

Fuel  weight 

is  calculated  in  the  performance  section  and  is  a vei 

flexible  figure. 

It  is  positioned  as 

close  to  the 

aircraft 

CG  as 

practical  based  on  the  structural  definition  made  just  prior  to  the 
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final  performance  estimate.  Although  aircraft  CG  shifts  somewhat  as 
fuel  is  burned,  the  actual  longitudinal  travel  is  insignificant,  about 
0.4  inch  (Appendix  A-5-5). 

Payload  weight  and  location  are  unchanged  from  the  preliminary, 
since  no  alterations  were  input  from  the  RPV  SPO.  The  fuselage  weight 
is  based  on  structural  requirements,  the  use  of  aluminum  stringers  and 
polyurethane  foam  fi.ller,  which  are  discussed  in  the  structures  section. 
Wing  sections,  empennage,  and  booms  are  also  discussed  in  the  structures 
section. 

The  bulkhead  at  the  rear  of  the  fuel  cavity  is  deleted,  and  the 
estimated  weight  of  the  shroud  is  increased.  The  avionics  weight  is 
reduced  to  6.5  pounds,  based  on  design  group  estimates.  The  remaining 
components:  engine,  propeller,  alternator,  and  servos  remain  unchanged 

from  the  preliminary  estimates. 

Final  Layout  Estimate.  Based  on  the  preceding  discussion  combined 
with  structures,  performance,  and  flight-control  inputs,  the  final  lay- 
out, planform,  and  internal  profile  are  generated.  The  most  significant 
item  used  by  the  structures  analysis  and  the  flight  control  analysis 
(Appendix  B)  is  the  wing  planform.  As  mentioned  in  the  preliminary 
discussion,  the  planform  is  based  on  consideration  of  launch  speed, 
gross  weight,  , taper,  twist,  airfoil  selection,  and  sweep. 

The  discussion  of  the  preliminary  planform  holds  for  the  shape 
parameters:  taper,  sweep,  and  airfoils.  The  items  that  are  modified 

are  wing  area,  span,  twist,  and 

^bmax  twist  are  closely  related  in  any  defined  planform  having 
known  taper,  sweep,  airfoil,  and  Reynolds  number.  ^Lmav  wing 
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final  performance  estimate.  Although  aircraft  CG  shifts  somewhat  as 
fuel  is  burned,  the  actual  longitudinal  travel  is  insignificant,  about 
0 4 inch  (Appendix  A-5-5). 

Payload  weight  and  location  are  unchanged  from  the  preliminary, 
since  no  alterations  were  input  from  the  RPV  SPOi  The  fuselage  weight 
is  based  on  structural  requirements,- the  use  of  aluminum  stringers  and 
polyurethane  foam  filler,  which  are  discussed  in  the  structures  section. 
Wing  sections,  empennage,  and  booms  are  also  discussed  in  the  structures 
section. 

The  bulkhead  at  the  rear  of  the  fuel  cavity  is  deleted,  and  the 
estimated  weight  of  the  shroud  is  increased.  The  avionics  weight  is 
reduced  to  6.5  pounds,  based  on  design  group  estimates.  The  remaining 
components:  engine,  propeller,  alternator,  and  servos  remain  unchanged 

from  the  preliminary  estimates. 

Final  Layout  Estimate.  Based  on  the  preceding  discussion  combined 
with  structures,  performance,  and  flight-control  inputs,  the  final  lay- 
out, planform,  and  internal  profile  are  generated.  The  most  significant 
item  used  by  the  structures  analysis  and  the  flight  control  analysis 
(Appendix  B)  is  the  wing  planform.  As  mentioned  in  the  preliminary 
discussion,  the  planform  is  based  on  consideration  of  launch  speed, 
gross  weight,  taper,  twist,  airfoil  selection,  and  sweep. 

The  discussion  of  the  preliminary  planform  holds  for  the  shape 
parameters:  taper,  sweep,  and  airfoils.  The  items  that  are  modified 

are  wing  area,  span,  twist,  and 

^bmax  twist  are  closely  related  in  any  defined  planform  having 
known  taper,  sweep,  airfoil,  and  Reynolds  number.  of  the  wing 
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is  a rather  tedious  function  of  the  above  parameters,  so  Professor 
Larsen's  program  SHRENK  (Larsen, 1975a)  is  modified  for  use  as  a design 


tool  (see  Appendix  A-3-1) . This  algorithm  uses  a linearized  CL~versus- 
Re  relationship  and  standard  aerodynamics  to  calculate  and  spanwlse 

position  of  stall  onset  (yg)  as  a function  of  aerodynamic  and  geometric 
twist  (washout).  The  objective  Is  to  maximize  and  to  bring  yg 

Inboard  of  the  ailerons,  so  that  roll  control  Is  not  lost  near  stall. 

The  results  of  using  this  algorithm  are  listed  In  Appendix  A-3-2  and 
plotted  in  Appendix  A-3-3  for  launch,  cruise,  and  terminal  dive  air- 
speeds. Again,  twist  Is  employed  since  It  Is  assumed  that  a molded 
wing  section  is  used.  The  resulting  wing  is  1.223  for  the  launch 

airspeed  of  50  mph.  Using  Eq  (A-7)  the  required  wing  area  Is  calculated. 


391  Wn 


(A-7) 


Wg  * 120  lb 
^Lmax  " 1*223 


a = 0.915  at  3000  ft  MSL 


V = 50  mph 


391(120) 

(1.223)  (0.915)  (50)2 
= 16.77  ft2 


Let  S = 17  ft^  to  give  some  margin  for  gross-weight  Increase.  This 
estimate  matches  the  preliminary  estimate,  so  all  of  the  dimensions 
of  Table  A-1  apply  for  the  final  planform  estimate  as  well,  as  seen 
in  Table  A-5  and  Figure  A-9. 
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TABLE  A-5 . FINAL 

WING  PLANFORM  ESTIMATE 

wingspan 

b = 10.1  ft 

aspect  ratio 

AR  = 6 

wing  area 

S = 17  ft2 

sweep 

A = 3.17  deg 

dihedral 

r “ 5 deg 

twist 

e = -U  deg 

mean  aerodynamic 

chord 

Cmac  = 21.39  In 

MAC  spanwlse 

position 

y^ac  =26.33  In 

root  chord 

cr  = 26.88  In 

root  thickness 

tr  * 4.03  In 

tip  chord 

Cf.  = 13.44  In 

tip  thickness 

tt  = 2.42  In 

maximum  lift 

coefficient 

Ct = 1 

^ Aircraft  Canter  of  Gravity 
Wing-Half  Aerodynamic  Center 
Wing-Half  Center  of  Gravity 


_ 26.3  ifc. 


■ I 
26.^ 


121.2 


Area  = 17  ft^ 
Dimensions  in  inches 


Tip,  NACA  2518 
Root,  NACA  2515 


I 

» 

I' 


The  airfoil  section  for  the  empennage  is  thickened  to  a NACA  0015 
sjrmmetrical  section  to  strengthen  the  foam  and  allow  room  for  a larger 
spar.  The  planform  areas  are  increased  on  advice  from  Flight  Controls 
(Appendix  B)  to  the  values  shown  in  Table  A-6  below. 

TABLE  A-6.  FINAL  EMPENNAGE  ESTIMATES 

Horizontal  Tail  Section  NACA  0015 


Area 

Sht 

= 4.61  ft2 

Span 

bht 

* 41.5  in 

Chord 

Cht 

- 16  in 

Tall  Length 

It 

“ 60  in 

Thickness 

tht 

“ 2.4  in 

Vertical  Tail  Section 

NACA  0015 

Area  (each) 

Svt 

- 1.46  ft2 

Height 

bvt 

“ 15  in 

Eloot  Chord 

‘Hrtr 

” 16  in 

Tip  Chord 

*^vtt 

* 12  in 

Mean  Aerodynamic  Chord 

^vmac 

- 14.1  in 

Root  Thickness 

^vtr 

= 2.4  in 

Tip  Thickness 

tvtt 

= 1.8  in 

The  overall  vehicle  layout  and  dimensions  are  shown  in  Figure  A-10 
the  package  size  is  shown  in  Figure  A-12  and  the  launch-site  assembly 


; 

■i 

J 

. 

4 


is  shown  in  Figure  A- 11 . 


Structures 


Environment . The  flight  envelope  of  the  Type  I vehicle  Is  divided 
Into  three  main  phases:  launch  and  climb,  cruise  and  loiter,  and 

terminal  dive.  The  Type  II  vehicle  Is  concerned  with  only  the  first 
two  since  Its  fuel-depleted  flight  Is  of  little  value. 

The  laimch-and-cllmb  phase  Is  significant  In  that  the  structure 
must  endure  an  8-g  launch  acceleration  at  full  gross  weight.  It  Is 
anticipated  that  launch  will  occur  somewhere  between  sea  level  and 
3000  ft  MSL,  depending  on  the  local  altitude.  The  vehicle  Is  pointed 
Into  the  wind  In  unprepared  areas,  l.e.,  there  may  be  obstacles  to 
avoid  locally.  The  attitude  of  the  vehicle  at  release  (Oyl)  Is  ss 
near  as  possible  to  that  which  puts  the  wing  at  CT.mgy. 

During  the  launch  run  and  climb  phase,  the  engine  Is  running  at 
the  maximum  power  setting.  The  launcher  pulls  the  vehicle  by  means  of 
a fitting  on  the  ventral  side  of  the  payload  bulkhead.  It  Is  mounted 
there  In  order  to  utilize  a tension-loaded  ventral  stringer  In  order 
to  avoid  buckling  problems.  The  booms  are  supported  by  two  "crutches" 
which  are  part  of  the  launcher  shuttle  (Appendix  F).  Therefore,  the 
special  conditions  encountered  during  launch  need  consideration.  Spe- 
cifically, the  ventral  stringer  load  and  the  bulkhead-stringer  mounting 
point  moments  are  the  most  stringent  and  are  analyzed  In  a later  section. 

The  conditions  that  the  aircraft  encounters  during  cruise  and 
loiter  are  less  stringent  when  compared  to  launch  and  dive.  From  the 
performance  section,  the  crulse-lolter  airspeed  Is  75  miles  per  hour 
at  10,000  feet  MSL.  Fuselage  angle  of  attack  Is  near  zero,  and  turn 
loadings  are  well  below  those  encountered  ruing  terminal  dive. 


?|P,f 


Terminal  dive  is  the  most  severe  environment  that  almost  all  of 
the  components  face.  This  is  due  to  the  fact  that  an  unmanned,  sensor- 


guided  vehicle  gyrates  beyond  the  conventional  loading  charts  which 
use  g-llmlts  and  standard  wind  shear.  In  this  case,  the  maximum 
loading  expected  is  the  maximum  that  the  aircraft  can  see,  i.e., 
steady-state  CL^nv  terminal  speed,  175  miles  per  hour. 

Terminal  dive  speed,  in  this  context,  is  the  anticipated  airspeed 
that  the  aircraft  wil.’.  encounter  in  a typical  dive  situation.  Slope  of 
dive  is  45  degrees,  control  surfaces  are  continually  deflecting,  and 
the  propeller  is  back-winded.  Consequently,  the  steady-state  force 
balances  are  applied  as  the  vehicle  reaches  sea  level , 


D - W sin  45° 


(A-18) 


391  '^term  S 


which  is  solved  for  v 


term 


^ _ ( 391  (W  sin  45°)  1 (A-19) 

^term  " | o S | 

where  W is  the  aircraft  weight  at  the  dive.  Dive  does  not  occur  before 
it  cruises  100  miles,  where  the  weight  is  about  120  pounds.  Cp  “ 0.06 
for  cruise,  but  it  will  vary  somewhat  due  to  control  surface  activity, 
backwash,  and  attitude  change.  The  estimate  is  then  Cj)  = 0.065.  S is 
17  square  feet,  and  o is  1.0  at  sea  level. 


I 391(120) (sin45°)  1 
1 (1) (0.065) (17)  I 


* 173  mph 
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Let  = 175  mph  as  a conservative  estimate.  It  will  be  somewhat 

lower  for  most  cases. 

The  highest  g-loading  that  the  airframe  will  encounter  (n)  in 
a terminal  maneuver  is  found  from  a balance  of  forces. 


n 


^nax 

W 


(A-20) 


°^^term  ^Lmax  ^ 
391  W 


Therefore, 


0 ■=  1.0  (sea  level) 
vterm  * 175  mph 

^Lmax  ” (SHRENK) 

S - 17  ft2 
W - 120  lb 


(1) (175)2(1.43) (17) 
(391) (120) 


= 15.9  or,  rounding  off,  n = 16  g's. 


Materials.  The  low-cost  and  lightweight  constraints  are  contin- 
uing adversaries  in  the  search  for  realistic  materials  to  be  used  in 
this  vehicle.  Therefore,  the  materials  and  manufacturing  techniques 
were  discussed  in  both  general  and  specific  terms  with  two  very  helpful 
engineers  and  chemists,  Mr.  Owens  of  AFFDL,  and  Mr.  Morrissey  of  the 
Air  Force  Materials  Laboratory  (AFML). 

The  conventional  methods  used  in  making  airframes,  riveted  metal 
and  fabric-covered  wood,  put  the  price  of  this  type  of  construction  well 
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out  of  the  $100-$200  price  target.  Super-lightweight  model  aircraft 


builders  use  naterials  like  balsa,  tissue,  and  hot-wired  styrofoam. 


Unfortunately,  these  materials  lose  their  weight  advantage  when  high 


strength  is  required.  The  AFFDL  Teleplane  Project  has  been  using  styro- 


foam and  plywood  in  RPV  construction  for  many  years,  and  it  has  proved 


very  acceptable  for  prototypes  in  this  weight  class.  However,  this 


method  requires  a great  deal  of  hand  labor  and  is  a very  expensive 


approach  in  production. 


The  alternative  suggested  by  Major  Hoy  and  Mr.  Lowe  (AFFDL)'  is  a 


self-skinning,  medium-density,  rigid  polyurethane  foam.  The  advantages 


of  using  this  type  of  skin-support  material  are  many.  The  foam,  when 


molded,  foimis  its  own  tough,  colorable,  rigid  skin  a few  mils  thick 


(Stengard,  1974:137).  Skin  thickness,  foam  density,  and  rigidity  are 


readily  controlled  by  proper  mold  temperature,  chemistry,  and  pouring 


techniques  (Morrissey,  1975).  The  Teleplane  Program  has  samples  of 


wing  and  fuselage  sections  made  with  this  technique,  and  they  appear 


quite  satisfactory  in  use  in  this  project. 


The  foam  Itself  is  stressed  only  to  the  extent  that  it  carries 


the  aerodynamic  loading  from  its  external  skin  to  the  spar.  That  is. 


the  spar  is  assumed  to  transmit  and  resist  all  bending,  shear,  and 


torque  encountered  by  the  component  (see  Figure  A-13).  There  are  dif- 


ficulties with  this  assumption,  however.  Data  is  not  available  to 


describe  the  mechanical  properties  of  a skinned  foam  for  any  configura- 


tion remotely  resembling  the  one  anticipated.  Consequently,  the  design 


approach  depends  on  estimates  that  the  qualitative  evaluation  of  the 


technique  is  reasonable  (Hoy  and  Morrissey,  1975).  This  caution  is 


mentioned  in  the  summary. 
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Polyurethane  Foam  Core 


Figure  A- 13.  Primary  Wing  Section 


An  alternative  to  the  molded  polyurethane  foam  is  a blow-molded 
fiberglass  reinforced  plastic  (FRP)  such  as  polycarbonate  (Owens,  1975 
and  Waterloo,  1974:278-284).  This  method  is  attractive  for  its 
ability  to  use  the  plastic  as  the  major  structrue,  possibly  without 
using  aluminum  spars  at  all.  Unfortunately,  FRP  blow  molding  appears 
to  be  quite  a bit  more  expensive  than  simple  polyurethane  foam  molding 
(Morrissey  and  Allinkov,  1975).  This  approach  Invites  further  work  if 
the  polyurethane  foam  approach  falls  or  blow-molding  becomes  more  cost- 
effective.  But,  for  the  purposes  of  this  design  effort,  the  molded- 
polyurethane,  self-^'sklnning  foam  approach  is  used. 

The  problem  of  supporting  the  loads  encountered  by  the  skinned- 
foam  wings,  empennage,  and  fuselage  (E- Systems,  1974a)  is  solved  by 
using  tubular  spars  in  areas  where  it  is  expected  that  the  foam  is  in- 
sufficient. The  most  conventional  spar  material  is  aluminum;  and  it  is 
very  cheap,  common,  workable,  and  well-documented.  Aluminum  is  avail- 
able in  a plethora  of  stock  shapes  and  sizes.  It  is  vreldable,  bendable 


affordable,  and  available.  The  most  generally  applicable  shape  is  the 
circular  tube  which  comes  stocked  in  a wide  range  of  sizes.  The  alloys 
of  aluminum  are  many,  but  the  one  most  applicable  to  this  design  is  the 
6061-T6  for  three  reasons:  stiffness,  workability,  and  availability  in 

the  stock  sizes  needed  (Alcoa,  1956:53).  Other  alloys  have  favorable 
properties,  but  they  are  not  available  in  the  stock  sizes  necessary. 

Composites,  in  general,  are  discouraged  for  this  application  on 
the  basis  of  their  higher  cost.  However,  fiberglass-reinforced  poly- 
carbonate (FRP)  is  evaluated  on  the  absis  of  cost  for  an  aluminum-stiff 
structure  and  cost  for  an  aluminum-strong  structure.  The  basic  structure 
weight  involved  is  calculated  later  in  this  chapter  under  wing  and  fvise- 
lage  structure  requirements.  It  should  also  be  noted  that  fiberglass- 
reinforced  polycarbonate  spars  of  the  size  required  are  not  stock 
items.  The  reinforced  polycarbonate  cost  estimate  is  based  on  the  spe- 
cific cost  (dollars  per  pound)  of  a 2-inch  diameter  FRP  rod.  Unrein- 
forced polycarbonate  cost  is  based  on  2— inch  diameter,  1/8— inch  wall 
tube  (Dayton  Plastics,  1975).  Aluminum  specific  cost  is  based  on  large 
lots  of  stock  extrusion  (Alcoa,  1975).  The  comparison,  shown  in 
Table  A-7,  is  based  on  the  following  relationships. 


SEM  = - 

(A-21) 

Y 

SFY  = ^ 

(A-22) 

Y 

SIIF$  - ^ 

(A-23) 

STRONGS  - ^ 

(A-24) 

A-42 


where 


S$  * specific  cost  of  material 
SEM  = specific  elastic  modulus 
SFY  = specific  yield  strength 
STIF$  = relative  cost  of  stiffness 
STRONG$  » relative  cost  of  strength 
E * modulus  of  elasticity 
Y = specific  weight 
fy  * yield  stress 


TABLE  A-7.  ALUMINUM /POLYCARBONATE  TRADEOFF 


Specific 

Cost 

($/lb) 

Specific 

Elastic 

Modulus 

Specific 

Yield 

Strength 

Relative 

Stiffness 

Cost 

Relative 

Strength 

Cost 

Aluminum 

0.80 

38.0 

13.0 

0.021 

0.062 

Unreinforced 

Polycarbonate 

7.50 

2.83 

11.25 

2.65 

0.67 

40%  Fiberglass 

Polycarbonate 

7.84 

9.21 

21.0 

0.85 

0.37 

Plywood  is  a cheap  and  versatile  material,  but  it  suffers  from 
high  fabrication  cost  in  that  it  requires  cutting,  finishing,  and 
attaching.  It  is  not  cheap  enough  for  use  as  a skin  or  strong  enough 
for  most  structural  components.  However,  it  Is  ideal  for  use  as 
bulkheads  since  it  requires  only  one  peripheral  cut  and  is  a common 
material  for  mounting  boxes  and  flanges.  Many  othqr  materials  are 
available;  but  their  cost,  weight,  or  manufacturability  leave  a great 
deal  to  be  desired  in  applications  on  slow,  lightweight  mini-drones  of 
this  type  (Ad«ms,  1971). 
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Msnufacturlns  Technii„e„.  The  significant  questions  Involved  here 

are  the  problems  of  foam-spar  adhesion  and  wing-aileron  and  stabiliser- 

rudder  mating.  The  problem  of  adhesion  of  the  polyurethane  foam  to  an 

aluminum  spar  is  not  serious.  The  foam  skins  against  the  spar  as  well 

as  the  mold,  and  this  skin  adheres  quire  well  since  no  release  agent  is 
used  (Morrissey,  1975). 

The  problem  arises  when  considering  the  stress  flow  from  the  aero- 
synamlcally  loaded  skin  to  the  spar  (see  Figure  A-13) . The  lower  density 
foam  between  the  skin  and  spar  has  questionable  properties.  Indeed, 
there  appears  to  be  no  useable  Informatloi  available  to  conclusively 
describe  the  ability  of  this  scheme  to  work  in  this  configuration.  There- 

fore,  it  must  be  assumed  that,  after  a small  amount  of  research  and 
development,  it  will. 


This  assumption  is  made  at  some  risk,  but  the  alternative  solution 
involves  only  a slightly  higher  cost.  If  the  simple,  cast-in  spar 
arrangement  proves  unsatisfactory,  it  should  he  an  easy  matter  to  remedy. 
One  attractive  solution  is  to  attach,  by  means  of  adhesive  or  spot- 
welding.  an  intermediate  structure  of  light  plastic  or  metal  mesh 
about  the  wing  spar  in  a manner  shown  in  Figure  A-14.  The  purpose  of 
the  mesh  is  to  act  as  a skinning  surface  for  the  foam.  The  result  is 
a foam  cross-section  that  no  longer  depends  on  the  strength  of  the 
lighter  density  core  but  is  now  able  to  transmit  stresses  through  a 
stronger,  higher  density  layer  at  the  mesh.  To  repeat,  this  course 
adds  little  weight  and  some  minor  labor  and  materials  cost,  but  it 

should  only  be  necessary  if  the  original  foam-spar  process  proves  In- 
adequate  during  test. 


Figure  A-  14.  Alternate  Wing  Section 


The  problem  of  cheaply  mating  the  control  surfaces  is  more  easily 
solved.  E-Systems  (Morrissey,  1975)  has  demonstrated  a technique  for 
molding  the  wing  and  aileron  as  one  piece,  using  a fiberglass  hinge 
molded  Integrally  with  the  foam.  Unfortunately,  their  technique  suffers 
from  alignment  and  fatigue  problems  and  is  quite  unsatisfactory.  The 
approach  seems  valid,  so  this  design  effort  Includes  this  type  of 
Integral  molding,  except  that  the  hinge  is  a perforated  mylar  strip. 

The  perforations  allow  the  foam  to  mechanically  hold  the  strip,  and 
the  mylar  is  used  since  it  is  a very  strong  and  flexible  material.  It 
can  be  easily  and  cheaply  punched  and  cut.  There  are  numerous  ways  of 
applying  the  mylar  strip  hinge,  but  this  one  seems  most  satisfactory 
(see  Figure  A-  15) . 


Figure  A-  15.  Hinge  Molding  Scheme 


Load  Analysis.  The  general  approach  in  analyzing  the  secondary 
structure  required  (spars,  stringers,  booms)  is  to  select  the  critical 
loading  and  strength  points,  assess  the  nature  and  magnitude  of  the 
loads,  and  select  the  llghtest-weight  structure  to  handle  it.  As  shovm 
in  the  discussion  of  flight  environments,  the  most  critical  points  af- 
fecting structures  are  launch  and  terminal  maneuvers.  The  most  re- 
strictive case  is  evaluated  for  each  component  examined.  Safety  factor 


is  Ignored,  since  the  vehicle  Is  unmanned  and  usually  encounters  max- 
imum loading  on  terminal  dive  where  yielding  is  no  longer  Important. 

Wing  Loading.  Analysis  of  the  more  significant  forces  on  the 
wings  shows  that  the  major  area  of  concern  is  the  strength  of  the  spar 
at  the  point  of  fuselage  Intersection,  i.e.,  where  the  carry-through 
spar  ends.  It  is  considered  that  each  spar  is  cantilevered  at  that 
point  and  is  acted  upon  by  lift  (L)  at  the  AC,  drag  (D)  at  the  AC, 
Inertia  at  the  wing  CG,  Inertia  of  the  body  (without  wing  or  tail), 
and  inertia  of  the  tall.  This  setup  is  shown  in  Figure  A-16. 

Looking  first  at  the  wing  Intersection  moment  about  the  X-axis 
(M^i)  and  using  balance  of  moments  (see  Figure  A-16) , 


■ m[Y  (Wd  + Wf)yai  “ Ww  ywi  ~ 2 (A-25) 


Likewise,  the  moment  balance  equation  about  the  y-axis  is 


Myi  * m(Wbd+Wf)  - n(WhtZht  ” Wyt^ht) 


(A-26) 


For  the  moment  about  the  Z-axis, 


Mzl  = n YwlWw  + I Ybi(Dt  + Wt)  + | Y^iDv, 


(A-27) 


Using  the  standard  drag  relationship  from  Eq  (A-18) , Eq  (A-28)  is  mod- 
ified to 

Mzi  “ II  YwiWw  + T ^1,1(3^  v2Ci)j.St  + Wt)  + y Yai  3^ 


where  M^i  “ moment  about  x— axis  intersection 
Myi  “ moment  about  y-axis  intersection 
Mzl  “ moment  about  z-axis  intersection 
_Cjjy-b  tail  dragr  coefficient  ~ 
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Cd^  “ wing  drag  coefficient 
Dt  * tall  drag 
* wing  drag 

m = number  of  maneuver  g s 
n * number  of  launch  g’s 
St  * tall  area 
Sw  = wing  area 

V = airspeed 

Wbd  = dry  weight  of  body  (Wg  less  wing  and  empennage) 
Wd  = dry  weight  of  vehicle  (Wg  less  fuel) 

Wf  = weight  of  fuel  present 
= weight  of  horizontal  tall 
Wt  ■ weight  of  empennage 
Wyt  * weight  of  vertical  tall 
W„  - weight  of  one  wing 
Xw  * distance  between  body  CG  and  spar 
Yal  - distance  from  intersection  to  AC 
Ybi  * distance  from  intersection  to  boom 
Ywi  * distance  from  intersection  to  wing  CG 
tbt  * height  of  horizontal  tail  above  wing  spar 
0 * altitude  density  ratio 

The  values  used  are; 

CDt  “ 0-05 

= 1.223  (launch) 

=0.6  (terminal) 
m = 1 g (launch) 

= 16  g (terminal) 
n = 8 g (launch) 

= 0 g (terminal) 

Sj  • 4 
S„  - 17  ft2 


= 50  mph  (launch) 

“ 175  mph  (terminal) 

- 70  lb 

- 100  lb 

- 15  lb  (at  IP) 

- 4.2  lb 

- 10.4  lb 
= 1.1  lb 

- 10.1  lb 

= 6.4  in  (launch) 

= 12  in  (terminal) 

= 20.3  in 

- 12  in 

- 21.5  in 

■ 1.0  (sea  level) 


The  results  are  shown  below  in  Table  A-8. 


TABLE  A-8.  WING  INTERSECTION  LOADING 


Load  Moment 


Launch  Value  I Terminal  Value 


Mxi  (in- lb) 
Myi  (in- lb) 
M;si  (in-lb) 


iJ, 


10,192 

1,127 


Table  A-8  clearly  shows  that  terminal-dive  maneuvering  is  the 
dominant  wing  loading  factor.  Using  the  above  terminal  loads,  Eqs 
(A-30)  , (A-31) , and  (A-33)  are  used  to  find  bending  moment  (Mbi)  , 
torque  (Mgi) , and  minimum  section  modulus  by  using  handbook  examples 
(Simin)  (Alcoa,  1956:88,97,98). 


SF-K-  i V'" 


(in-lb) 

yMyi  (in-lb) 

(Mbj2  + 4Msi^)^^^  (^^3) 


(A-29) 


(A-30) 


(A- 31) 


Using  the  terminal  numbers  from  Table  A-8  and  the  common  value  fy  * 
35,000  pounds  per  square  inch  (Alcoa,  1956:53),  the  minimum  required 
section  modulus  for  the  wingspan  is  Si  ■ 0.438  Inches  cubed.  The  ].lght 
est  aluminum  tubes  that  satisfy  this  requirement  are  shown  in  Table 
A-9  (Alcoa,  1956:757). 


TABLE  A-9.  TUBE  PROPERTIES 


Spar 

Diameter  (in) 


Wall 

Thickness  (in) 


Section 
Modulus . (in^) 


Total  Spar 
Weight  (lb) 


From  the  data  above,  it  is  clearly  advantageous  to  discount  the  antic- 
ipated leads  slightly  to  gain  a weight  savings  of  2.6  pounds  in  wing 
weight  by  choosing  the  second  of  the  three  spars  listed.  Since  the 
actual  attack  loading  is  untested,  this  tradeoff  seems  reasonable. 

In  order  to  minimize  the  torsion  loading  encountered  by  the  foam, 
it  is  decided  to  move  the  wing  spar  forward  to  the  quarter-chord  line. 
Since  this  airfoil  section  has  a very  low  moment,  the  minimum-moment 
position  is  near  the  line  of  AC's. 


Carry~through  Spar«  The  wings  are  attached  to  the  fuselage  by 
sliding  the  wing-spar  extensions  into  the  carry-through  spar  mounted 
in  the  fuselage  (see  Figure  A-11) . The  carry-through  must  be  large 
enough  to  accommodate  the  wing-spar  diameter  and  strong  enough  to 
carry  the  wing  loading  discussed  above.  The  root  (centerline)  load 
analysis  is  similar  to  that  of  the  intersection  load  analysis  with  the 
exception  of  the  y-axis  dimensions.  Since  the  intersection  is  6 inches 
out  from  the  centerline,  the  following  parameters  are  derived  (see 
Figure  A-16) ; 

Yar  = Yai  + 6 in  = 26.3  in 
Ybr  * Ybi  + 6 in  = 18  in 
Ywr  ' Ywl  + 6 in  “ 27.5  in 

Using  Eqs  (A-25) , (A-26) , and  (A-28) , the  following  equations  are 
formed  by  similarity. 

Mxr  * (Wd  + Wf)  Yar  “ W^^Ywr  “ J ^tYbr]  (A-32) 

Myr  - Myi 

Mzr  = n YwrWw  + J ^brC^fx  v^CDtSt  + Wt)  + y Yar  v2  Cd^Sw  (A-34) 

where  Mxr»  Myr»  ^nd  Mgr  the  components  of  the  wing  root  moment. 

The  values  for  these  three  parameters  are  shown  in  Table  A- 10. 


TABLE  A-10.  WING  ROOT  LOADING 


Load  Item 

Launch  Value 

Terminal  Value 

Mxr  (in-lb) 

1129 

17,424 

Myr  (in-lb) 

-138 

10,192 

Mzr  (in-lb) 

2486 

1,460 

A-52 

Eqs  (A-29)  , (A-30)  , and  (A-31)  are  used  to  find  the  minimum  required 
section  modulus  for  the  carry-through  spar  (Sy)  • The  result  is  Sr  = 
0.439  inches  cubed.  The  section  required  to  accompany  the  wing  spar 
and  root  loading  is  a 2.5-inch  diameter  and  | - inch  wall  thickness 
tube  with  a weight  of  1.10  pounds. 


Booms . Each  boom  is  in  the  form  of  an  aluminum  tube  connecting 
the  leading  edge  of  the  vertical  tail  spar  to  the  wing  spar.  This  con- 
figuration results  in  a total  boom  spar  length  about  the  same  as  the 
tail  moment  arm,  about  5 feet.  The  boom  is  attached  to  the  vertical 
tail  spar  by  means  of  rivets  and  to  the  wing  spar  via  a sleeve  welded 
to  the  spar.  The  boom  slides  into  the  sleeve  and  is  held  in  place  by 
a simple  slot-pin  detent.  The  pin  is  held  in  by  pre-loading  the  hor- 
izontal tail  spar  (see  Figure  A-17).  The  result  is  that  the  boom  is 
cantilevered  at  the  sleeve  end. 

The  critical  stress  areas  are  easily  seen  to  be  the  points  where 
the  boom  enters  the  sleeve  and  where  the  sleeve  is  attached  to  the 
wing  spar.  The  conservative  assumption  made  here  is  that  during  any 
portion  of  the  flight,  all  balance  forces  are  handled  by  the  empennage 
This  is  reasonable  since  this  is  a low-moment  wing  with  the  boom  at- 
tachment at  the  wing  quarter-chord.  Again,  referring  to  Figure  A-l6, 
the  balance  of  moments  equations  for  the  sleeve  at  maximum  terminal 
maneuver  are 


^xs  ~ 391  ^term  ^Lmaxvt  ^vt 


ht 

2 


M 


ys 


Iv 


(A- 


(A- 


M * -St  vf  ^ s . (A 

xs  391  term  Lmaxvt  vt  t 

where  M , M , and  M are  the  moments  at  the  sleeve-spar  interface, 
xs  ys  * zs 

a = density  ratio,  and  V = termineJ.  airspeed. 
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^Lmaxvt  * vertical  tail 

» vertical  tail  area 

^ht  * height  of  vertical  tail  above  the  wing  spar 

Myj.  « moment  at  the  wing  root  at  y-axis,  Eq  (A-33) 

These  moments  are  calculated  using  the  attack  conditions  noted  earlier. 
That  is , 

c ■ 1 (sea-level) 

'^term  “ mph 
Zht  * 16  in 
Myr  * 10,192  in- lb 
Svt  * 1.56  ft2 

^Lmaxvt  ” (Jacobs,  1934:42) 

* 60  in  (Appendix  B) 

The  resulting  attack  moments  are 

Mxs  - 489  in-lb 
Myg  * 5096  in-lb 
Mj5s  = 3666  in- lb 

Using  the  relationships  from  Eqs  (A-29) , (A-30) , and  (A- 31), 

Mbs  * (Myg2  + M2s2)^/2 

= 6278  in-lb 

Mss  “ Mxs 

= 489  in-lb 
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t 


Ss  ' ^ <«bs^  + 4 
= 0.182  ln3 

The  minimum  section  modulus  for  the  boom  is  now  found  by  using 
similar  equations  and  conditions  but  using  the  boom-sleeve  Intercept 
as  the  design  point  (see  Figure  A-l6).  This  reduces  the  effective  boom 
length  (l|j)  by  the  sleeve  length,  10  Inches.  The  resulting  moments  are 
found  using  Eqs  (A-35),  (A-36),  and  (A-37).  The  results  are 

Mxb  = 489  In-lb 
Myb  = 3055  In-lb 
Mzb  “ 4247  in-lb 

Applying  these  values  to  Eqs  (A-29),  (A-30) , and  (A-31)  yield 
the  values 


Mbb  “ 5232  in-lb 
Mgb  = 489  in-lb 
Sb  - 0.152  ln3 

The  minimum-weight,  aluminum-tube  section  that  satisfies  this 
minimum  section  modulus  has  a 2-inch  diameter,  1/16-inch  wall  thickness, 
0*179-lnch  cubed  section  modulus,  and  weight  of  1.94  pounds.  The  as- 
sociated minimum-weight  sleeve  associated  with  that  boom  has  a 2-1/4 
inch  diameter,  1/16-lnch  wall  thickness,  0.229-inch  cubed  section  mod- 
ulus, and  weight  of  0.42  pounds  (Alcoa,  1956:257). 

Horizontal  Tail  Spar.  Figure  A-17  shows  that  the  horizontal  tall 
spar  can  be  represented  as  shown  in  Figure  A-l8a. 


I 
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The  loading  is  assumed  to  be  uniform  over  the  spar  length.  This 
layout  is  simplified  as  shown  in  Figure  A-l8b  to  a uniform  load  between 
pins  with  end  moments.  The  total  load  is  twice  the  end  load  seen  by 
each  boom,  so  the  spanwise  loading  is  shown  by 


Myb 


^ht  bht  ^b 


(A-38) 


2.72  lb /in 


where 


Myb 


bht 


3055  in-lb 
50  in 
45  in 


The  tall  support  pins  are  36  inches  apart  with  4.5-inch  overhangs,  and 
the  end  momenta  (Mg)  are  calculated  using  the  diagram  in  Figure  A-l8c 
(American,  1965:2.126). 


Me 


^ht^'e^ 


(2.72)(4.5)' 

2 


(A-39) 


- 27.54  in-lb 

Using  the  diagram  in  Figure  A-l8b,  the  maximum  moment  encountered 
(Mmflv)  is  found  (American,  1965:131). 


^ht  ^e^  _ „ 

Mmax  “ 8 “Me 

= 725.8  in-lb 


(A-40) 
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using  Eq  (A-31)  where  Mb  » M^ax  ^ “ 


S » 0.021  in^ 

. is  used  with  a chord  of  16  inches,  the  largest- 
Since  a NACA  0015  section  is  used  .«rd-size 

. .eable  i.  2 inches.  Hcevsr.  the  lightest  standard  size 

diameter  tu  an  „11  spar  strength  requirements  has  a 

tube  that  meets  the  her 

1-3/4  inch  diameter.  1/32-mch  «all.  and  welg 

'’“'“elal  lall.  Using  the  dimensiens  sho„n  in  .ignre  A-l6,  the 

lTc^TlB  the  moment- 

.me  spar  for  the  vertical  tail  is  fonnd.  Using 
mnimum  useable  spar 

balance  method,  the  following  relationship, 
and  torque  (Mst)  ^re  found 

Mbs  Xt 
Mbt ip 

- 837  in-lh 


where 


. bending  moment  at  boom  intercept 
Mbu  - sleeve-root  moment  - 6278  in-lb 
Xt  - distance  aft  from  boom  to  stabilator  pivot 

. length  of  tall  arm  - 60  in 


Mgt  * Mgs 

= 489  in-lb 


Using  Eq  (A-31) , 


S * ^ (Mbs^  + ^ Mgg2)l/2 

- 0.037  in^ 


■s)'  . 


^ ^ . ^ . ,.  ...-  I — ^rrrr^ — ^pnir — f 


The  lightest  satisfactory  stock  tube  has  a 1-1/2  inch  diameter,  1/32- 
f inch  wall,  and  weight  of  0.34  pounds. 

I Fuselage.  The  fuselage  loading  and  spar  selection  is  based  on  the 

I structure  presented  in  Figures  A-17  and  A-19*  The  major  items  of 

interest  are  the  launcher  force  (Fj^),  the  engine  thrust  at  launch  (Tj;,) 
aircraft  inertia  (nwg) , and  wing  lift  (L) . The  three  stringer  tubes 
(two  dorsal,  one  ventral)  are  assumed  to  be  cantilevered  from  the  bulk- 
heads, since  they  are  mounted  with  flanges  bolted  to  the  bulkhead. 

The  launch  loading  on  the  dorsal  stringer  is  decomposed  into  its 
major  components  (see  Figure  A-19s)»  wing  moment  (M^) > inertia  moments 
(Mg) , and  end  moments  (M]^  and  M2) • Since  there  are  two  dorsal  stringers 
i Mjy,  and  the  inertia  moments  are  distributed  to  the  six  flange 
mounts,  Ma  * j Ml*  Therefore, 

Ml  - FlZl  > Mry  (A-A3) 

where  Ml  “ total  launcher  moment 

Fl  = launcher  force 
Mry  “ wing-root  moment  at  y-axis 
Zl  = height  from  launcher  probe  to  CG 

using  the  values 

Zl  = 7 in 

Fl  = 880  lb  (Appendix  F) 

Mry  * -138  in-lb  (at  launch) 
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The  results  are  M ^ = "6022  inch-pounds  and  = -1004  inch-pounds. 
End  moments  are  calculated  from  the  standard  equations  (Priest.  1965 

157). 


where 


Using  the  values 


the  results  are 


Ml  = 

Ma  - 

Mw  Xb 

-Yr~ 

(i-3Xa) 

M2  * 

Ma  - 

Mw  Xa 

(2i-3Xa) 

6Mv,Xz2xb 

M^.  - 

Ml  + 

Mw  + 

M_  = 

Mo- 

Mw 

Mw  - 

wing 

moment 

i = length  of  each  stringer 


Xa  ® distance  from  payload  bulkhead  to 
carry-through  spar 

■ distance  from  spar  to  engine  bulkhead 
* moment  just  ahead  of  spar 
M “ moment  just  behind  spar 

- I Mjy  - -69  In-lb 
A - 27  in 


Xg  = 17.5  in 


= 9.5  in 

= -1027  in-lb 
M2  = -1002  in-lb 
M+  = -1157  in-lb 
M = -1088  in-lb 


This  shows  that,  for  launch,  the  maximum  dorsal  moment  is  M^ax 
inch-pounds . 


The  loading  on  the  ventral  stringer  is  also  of  concern,  ihe 
tension  stress  through  the  stringer  during  launch  is  calculated  trom 


Ft  = l^al  ■*"  A 


(A-48) 


where 


Fl  * ventral  stringer  launch  stress 
M-  = comer  launch  moment 

a 

Sy  * ventral  stringer  section  modulus 

Fl  * launch  force 

= ventral  stringer  sectional  area 


Using  the  values:  Ma  * -1004  in- lb 


Fl  “ 880  lb 

S “ 0.022  in^  for  a one-inch  diameter,  l/32-inch 


wall  tube  (Alcoa,  1956:257) 


A^  “ 0.095  in^ 


The  resulting  stress.  Fj,  - 9285  pounds  per  square  Inch  is  much  less 
than  the  yield  stress  of  the  material  (35,000  lb/in2).  Which  iKans 
that  the  lightest  1-inch  diameter  tube  is  adequate. 

The  attack  maneuver  is  another  critical  time  for  load  analysis, 
as  shown  in  Figure  A-19b.  This  analysis  is  simplified  by  coi. ridering 
the  dorsal  load  due  to  the  wing  lift  (L)  and  moment  (Mw)  as  pro- 
duced by  two  separate  forces  (Fi  and  Fz).  This  is  reasonable,  since 
the  carry-through  spar  is  supported  by  U-bolf.s  into  each  dorsal 
stringer.  The  dimension  d is  the  distance  between  the  U-bolt  ends,  2.75 
inches.  The  forces,  Fi  and  Fz,  are  found  from  the  balance  equations, 

Fl  + Fz  = L and  F^d  - Fzd  - 2 Mw-  The  resulting  values  are  Fi  = 2178 
pounds  and  Fz  = -1530  pounds.  The  dimensions  a^,  b^,  and  b2  are 


-•  w-  -f--' 


found  by  using  and  and  centering  the  U-bolt.  The  values 


follows : 


are  as 


= 16.125  In 
^2  “ 18.875  in 
b]^  = 9.875  in 
b2  = 7.125  in 
A - 27  in 
Mj,  - 5096  In-lb 
d = 2.75  in 
L = 648  lb 


L and  Mj,  are  found  for  a 16-g  terminal  maneuver.  Superimposing  the 
single-force  beam  equations  (American,  1965:2.125)  yeilds 


Fibi2 


bi2  Fob"2 

3 (3ai+bi)  + ---3^  (3a2+b2> 


377  lb 


(a3+3b3>  + 


(a2+3b2> 


= 231  lb 


The  comer  moments  are  (AISC,  1965:2.125) 


(A-49) 


(A-50) 


jj  _ Fiaibi^+F2a2b2^ 

^ ~ £2 

= 2687  In-lb 


(A-51) 


.WriAi 


I 


Fiai2bi+F2a22b2  (A-52) 

^2 12 

■ 2344  In- lb 

The  moment  at  the  carry-through  spar  is 

Me  - lil  [Riai^'>l+R2“2^'>2l 

= 2800  in-lb 

The  preceding  celculetlone  show  that  the  wexl—  expected  dorsal  moment 
is  2800  inch-pounds  at  the  carry-through  attachment.  The  ventral 
stringer  loading  Is  much  less,  since  the  wing  moment  le  not  applied 

directly. 

looking  at  all  of  the  above  loadings.  It  la  obvious  that  the  most 
severe  load  is  encountered  during  terminal  maneuvers  at  the  carry- 
through  spar  attachment,  M^x  " l”th-pounds.  Therefore,  E,  (A-31) 

is  used  to  show  the  minimum  dorsal  stringer  section  modulus. 

%ax 

= 0.080  in3 

This  necessitates  the  use  of  a tube  with  a 1-inch  diameter,  3/16- 
inch  wall,  and  a weight  of  1.3  pounds  for  each  dorsal  stringer.  The 
total  weight  of  the  three  stringers  is  2.9  pounds.  Tubing  is  not  the 
most  efficient  cross-section  for  bending,  but  no  other  suitable  stock 
sections  fit  this  fuselage.  Fuselage  redesign  might  result  in  some 
weight  savings  but  it  is  not  expected  to  be  significant. 


Ill 


The  weight  and  section  characteristics  of  the  above  structural  com- 
ponents are  listed  below  in  Table  A-11. 

TABLE  A-U.  ALUMINUM  STRUCTURE  SUMMARY 


Component 

Number 

Used 

Diameter 

(in) 

Wall 

Thickness 

(in) 

Length 

(in) 

Weight 

each 

(lb) 

» 

Total 
wt  (lb) 

Wing  Spar 

2 

2-1/4 

1/8 

58 

4.74 

9.5 

Carry-through 

1 

2-1/2 

1/8 

12 

1.1 

1.1 

Boom 

2 

2 

1/16 

52 

1.54 

3.9 

Boom  Sleeve 

2 

2-3/4 

1/16 

12 

0.51 

1.0 

Horlz.  Tall 
Spar 

1 

1-3/4 

1/32 

45 

0.75 

0.8 

Vertical  Tall 
Spar 

2 

1-1/2 

1/16 

24 

0.34 

0.7 

Dorsal 

Stringer 

2 

1 

3/16 

28 

1.30 

2.6 

Ventral 

Stringer 

1 

1 

1/32 

28 

0.30 

0.3 

Weight  Calculations.  The 

following  discussions  deal 

with  esti- 

mating  the  weights  of  skinned-polyure thane  foam  parts  cast  around  the 
associated  aluminum  structural  member.  The  foam  normally  considered 
for  this  application  is  a rigid,  freon-blown,  6 pound  per  cubic  foot 
density  foam  commonly  available  (Morrissey,  1975).  The  approach  is  to 
find  gross  component  volume,  subtract  cavity  and  spar  volumes,  and 
calculate  the  remaining  weight  of  foam.  These  estimates  are  presented 


along  with  spar  and  total  foam-component  weights  in  Table  A- 12. 


overall  fuselage,  1.31 
avionics  bay,  0.19 
fuel  tank,  0.37 
alternator  bay,  0.06 
wing  root  hump,  0.51 
carry-through  spar,  0.03 

The  resulting  foam  volume  is  1.31-0.19-0.37-0.06+0.51-0.03  * 1.12 
cubic  feet.  Using  6 pound  per  cubic  feet  foam,  the  weight  estimate  of 
the  foam  is  6.77  pounds.  This  is  added  to  the  weights  of  the  stringers, 
engine  cowling,  and  carry-through  spar  to  find  the  total  fuselage 
weight  of  11.8  pounds. 

TABLE  A- 12.  FOAMED-COIIPONENT  WEIGHTS 


Component 

Foam 
wt  (lb) 

Structure 
wt  (lb) 

Total  Component 
wt  (lb) 

Fuselage 

6.77 

5.0 

11.8 

Wings 

15.46 

10.5 

26.0 

Horizontal  Tall 

3.00 

0.75 

3.8 

Vertical  Tails 

1.70 

0.68 

1.2 

The  volume  of  foam  required  for  the  wings  and  empennage  is  based 
on  a ratio  of  cross-sectional  area  to  chord  relationship. 


V = b c 


mac 


c^ 


(A-54) 


where  ^ is  estimated  by  trapezoidal  rule  from  the  station  coordinates 


presented  for  each  airfoil  (Jacobs,  1935:17,18).  The  ratios  A/c  for  the 


wing  and  tail  are: 


wing;  A/c2  - 0.1  L7,  tip 
- 0.098.  root 
tall;  A/c^  * 0.078 

Other  component  weights  are  discussed  below.  The  known  component 
weights,  in  pounds,  are:  payload,  -25;  servos,  0.2  each;  engine, 

12;  and  propeller,  2.  Avionics  weight  is  estimated  at  6.5  pounds 
from  the  mission  and  navigation  study  as  recommended  by  the  RPV  SPO. 
Bulkhead  weights  are  estimated,  using  l/2-inch  standard  plywood,  at 
1 pound  each.  A representative  alternator  weight  is  estimated  in 
Appendix  D at  6 pounds.  The  payload  shroud  is  estimated  at  1.4 
pounds  by  using  a 1/16-inch  thick  polycarbonate  shell.  Fuel  weight  is 

discussed  in  the  following  section  (Performance). 

The  weight-and-balance  estimate  for  the  vehicle  at  launch  is  shown 
below  in  Table  A-13.  The  changes  in  CG  location  as  a function  of  fuel 
consumption  are  shown  in  Figure  A-9  and  are  tabulated  in  Appendix 
A-5-5.  The  component  CG’s  are  illustrated  in  Figure  A-7. 


TABLE  A-13 


FINAL  WEIGHT  AND  BALANCE 


Component 

Fuel 

Payload 

Fuselage 

Left  Wing 

Right  Wing 

Horizontal  Tall 

Left  Vertical  Tall 

Right  Vertical  Tall 

Aileron  Servo  L 

Aileron  Servo  R 

Rudder  Servo  L 

Rudder  Servo  R 

Elevator  Servo 

Engine  Servo 

Payload  Shroud 

Avionics 

Propeller 

Engine 

Alternator 

Left  Boom 

Right  Boom 

Payload  Bulkhead 

Engine  Bulkhead 

TOTAL  AIRCRAFT 
AT  LAUNCH 


X-axls 

Weight  Location 
(lb)  (In) 


21.5 

30.6 

25.0 

9.5 

11.8 

33.0 

13.0 

33.0 

13.0 

33.0 

3.75 

92.0 

1.2 

92.0 

1.2 

92.0 

0.2 

33.0 

0.2 

33.0 

0.2 

93.0 

0.2 

93.0 

0.2 

93.0 

0.2 

43.0 

1.4 

5.0 

6.5 

17.0 

2.0 

50.0 

12.0 

46.0 

6.0 

42.0 

1.95 

60.0 

1.95 

60.0 

1.0 

15.0 

1.0 

43.0 

125.0 

32.68 

Y-axls 

Location 

(In) 

Z-axls 

Location 

(In) 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

6.5 

0.0 

6.5 

0.0 

23.0 

-19.0 

12.0 

19.0 

12.0 

-25.0 

6.0 

25.0 

6.0 

-19.0 

8.0 

19.0 

8.0 

0.0 

20.0 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

-18.0 

6.5 

18.0 

6.5 

0.0 

0.0 

0.0 

0.0 

0.0 

2.54 
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Performance 


The  approach  used  to  estimating  the  vehicle  performance  and 
parameters  necessary  to  satisfy  the  mission  requirements  is  based 
on  commonly  used,  preliminary-performance  techniques  employed  at  a 
basic  level.  In  general,  these  techniques  are  derived  from  unpub- 
lished class  notes  supplied  by  Prof  Harold  E.  Larsen  of  the  Aero 
Mechanics  Department  of  the  Air  Force  Institute  of  Technology 
(Larsen,  1975  b). 

The  method  generally  Involves  applying  the  preliminary  weight, 
layout,  and  planform  parameters,  discussed  earlier,  to  the  general- 
performance  analysis.  These  results  are  then  used  to  redesign  or  rear- 
range, if  necessary,  the  airplane  parameters  in  such  a way  as  to  produce 
acceptable  results.  The  technique  is  basic,  since  confidence  in  many 
of  the  parameter  values  is  questionable.  That  is,  some  initial  values 
are  desirables,  some  are  estimates,  and  some  are  arbitrary. 

This  technique  is  mechanized  by  constructing  a computer  program, 
DESIGN  (Appendix  A-6) , on  the  basis  of  the  referenced  notes  and  on  an 
endurance  estimating  technique  taken  from  NACA  TR234  (Diehl,  1926). 

This  program  and  the  associated  results  and  plots  are  presented  in  Ap- 
pendices A-6-1,  A-6-2,  and  A-6-3,  respectively. 

Mission  Profile.  The  quantitative  aspects  of  vehicle  performance 
are  closely  related  to  the  environments  and  flight  profiles  which  the 
vehicle  encounters.  Therefore,  it  is  reasonable  to  base  the  software 
deiign  tool  on  one  basic  mission  profile  that  reasonably  simulates 
the  expected  vehicle  situation.  In  discussions  with  System  Analysis, 
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Chapters  II  and  IV,  Volnne  II.  the  following  profile  seena  reasonable. 

Launch  occurs  at  3000  feet  MSL  (worst  case)  at  50  miles  per  hour 
with  no  wind.  Launch  Is  Into  the  wind  If  there  Is  any.  It  occurs  In 
an  unprepared  area,  thus  necessitating  gulch  climb  to  clear  an,  surround- 
ing Obstacles,  such  as  trees,  hills,  wires,  buildings,  etc.  Time  to 
reach  cruise  altitude  of  10.000  feet  MSL  la  not  specified,  but  mountains 
night  need  to  be  crossed.  Therefore,  time  to  altitude  should  be  mlri- 
mlzed.  The  distance  from  launcher  to  target  Is  a maximum  of  100  mil 
and  the  cruise  to  the  target  Is  at  75  miles  per  hour  at  10,000  feet. 

In  the  target  area,  the  vehicle  remains  at  10,000  feet  and  75  miles  per 
hour  until  fuel  depletion,  occasionally  turning  full-about.  The 
actual  terminal  phase  Is  not  Included,  except  to  note  terminal  velocity 

and  maneuver  loading  discussed  previously. 

The  discussion  above  leads  to  the  mission  profile  applied  in 
design.  Launch  Is  at  50  mile,,  per  hour.  3000  feet  altitude,  and  full 
power.  Climb.  Is  at  60  miles  per  hour  at  the  best  climb  angle  for  that 
speed.  Upon  reaching  an  altitude  of  10.000  feet,  throttle  Is  reduced 
and  the  vehicle  remains  stralght-and-level  at  75  miles  per  hour  fo 
rest  of  the  100-mlle  leg.  Esther  specification  of  conditions  here  would 
nake  the  design  tool  too  closely  coupled  with  navigation,  flight  con- 
trol, and  servo  loops.  Loiter  over  the  target  area  Is  based  on  the 
same  conditions  as  cruise.  No  turns  are  Included  since  the  frequency 
of  turns  is  small.  The  preceding  discussion  is  Illustrated  In  Figure 

A-20. 

Power.  It  la  assumed  that  an  alternator  uses  power  (HPgen) 
driven  from  the  engine  (for  the  Type  1),  and  the  available  thrust  horse- 
power decreases  with  altitude  by  the  simple  4-cycle  relationship  shown 


3000  ft  max  alt 


in  Eq  (A-55)  since  2-cycle  data  is  unavailable.  Engine  performance  data 
is  taken  from  calculations  by  Early  (1975)  in  connection  with  the 
Teleplane  XBQM-106.  Available  thrust  horsepower, 


THP  = THPsl  (1.1320-0.132) 


(A-55) 


Required  thrust  horsepower, 

2 

THPR  = 4.65x10"®  jcDpe  S v^  + j + HPgen  (A-56) 


Required  brake  horsepower. 


BHPR 


THPR 


(A-57) 


Excess  horsepower. 


HPxs  “ THP  - THPR 


(A-58) 


Average  excess  horsepower  is  assumed  to  be  a linear  average  of  excess 
horsepower  from  3000  feet  to  10,000  feet. 


HPj^savg  “ Y (®xs3  + HPxslO) 


(A-59) 


Rate  of  climb. 


RC  = 


33,000  HPxs 


Wg 


(A-60) 
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Angie  of  Climb, 


1 RP 

88T 


Wing  Characteristics. 


Stall  speed. 


V - I -a 

St  j Cj^  oS 

I max 


Wing  area  required  for  launch  at  50  miles  per  hour  at  3000  feet 

S - 391  Wg 

Cl  oy2 
max 

Drag  coefficient,  _ 

Cl 

* ^Dpe  * xe  AR 
Lift-to  drag  ratio. 


L/D  = ^ 


Endurance  ratio. 


c/-5 


Majcimum  lift-to-drag. 


1 ( xe  AR 

2 i C^ 


Airspeed  a't  pj  • 
*max 


39.1  " 

V = . s 

C^  Xe  AR 
Dpe 


Minimvun  turn  radius 


max 


Angle  of  incidence 


cruise 


Time  and  Fuel 


Time  to  climb 


Fuel  for  climb 


Fuel  for  cruise 


cruise  n 
326  C(L/D) 


_ t W V C 
f ■ U00(L/D)n 


Time  over  target  with  a given  remaining  fuel  supply 


Uoo  n 

W(L/D)C  V 


The  preceding  equations  use  the  following  general  terminology: 


AR  = aspect  ratio 
b = wingspan  (ft) 

BHP  = brake  horsepower  available  (hp) 

BHPR  = brake  horsepower  available  (hp) 

C = specific  fuel  consumption  (Ib/hp-hr) 

Cjj  = drag  coefficient 
^Dpe  ~ Profile  drag  coefficient 
= lift  coefficient 
= maximum  lift  coefficient 

Lmax 

D = drag  (lb) 

e = span  efficiency  factor 

o 

g = gravitational  acceleration  (32.2  ft/sec  ) 

h = cruise-loiter  altitude  (ft) 

HP  = excess  thrust  forsepower  (hp) 
xs 

HP  „ = HP  at  3000  ft  (hp) 
xs3  xs  ' 

®xsl0  “ ®*xs 

HPxs  " average  HP  (hp) 
avg 

L = lift  (lb) 


r = range  (mi) , turn  radius  (ft) 

RC  = rate  of  climb  (ft/min) 

RCacg  = average  RC  (ft/min) 

2 

S = wing  area  (ft  ) 
t = time  (hr) 

= time  to  climb  to  h (hr) 
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iP  = thrust  horsepower  anailable  (hp) 
R = thrust  horsepower  required  (hp) 
V = airspeed  (mph) 


3-dimenslonal  lift  curve  slope  (deg  ) 


n = propeller  efficiency 


0 = altitude  density  ratio 


angle  of  climb  (deg) 


Prog.a„.  „e  expU,,.. 
iables  are  listed  below. 

Wg  = 126  lb  (structures) 

CLmax  * 1.223  (SHRENK,  Appendix  A-3) 

S * 17  ft2  (layout) 

AR  * 6 (layout) 

® “ 0.95  (layout) 

Cope  “ 0.03  (layout) 

®3D  * 0.08133  deg  (SIIPENK) 

®L0  * -2  deg  (Jacobs,  1935:17) 

n - 0.75  (cruls.  .„d  loiter)  (Appendi,  C) 
n * 0.6  (climb)  (Appendix  C) 

C - 1.25  Ib/bhp-hr  (cruise  eud  loiter)  (Appendix  C) 
- 1.50  Ib/bhp-hr  (cllnb)  (Appendix  C) 
h = 10,000  ft  (Chapter  II,  Volume  II) 
t(mission)  * 6 hr  (Chapter  II,  Volume  II) 

Altemato  ^ ^ ^ target)  (Chapter  II,  Volume  II) 

Alternator  power  * 300  watts  (Appendix  D) 

V - 50  mph  (launch)  (Appendix  F) 

V = 60  mph  (climb) 

V = 75  mph  (cruise) 

Cll^  speed  is  found  bp  teUns  a couproulse  betueen  cllub  angle 
»d  race  Of  cllub  (Appendix  A-6-3) . Cruise  speed  Is  Caben  as  cbe  blgb- 
esc  airspeed  pracclcal  .Itbouc  slgnlflcanclp  adding  Co  fuel  consuupclon 
(Appendix  A-b-3).  Ibis  Is  done  bf  Cubing  cbe  ulnln„n-borsepo„er  re- 
^ulred  pome  (uaxmuu  endurance)  and  running  cbe  airspeed  up  uncll  no 
Cben  abouc  1/2  boraepouer  excra  Is  necessarp.  Tbe  speed  Is  purelp 
ami-rarp  ac  cbls  pome,  buc  cbe  spstem  analpsls  (Chapcer  II.  Volume 
II)  indlcaces  ebac  Increasmg  speed  Increases 


survivability. 


Outputs  from  DESIGN.  DESIGN  was  built  as  a design  tool  to  bo  usod 
continually  to  update  the  estimates  as  new  data  and  requirements  came 
to  light.  The  final  performance  parameter  estimates  are  tabulated  and 
plotted  in  Appendices  (A-6-2)  and  (A-6-3) , and  the  more  significant 
parameter  estimates  are  presented  below. 


Climb  Angle 

16.6  deg  at  launch 

Rate-of- Climb 

1290  fpm  average 

Cruise  Brake  Horsepower 

2.3  hp 

Fuel  Weight 

2.4  lb  climb 
2.1  lb  cruise 
18.0  lb  loiter 
22.5  lb  total  mission 

Fuel  Fraction 

17.9% 

Time 

0.13  hr  climb 
1.23  hr  cruise 
4.64  hr  loiter 
6.0  hr  total  mission 

Distance 

7.74  mi  climb 
92.25  mi  cruise 
348.06  mi  loiter 

using  15.5  lb  fuel. 

2.84  hr  loiter  time 
212.65  mi  loiter  coverage 

Fuel  consumption  sensitivity  is 


illustrated  in  Appendix  A-6-4. 
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Cost 

The  airframe  coat  estimate  la  based  on  the  structure  and  molding 
techniques  discussed  earlier  In  the  atructures  section,  pages  A-37  to 
A-46.  The  estimates  (Stansberry,  1975)  are  separated  Into  two  areas, 

non-recurring  and  recurring  production  costs. 

The  non-recurring  cost  is  composed  of  the  costs  of  die-cast  molds, 

pouring  apparatus,  feed  and  take-away  tables,  and  assembly  equipment. 
The  low.  most-likely,  and  high  estimates  of  non-recurring  costs  are 

$202,000,  $230,000,  and  $248,000,  respectively. 

Recurring  production  costs  are  comprised  of  the  cost  of  labor  to 
assemble,  connect,  and  test  all  components  of  the  vehicles  as  well  as 
the  materials  and  labor  associated  with  actual  airframe  construction. 
Table  A-14  Illustrates  the  recurring  component  and  total  recurring 

airframe  cost  estimates. 

TABLE  A-14.  RECURRING  AIRFRAME  COST  ESTIMATES  (EACH) 

High  ($)  „ 


Component 

Fuselage 
Empennage 
Wings  (2) 

Cowling  and  Shroc 
Total  Recurring 


Low  ($) 


Most  Likely  ($)_ 


147 

167 

180 

68 

77 

84 

61 

69 

74 

21 

24 

26 

297 

337 

364 
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Conaluslons 

VThe  basic  result  of  the  airframe  design  and  analysis  is  that  this 
configuration  is  indeed  suitable  for  the  class  of  vehicle  presented. 

All  significant  design  goals  are  met,  all  operating  constraints  are 
satisfied,  and  most  listed  desirable  characteristics  are  included.  The 
concept  of  a low-cost  airframe  common  to  both  Type  I and  II  vehicles  is 
realistic.  It  seems  unlikely  that  any  real  cost-saving  can  be  had  by 
constructing  different  airframes  for  each  of  the  two  types.  There  are 
some  difficulties,  however. 

The  bulk  of  a 126-pound  vehicle  indicates  that  there  may  be  ground- 
handling problems  using  a two-man  crew.  The  solution  might  be  to  add 
the  23  pounds  of  fuel  while  the  vehicle  sits  on  the  launcher.  This 
impacts  launch  rate,  but  it  eliminates  the  need  for  a handling  cart  or 
costly  weight  reduction  program. 

The  performance  (and  therefore  fuel)  estimates  are  based  on  ques- 
tionable data  for  both  fuel  consumption  and  power  output  of  the  McCulloch 
MC  101  engine.  The  data  used  is  reasonable;  but  it  is  clear,  from  many 
runs  of  DESIGN,  that  the  fuel  weight  and  other  parameters  are  sensitive 

to  engine  performance ^ (see  Appendix  A-6-4) . 

SiThe  aircraft  structure  presented  here  is  the  simplest  scheme  that 
seems  realistic.  However,  the  unknowns  discussed  in  Manufacturing 
Techniques  lead  tAhe  conclusion  that  further  research  and  development 
efforts  are  required  in  skinned  foams  in  this  configuration.  The  recom- 
mendation, then,  is  to  fund  studies  of  this  material  in  wing-spar  combi- 
nations with  major  emphasis  on  wind-tunnel  and  flight  testing.  The 
alternate  meshing  approach  should  also  be  considered  in  the  above  tests. 
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In  consideration  of  all  of  the  assumptions  and  estimates  made  in 
the  preceding  discussions,  it  is  advisable  tnat  they  be  tested  by 
building  and  flying  a prototype  aircraft  based  on  the  proposed  design. 
The  concepts  of  hands-off,  no-stability-augmentation  flight  in  conjunc- 
tion with  this  configuration  can  only  be  considered  valid  in  the  pres*- 
ence  of  some  hard  test  results. 

To  recapitulate,  this  airframe  configuration  meets  the  design 
goals  satisfactorily  and  should  prove  a realistic  basis  for  cost  anal- 
ysis, operations,  and  technology;  but  further  testing  is  required  to 
validate  the  results. 
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AIRFOIL  CHARACTERISTICS 
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APPENDIX  A-2-1 


aspect  ratio  effects  (CDVSAR) 
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CALL  ORAWZ(CLW,  Al,  A2,A3,A4,L,4,'^0,1, 1) 
CALL  0RAW7(rLW,Cl,C2,C'^,C4,-4,4,'5'3,  1,1) 
END 
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APPENDIX  A- 3-1 
WING  DESIGN  (SCHRENK) 
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APPENDIX  A-3-2 


SHRENK  OUTPUT 


AIPFOIL  AT  THF  ROOT  = NACA--?'‘15 
AIRFOIL  AT  THE  TIP  = NACA — POlft 
WINO  AREA-SO.FT.  = 17.0000 


A*5PE0T  PATIO  = 6.00 

SPAN-FT.  = IP. 100 
SPAN-IN.  = 121.194 

ROOT  r-HORO-PT.  = 2.244 


ROOT  OHOPO-IN.  = 26.97? 

root  THICKNESS-FT.  = .337 

ROOT  THICKNFSS-TN.  = 4.04C 

TIP  OHORO-FT.  = 1.12? 

TIP  CHOPO-IN.  = 13.466 

TIP  THICKNESS-F-^.  = .202 

TIP  THICKNES9-TN.  = 2.424 

MAC-FT.  = 1.76? 

MAC-IM.  = 21.369 

MAC  THICKNESS-FT.  = .282 

MAC  THICKNESS-IN.  = 3.366 

YRARMAC  = .434429 

Y AT  MAC-FT.  = 2.193798 

Y AT  MAC-IN.  = 26.32510 

ADR-/RAO.  = 6.916485 

APT-/RAO.  = 7.019043 

A09AR-/PAD.  = 6.950531 

A3-/PA0.  = 4.660119 

A30-/0F0,  = ,0613344 

ancle  of  7EP0  LIFT-DEC.  = - 
T/C  AT  ROOT  = .150 

T/C  AT  TIP  = .180 

AIRSPEED  JMPH)=  50.000 
EPSTU-DFG.  = O.OOPOOO 
FPSTL-OEG.  = -4.000000 
CLMAX  ROOT  = 1.3000000 
CLMAX  TIP  = 1.  2500000 


1.777776 


YBAR  for  CLMAX  = .420 

WING  MAXIMUM  LIFT  COEFFICIENT  = 1.  2198276 
GEOM  TWTST=  -4.00000 
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APPENDIX  A-4-1 


FUSEIAGE  CROSS-SECTION  (FUSLAG) 
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APPENDIX  A-5-2 
WTNBAL  OUTPUT 


K 

A/C  WT 

PUPL  WT 

7CG  FUEL 

XCG 

ycG 

1 

126.5 

22,50 

0. 

32.73 

0. 

2 

126.0 

22,  05 

-.1400 

32,74 

0. 

3 

125.6 

21.60 

-. 2800 

32.75 

0. 

4 

125.1 

21,15 

-.4200 

32,75 

0. 

5 

124.7 

20,70 

-.5600 

32.76 

0. 

6 

124.2 

20.25 

-. 7000 

32.77 

0. 

7 

123.8 

19.  80 

-. 8400 

32,77 

0. 

8 

123.3 

19. 35 

-. 9800 

32,70 

0. 

9 

122.9 

18.90 

-1.120 

32,79 

0. 

10 

122.4 

18.  45 

-1.260 

32.79 

0 . 

11 

122.0 

18.00 

-1.400 

32.80 

0. 

12 

121.5 

17.55 

-1.540 

32.61 

0. 

13 

121.1 

17.10 

-1.680 

32.81 

0 . 

14 

120.6 

16,65 

-1.820 

32,82 

0. 

15 

120.2 

16.20 

-1.960 

32.83 

0. 

16 

119.7 

15.75 

-2.100 

32.83 

0. 

17 

119,3 

15.30 

-2.240 

32.84 

0. 

18 

118.8 

14.  85 

-2.380 

32.05 

0. 

19 

118,4 

14.40 

-2.520 

32,85 

0. 

20 

117.9 

13.95 

-2.660 

32.86 

0. 

21 

117,5 

13.50 

-2.800 

32,87 

0. 

22 

117.0 

13,05 

-2.940 

32.87 

0. 

23 

116.6 

12.60 

-3,080 

32,88 

0. 

24 

116.1 

12. 15 

-3.220 

32,89 

0. 

25 

115.7 

11,70 

-3,760 

32,90 

0. 

26 

115.2 

11.25 

-3.500 

32.93 

0. 

27 

114.8 

10.  80 

-3.640 

32.91 

0. 

28 

114,3 

10.35 

-3.780 

32,92 

0. 

29 

113,9 

9,900 

-3.920 

32.93 

0. 

30 

113.4 

9.450 

-4,060 

32.93 

0. 

31 

113,0 

9,000 

-4,200 

32,04 

0 . 

32 

112.5 

8.550 

-4.340 

32.95 

0 . 

33 

112,1 

8.100 

-4,400 

32,96 

0. 

34 

111.6 

7.  650 

-4.620 

32.97 

0. 

35 

111.2 

7,  200 

-4.760 

32.97 

0. 

36 

110,7 

6.750 

-4,900 

32,98 

0. 

37 

110.3 

6.  300 

-5.040 

32.99 

0. 

38 

109.8 

5.850 

-5.180 

33,00 

0. 

39 

109.4 

5.400 

-5.320 

33.01 

0. 

40 

108.9 

4,950 

-5.460 

33,01 

0. 

41 

108.5 

4,500 

-5.600 

33,02 

0. 

42 

108,0 

4.0  50 

-5.740 

33. C3 

c. 

43 

107.6 

3.600 

-5.880 

33.04 

0. 

44 

107,1 

3,150 

-6,020 

33,0^ 

0, 

45 

106,7 

2.700 

-6.160 

33.06 

0. 

46 

106,2 

2.250 

-6.300 

33.07 

0. 

47 

105,8 

1,800 

-6.440 

33,07 

0 . 

48 

105.  3 

1.350 

-6.580 

33.  C 3 

0. 

49 

104,9 

,9000 

-6.720 

33.09 

0. 

50 

104.4 

.4500 

-6.860 

33,10 

0. 

7C6 

2.523 
2.507 
2.493 
2.  479 
2.  466 
2.454 
2.443 
2.433 
2.  424 
2.416 
2.409 

2.403 
2.  398 
2.  394 
2.  391 
2.389 

2. 388 
2.  388 

2.389 
2.391 
2.  394 
2.399 

2.404 
2.411 
2.418 
2.427 
2.437 
2.449 
2.461 
2.475 
2.490 
2.  506 
2.523 
2.542 
2.562 
2.  583 
2.605 
2.629 
2.655 
2.681 
2.709 
2.738 
2.769 
2.  801 
2.  835 
2.  870 
2.907 
2.  945 
2.  985 
3.026 
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COMPONENT  WEIGHTS  AND  LOCATIONS  (WTNBAL) 
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ITEM 

FU£L 
payloah 
fuselage 
WING  L 
WING  R 

H0RT70NTAL  TAIL 
VERTICAL  tail  L 

vertical  tail  R 
alieron  servo  R 
ALIEROM  servo  l 
rudder  servo  R 
rudder  servo  l 

ELEVATOR  SERVO 

engine  servo 

SHROUD 

ELECTRONICS 

propeller 
ENGINE 
GENERATOR 
BOOM  L 
BOOM  R 
bulkhead  a 
bulkhead  B 


weight 

?2.S 
25.  0 
11.  9 
13.  0 
13.  0 
3.75 
1.20 
1.20 
.200 
.200 
.20  0 
.200 
.200 
.200 
1.40 
F.50 
2.00 
12.0 
5.00 
1.95 
1.95 
1.00 
1.00 


31.0 
9.50 
■»3.0 

33.0 

33.0 
92. C 

92.0 

92.0 

33.0 

33.0 

93.0 

93.0 

93.0 
43  .0 

5. 00 

17.0 

50.0 
4 6.0 

42.0 

60.0 
60.0 

15.0 

43.0 


0. 

0. 

0. 

0. 

0. 
n . 

-19.0 

19.0 

25.0 
-25.0 

19.0 
-19.0 

0. 

0. 

0. 

n. 

0. 

0. 

-16.0 

18.0 

0. 

0. 


c. 
r . 
r . 

6,50 

2 3.0 
1 2.  C 
12.  0 
6.00 
6.0  0 
8.00 
?.oo 
20.  0 
0 , 
r. 

0. 

r . 

0. 

0. 

6.50 

6.5  0 

C . 

n . 
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APPENDIX  A-5-4 
CENTER  OF  GRAVITY  SHIFT 
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Figure  A-27.  Center  of  Gravity  Shift  With  Fuel  Consumption 
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APPENDIX  A- 6-1 


PERFORMANCE  (DESIGN) 
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5,  0 

10.0 

15.0 

20.0 
25.  0 
30.  0 
35.  0 
t»0.  0 
45.  0 
50.  0 
55.  0 
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00.  0 
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APPENDIX  A-6-2 
DESIGN  OUTPUT 


s 

VST  SL 

VST  3K 

WEIGHT 

12.0 

57,70847 

60.32940 

135,0 

12,5 

56,54252 

59.11050 

133.  0 

13,0 

55 ,44450 

57,96261 

131,0 

13.5 

54,40806 

56.87910 

129,0 

14,0 

53,42766 

55. 85417 

127.0 

14.5 

52,49841 

54.88272 

125.0 

15,0 

51,61602 

53,96025 

123.0 

15,5 

50 ,77668 

53.08279 

121.0 

16.0 

49.97700 

52,24679 

119.0 

16,5 

49,21395 

51,44908 

117.0 

17,0 

48,48ti81 

50.68683 

115.0 

17,5 

47.78715 

49.95749 

113,0 

18,0 

47,11877 

49, 25875 

111.0 

18,*^ 

46,47766 

48,58853 

109.0 

19.0 

45,86204 

47,94494 

107.0 

19.5 

45,27025 

47.  32627 

105.0 

20,0 

44,70079 

46,73095 

103.0 

20.5 

44,15229 

46. 15754 

101,0 

21.0 

43,62350 

45.60474 

99.0 

21.5 

43.11327 

45.07133 

97.0 

9/C  (FPM) 


CLIM9  ANGLE 


0.0000 

0.0000 

0.0000 

317.8762 

585,6714 

840.1300 

1024.2635 

1192.8723 

1301.9795 

1401.3786 

1468.3731 

1527.4553 

1555.0711 

1503.5964 

1396.8465 

1234.6907 

945.3107 

552.3386 

0.0000 

0.0000 


0.00 

0.00 

0.00 

10.41 
15.44 
1 8.56 

19.42 

19.81 
19,19 
18.57 
17.66 

16.82 
15.78 
1 4, 1 3 
12.22 
10.10 

7.26 

4.00 

0.00 

0.00 
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VST  (S=17.0) 


52.67530 
52, 28366 
51, 88906 
51,49144 
51,09072 
50, 68683 
50, 27970 
49, 86925 
49,45539 
49, 03804 
48.61710 
48. 19249 
47.76410 
47. 33184 
46„ 89559 
46. 45525 
46.01C69 
45.56180 
45, 10843 
44. 65047 


EXCESS  HP 


-6,  83166 
-2,12778 
-.08233 
1, 20408 
2,  21845 
3,18231 
3,87979 
4,51846 
4,93174 
5,30825 
5,56202 
5,78582 
5.89042 
5.69544 
5,29109 
4,67682 
3,58072 
2, 09219 
-1.05518 
-2.97050 


INPUT  PftRANETERS 


r,ROS'=?  WEIGHT  (UBS) 
WING  AREA  (SOFT) 
ASPECT  RATIO 
LAUNCH  SPEED  (MOH) 
SPAN  EFFICIENCY 
MAX  CL 
PARASITE  CD 
PROP  EFFICIENCY 
SFC  (LD/9HP-HR) 
OPERATING  ALT  (FT) 
TARGET  DIST  (MT) 
MISSION  TIMP  (HR) 
generator  PWR  (MATTS) 


OUTPUT  PARAMETFPS 
SPAN  (FT) 

MIN  TURN  RADIUS  (FT) 

L/0  MAX 
AT  SPEED  (MPH) 

AT  ALPHA  (DFG) 

WING  INCIDENCE  (DEG) 

MAX  CLIMB  ANGLP  (DEG) 
AT  SPEED  (MPH) 

OPER  CLIMB  ANGLE  (DEG) 
AT  SPEED  (MPH) 

HP  EXCESS,  AVG 
R/C,  AVG  (FPM) 

CRUISE  SPEED  (MOH) 

BHP  AT  CRUISE 

FUEL  WT  CLIMB  (LBS) 
CRUISE 
LOITER 
TOTAL 
FUEL  FRACTION 

TIME  TO  CLIMB  (HR) 
CRUISP 
LOITER 
TOTAL 

DISTANCE,  CLIMB  (MI) 
CRUISE 
LOITPR 

FUEL  CARRIED  (LBS) 
ENDURANCE  (HRS) 
coverage  (MI) 
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125*  000 

17. 000 
6.  000 

50.000 
.950 

1.223 
.0  30 
.750 
1.  000 
10000.00 
100. 000 
6.000 
300, 000 


10. 100 
120.022 

12. 216 
62.630 
0,000 
2.511 

19, 809 

40. 000 

16,816 

60.000 

4.940 
1304,  180 

75,000 
2.  399 

1.949 
2,644 
14, 286 
18, 87D 
.151 

,128 
1.231 
4.641 
6.  000 

7,668 
92. 332 
348, 083 

20.0no 
5.  005 
375. 406 


CL  cn 


.02  45 

. <'3003 

.0489 

.03013 

.0^34 

.03030 

.0978 

. 03053 

.1223 

. 0 30  84 

.1468 

.03120 

.1712 

. 03164 

.1957 

.03214 

.2201 

. 032^1 

.2446 

.0  3334 

.2691 

.0  3404 

.2935 

. 03461 

.3180 

. 0 3565 

.3424 

. 0 3655 

.3669 

. 0 3752 

.3914 

. 03855 

.4158 

.03966 

.4403 

. 04083 

.4647 

. 04206 

.4892 

.04336 

.5137 

. 04473 

.5381 

. 04617 

.5626 

.04767 

.5870 

. 04924 

.6115 

. 05088 

.6360 

. 05259 

.6604 

. 05436 

.68  49 

. 05619 

.7093 

. 05810 

.7338 

. 06C07 

.75  83 

. 06211 

.7827 

. 06421 

.8072 

.06638 

.8316 

. 06862 

.8561 

. 07093 

.8806 

. 07330 

.9050 

.07574 

.9295 

.07825 

.9539 

. 08082 

.97  84 

. 08346 

1.  00  29 

.08616 

1. 0273 

. 08894 

1.0518 

. 09178 

1.0762 

. 09468 

1.1007 

.09766 

1.1252 

.10070 

1.1496 

. 10380 

1.1741 

.10693 

1.1985 

.11022 

1.2230 

. 11353 

L1.5/D 


.81443 

.12737 

1.62343 

.35907 

2.  42173 

.65602 

3.20424 

1.00227 

3.96624 

1.38705 

4.70343 

1.80185 

5.  41199 

2.23942 

6,  r 8869 

2.69337 

6.7308? 

3.15804 

7,  33629 

3.62831 

7.90360 

4.09968 

8.43178 

4.56812 

8.92039 

5.03018 

9.36946 

5.48285 

9.77945 

5.92363 

10.15117 

6.35045 

10.48574 

6.76164 

10.78453 

7.15593 

11.04910 

7.53238 

11.28115 

7.89036 

11.  48249 

8.22951 

11.65497 

8.54969 

11.  80047 

8.850°8 

11.92088 

9.13361 

12.01805 

9.39793 

12.  09377 

9.64443 

12.14978 

9.87367 

12.18775 

10.08627 

12.  20925 

10.28292 

12.  21579 

10.46430 

12.20876 

10.63116 

12.  18948 

10.78421 

12.15917 

10.92419 

12.11897 

11.05181 

12.  06993 

11.16773 

12.01301 

11.27279 

11.94911 

11.36749 

11.  87905 

11.45253 

11.80356 

11.5285? 

11.72334 

11.59604 

11.63900 

11 • 65564 

11.55112 

11.70785 

11.46020 

11.75316 

11.36671 

11.79205 

11.  27107 

11.82496 

11.17367 

11.85231 

11.07484 

11.87448 

10.  97489 

11.89184 

10.87411 

11.90474 

10.77274 

11.91351 
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APPENDIX  A-6-3 


DESIGN  PLOTS 


CLinB  ANGLE 


RATE  OF  CLIMB 


40.00  60.00  BO. 00 

AIRSPEED  (MPH) 


Figure  A-28.  Climb  Angle  and  Rate  of  Climb 


Figure  A-29.  Wing  Area,  Launch  Speed,  Weight 
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THRUST  HP  AVAIL  iSEA  LEVEL 
THRUST  HP  AVAIL  ilO.OOO  FT 
THRUST  HP  REQD  iSEA  LEVEL 
THRUST  HP  REQD  §10.000  FT 


I 1 

0.00  20.00  40.00 

oi  . AIRSPEED  (MPH) 
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THRUST  HP  AVAIL  §SEA  LEVEL 
THRUST  HP  AVAIL  §3000  FT 
THRUST  HP  REQD  §SEA  LEVEL 
THRUST  HP  REQD  §3000  FT 


qT'  ' r~ 1— 1 

u.OO  20.00  40.00  60.00  80.00 

AIRSPEED  (MPH) 


Figure  A-30.  Thrust  Horsepower-Altitude 
A-120 
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Figure  A-33.  Fuel  Consumption  Sensitivity 


A-122 


.60  o.eo  1.00  1.20  1.40  1.60  1.80 

SPECIFIC  FUEL  CONSUMPTION  (LB/HP-HR) 


LIST  OF  SYMBOLS 


A 


aspect  ratio 

lift  curve  slope,  horizontal  tail 
effective  aspect  ratio  of  vertical  tail 


lift  curve  slope,  vertical  tail 

vertical  acceleration  with  respect  to  Earth 

wing  span 

vertical  tail  span 

mean  aerodynamic  chord 

drag  coefficient 

drag  coefficient  of  the  wing 

coefficient  of  applied  force  in  the  x direction 
coefficient  of  applied  force  in  the  z direction 
lift  coefficient 

coefficient  of  applied  rolling  moment 

change  of  rolling  moment  from  a change  of  roll  angular  velocity 
change  of  rolling  moment  from  a change  in  yaw  angular  velocity 
change  of  rolling  moment  from  a change  in  sideslip  angle 
change  of  rolling  moment  trom  s change  of  rudder  deflection 
change  of  yaw  angle  due  to  the  vertical  tail 

change  of  rolling  moment  from  a change  of  yaw  angle  due  to 
the  wing 

change  of  the  lift  coefficient  due  to  a change  of  angle  of  attack 

change  of  lift  coefficient  due  to  an  change  of  angle  of  attack 
of  the  tail 

pitch  moment  coefficient 
coefficient  of  applied  pitching  moment 
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change  of  pitching  moment  coefficient  due  to  an  change  of 
incidence  of  the  tail 

change  of  pitching  moment  due  to  a pitch  angular  velocity 

change  of  pitching  moment  due  to  a change  of  foreward  velocity 

change  of  pitching  moment  due  to  a change  of  angle  of  attack 

change  of  pitching  moment  due  to  a change  of  angle  of 

attack  rate 

change  of  pitching  moment  due  to  a change  of  elevator 
deflection 

a 

change  of  yawing  moment  applied 

change  of  yawing  moment  due  to  a change  of  roll  angular 
velocity 

change  of  yawing  moment  due  to  a change  of  sideslip  angle 

change  of  yawing  moment  due  to  a change  of  rudder  deflection 

^ change  of  yawing  moment  due  to  yaw  angle  of  the  fuselage 

fus 

change  of  yawing  moment  due  to  yaw  angle  of  the  propeller 

prop 

change  of  yawing  moment  due  to  yaw  angle  with  the  propeller  at 
prop  cruise  power 

cruise  power 

C change  of  yawing  moment  due  to  yaw  angle  with  the  propeller  at 

%prop  full  power 

full  power 

C change  of  yawing  moment  due  to  yaw  angle  of  the  wing 

^i|)wlng 

C weight  coefficient 

w 

C coefficient  of  forces  in  the  x direction 

change  in  x force  due  to  a change  in  pitch  angular  velocity 

change  in  x force  due  to  a change  in  forward  velocity 

1 

change  in  x force  due  to  a change  in  angle  of  attack 

i 

change  in  x force  due  to  a change  in  angle  of  attack  rate 

change  in  x force  due  to  a change  in  elevator  deflection 

6 

change  in  applied  y force 


i 


change  in  y force  due  to  a change  in  sideslip  angle 

change  in  y force  due  to  a change  in  rudder  deflection 

change  in  y force  due  to  a change  in  roll  angle 

change  in  y force  due  to  a change  in  yaw  angle 

change  in  z force  due  to  a change  in  pitch  angular  rate 

change  in  z force  due  to  a change  in  foreward  velocity 

change  in  z force  due  to  a change  in  angle  of  attack 

change  in  z force  due  to  a change  in  angle  of  attack  rate 

change  in  z force  due  to  a change  of  elevator  deflection 

span  efficiency  factor 
gravitational  acceleration 
altitude 

commanded  altitude 

incidence  angle  of  the  horizontal  tail' 

moment  of  inertia  in  x direction 

product  of  inertia 

moment  of  inertia  in  y direction 

moment  of  inertia  in  z direction 

square  root  of  -1 

correction  factor  for  roughness 

length  from  the  aircraft  center  of  gravity  to  the  horizontal 
tail  quarter  chord  point 

length  from  aircraft  center  of  gravity  to  vertical  tall 
quarter  chord  point 


Mach  number 
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Re 


dynamic  pressure 
Reynold's  number 


s 

S 

S. M. 

t 

T 

T. F. 


O.L. 


Laplace  variable 
wing  area 

horizontal  tail  area 
static  margin 
vertical  tail  area 
time 
thrust 

open-loop  transfer  function 


T.F.  servo  transfer  function 

servo 

T settling  time 

s 

perturbation  of  foreward  velocity 


u 

'u 

U 

U 

o 

w 

X 


vt 

a 

'a 

3 

r 

6 

e 

6 

r 

AC. 


n 


ratio  of  perturbation  of  foreward  velocity  to  total 
foreward  velocity 

total  foreward  velocity 

equilibrium  foreward  velocity 

weight 

distance  between  the  aircraft  neutral  point  and  the  center 
of  gravity 

distance  between  the  wing  aerodynamic  center  and  the  air- 
craft neutral  point 

vertical  distance  from  the  aircraft  center  of  gravity  and 
the  quarter  chord  point  of  the  vertical  tail 

angle  of  attack 

variation  in  angle  of  attack  from  equilibrium 

sideslip  angle 

dihedral  angle  of  the  wing 

elevator  deflection 

rudder  deflection 

correction  factor  1 for  the  change  in  rolling  moment  due  to 
a change  in  yaw  angle 
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correction  factor  2 for  the  change  in  rolling  moment  due  to 
a change  in  yaw  angle 

correction  factor  1 for  the  change  in  yaw  moment  due  to  a 
change  in  yaw  angle 

correction  factor  2 for  the  change  in  yaw  moment  due  to  a 
change  in  yaw  angle 

downwash  angle  due  to  the  wing 

damping  ratio 

ratio  of  dynamic  pressure  at  the  horizontal  tail  to  the 
free  stream  dynamic  pressure 

ratio  of  dynamic  pressure  at  the  vertical  tail  to  the  free 
stream  dynamic  pressure 

perturbation  of  the  pitch  angle 

equilibrium  pitch  angle 

total  pitch  angle 

ti.fe  constant 

ef  ciency  of  the  horizontal  tail 
efficiency  of  the  vertical  tail 
roll  angle 

yaw  angle  or  heading  angle 
commanded  heading  angle 

perturbation  to  the  heading  angle  due  to  a gust 
natural  frequency 
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FLIGHT  CONTROL  SUBSYSTEM 

Introduction 

The  purpose  of  this  section  Is  to  study  the  feasibility  of  very 
low-cost  stability  and  control  for  the  Type  II  vehicle.  The  profile 
and  stability  requirements  of  the  Type  I vehicle  are  more  demanding 
of  the  control  system  than  the  Type  II  profile.  Both  the  Type  I 
dynamics  and  control  tolerances  are  tighter  than  those  of  the  Type  II. 
Type  II  dynamics  involve  only  launch-and-climb  and  cruise-and-loiter 
phases  with  no  precise  maneuvering  required. 

To  achieve  a very  low  cost  system,  as  much  commonality  as  possible 
is  desired  between  the  Type  I and  II  vehicles.  Therefore,  common  air- 
frame, control  surfaces  and  servos  are  assumed.  No  optimization  or 
detailed  design  are  used  in  picking  the  common  items  since  the  more 
demanding  Type  I requirements  drive  the  selection.  For  this  study, 
nominal  airframe  and  control  characteristics  are  used  to  model  the 
recommended  vehicle.  A study  is  made  of  the  feasibility  of  controlling 

the  Type  II  vehicle  without  using  rate  sensors  and  rate  feedback  for 
stability. 

Procedure 

A digital  simulation  of  the  closed-loop  heading  control  and 
altitude  hold  dynamics  is  developed  to  determine  if  the  closed-loop 
time  response  is  acceptable.  The  assumptions  used  in  developing 
the  equations  of  motion  are  detailed  in  Appendix  B-1.  The  derivation 


yields  a set  of  equations  that  are  linearized,  decoupled  approxima- 
tions to  the  equations  of  motion,  and  the  equations  are  valid  for 
small  perturbations  from  an  equilibrium  position. 

The  aircraft  dynamics,  in  the  form  of  a transfer  function,  are  used 
with  a servo  and  sensor  model  to  simulate  the  closed— loop  response. 

The  closed-loop  dynamics  are  studied  on  a digital  computer.  The  AFIT 
ROOTL  program  (ROOTL,  1974)  is  used  to  plot  the  root  locus  which  is 
used  to  determine  the  closed-loop  poles  and  system  stability.  The 
AFIT  PARTL  program  (PARTL,  1974)  is  used  to  determine  the  time  response 
to  various  inputs,  primarily  to  step  inputs. 

Discussion 

Flight  Conditions.  Nominal  flight  conditions  that  are  considered 
for  this  analysis  are  contained  in  Appendix  B-2.  Cruise  and  loiter 
dynamics  are  identical,  therefore  only  the  cruise  condition  is  analyzed. 
Over  90%  of  the  duration  of  the  flight  will  be  at  the  cruise  condition. 
Therefore,  cruise  is  used  as  the  design  condition. 

Equations  of  Motion.  The  digital  simulation  of  an  aircraft  comes 
from  evalxiating  its  eqxiations  of  motion.  The  equations  of  motion  are 
a system  of  eqxiations  that  contain  the  aircraft's  stability  coefficients. 
The  equations  of  motion  have  been  de-coupled  into  sets  of  longitudinal 
(pitch)  and  lateral  (roll-yaw)  equations.  Longitudinal  and  lateral 
stability  coefficients  are  developed  in  Appendices  B-3  and  B-4,  respec- 
tively. Cruise  coefficients  are  developed  in  detail  and  the  coefficients 
for  all  the  conditions  of  flight  (launch,  climb,  and  cruise)  are  summar- 
ized in  Tables  B-2  and  B-3,  {in  Appendices  B-3  and  B-4^  The  coefficients 
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are  developed  from  analytical  expressions  since  no  wind-tunnel  or 
flight  test  data  are  available  on  this  airframe  for  comparison. 

The  equations  of  motion  and  characteristic  motions  of  the  airframe 
are  developed  in  Appendices  B-5  and  B-6.  The  longitudinal  characteris- 
tics include  normal  phugoid  and  short-period  modes  of  oscillation.  The 
phugoid  oscillation  is  li^tly  damped  ( C - 0.145)  and  shows  up  as  a slowly 

converging  oscillation.  The  short-period  mode  is  well  damped  « 0.6) 
and  rapidly  dies  out. 

The  lateral  motion  includes  a moderately  damped  Dutch-roll  mode 
(C-0.358)  and  a rapidly  convergent  roll-subsidence  mode.  This  aircraft 
also  has  a characteristic  root  indicating  spiral  stability. 

Sensitivity  Analysis.  The  equations  of  motion,  as  developed  in 
Appendices  B-5  and  B-6,  are  used  in  the  study  as  a baseline  set  of 
dynamics  that  are  representative  of  an  airframe  that  can  be  constructed. 

The  actual  airframe  that  is  built  would  not  perform  exactly  as  the 
baseline  dynamics  predict.  Therefore,  a sensitivity  analysis  is  done 
in  Appendices  B-7  and  B-8  to  determine  how  sensitive  the  baseline 
dynamics  are  to  changes  in  input  parameters.  A best-case  and  worst- 
case  set  of  dynamics  are  developedj^  only  changes  in  the 

damping  ratio  of  the  dominant  oscillatory  ter^^iiTl^^  thej^oi^tudinal 
and  lateral  characteristic  motions.  A well-damped  characteristic  motion 
should  provide  well  damped  closed-loop  dynamics.  The  best-case  dynamics 
come  from  changes  that  increase  the  damping  ratio  and  the  worst-case 

results  from  a decreased  damping  ratio. 

The  dominant  longitudinal  oscillation  is  the  phugoid  oscillation. 

that  tend  to  increase  the  phugoid  damping  generate  the 


Combining  terms 


best-case  dynamics.  Worst-case  dynamics  result  from  combining  all  of 
the  terms  that  tend  to  decrease  the  phugold  damping.  Similarly,  the 
damping  ratio  of  the  Dutch-roll  mode  In  the  lateral  dynamics  Is  used 
to  generate  the  best  and  worst  cases  of  lateral  dynamics,  see  Appen- 
dix B-8. 

Appendix  B-7  shows  that  the  aircraft  can  tolerate  a 20%  variation 

In  C . This  variation  Is  converted  to  an  allowable  range  of  location 
m 

a 

for  the  center  of  gravity  In  Appendix  B-9. 

Servo  and  Sensor  Models.  Both  a servo  model  and  a sensor  model 
are  used  to  complete  the  closed-loop  analysis.  The  servo  model  Is 
developed  In  Appendix  B-10.  The  sensors,  a magnetcmeter  for  heading 
and  a pressure  transducer  for  altitude,  are  both  solid-state  devices 
and  are  modelled  as  unity  gains.  There  are  no  lags  associated  with 
their  measurements. 

Headlne  Control.  To  close  the  heading  control  dynamics,  the 
proper  aircraft  transfer  functions  are  needed.  Rudder-only  turns 
are  used  for  heading  control.  Appendix  B-11  develops  the  lateral 
transfer  functions  for  rudder  Inputs.  The  heading  control  loop  to 

be  analyzed  Is  shown  In  Figure  B-1.  — . 
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Figure 


B_l.  Preliminary  Closed-Loop  Heading  Control 
(No  Compensation) 


Appendix  B-12  gives  the  details  of  the  analysis  of  the  closed-loop 


heading  control.  The  lag  of  the  servo  drives  the  closed-loop  dynamics 


unstable.  A cascade  lead-lag  compensator  and  reduct^lon  of  the  gain  are 


included  in  the  forward  path,  as  described  in  Appendix  B-12.  to  stabi- 


lize the  system.  The  resulting  time  response  for  the  three  sets  of 


aircraft  dynamics  is  shown  in  Figure  B-2.  The  baseline  airframe  has 
a settling  time,  to  within  53:  of  a commanded  input,  of  less  than  20 


seconds.  A complete  heading  control  circuit  description,  including 


the  lead-lag  compensator,  is  presented  in  Appendix  E-4. 
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Figure  B-2.  Comparison  of  Heading  Control  Step  Response 
for  Varying  Aircraft  Dynamics 


Altitude  Hold.  The  longitudinal  dynamics  are  developed  and  in- 


cluded in  an  altitude-hold  system  in  Appendices  B-14  and  B-15.  The 


elevator  provides  control  inputs  for  the  airframe  and  a solid-state 


pressure  transducer  senses  and  is  used  to  feedback  altitude • Figure 


B-3  is  a block  diagram  description  of  the  altitude-hold  system. 
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Aircraft 


Figure  B-3.  Preliminary  Altitude  Hold  Block  Diagram 
(No  Compensation) 


The  combination  of  servo  lag  and  aircraft  dynamics  produces  an 


unstable  closed— loop  system.  To  stabilize  this  system^  a lead— lag 


compensator  and  reduction  of  gain  are  included  in  the  forward  path. 


and  a lead-lag  compensator  is  Included  in  the  feedback  path  (see 


Appendix  B-15) . 


Figure  B-4  shows  a comparison  of  the  best-case,  worst-case  and 


baseline  time  responses  of  the-altitude  hold  system,  (also  see  Ap- 


pendix B-16) . The  dominant  time  response  is  an  exponential  growth 


to  the  final  value.  The  baseline  altitude-hold  system  requires  87 


seconds  to  rise  to  95%  of  the  final  value.  The  slow  response  is 


acceptable  In  the  altitude-hold  loop  since  there  will  be  few  dis- 
turbances from  the  nominal  altitude,  and  precise  control  Is  not 
required.  A description  of  the  altitude  hold  circuit  Is  contained 
In  Appendix  B-17. 


Figure  B-4.  Comparison  of  Step  Response  of 

__ — Altltuda-Hold  Circult-wlth  Varylng._ 

Aircraft  Dynamics 


Conclusions  and  Recommendations 

Extended  hands-off  flying  of  mlnl-drones  without  a full-up  auto- 
pilot, using  rate  sensors  for  stability.  Is  feasible.  Both  heading  and 
altitude  control  can  be  accomplished,  given  proper  compensation  for 
stability.  The  cascade  compensators  that  have  been  selected  are: 

(0.4)  (s  + 1)  ^ , 

(s  + 10)  forward  path  of  the  heading  control  loop 

(0.004)(s  + 0.1)  . . . 

(i+To) forward  path  of  the  altitude-hold  loop 
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■C10)(s  + 4) 
(s  + 40) 


In  the  feedback  path  of  the  altitude-hold  loop 


The  selected  compensation  techniques  provide  stability  over  a range 
of  aircraft  dynamics.  It  is  recommended  that  wind-tunnel  or  flight 
testing  be  done  to  validate  the  simulation  dynamics.  This  testing 
should  be  accomplished  to  confirm  that  the  simulation  that  has  been 

developed  actually  models  the  airframe  that  could  eventually  be 
built. 


B-8 


4 < 


APPENDIX  B-1 

BASIS  FOR  THE  EQUATIONS  OF  MOTION 

The  equations  of  motion  that  are  used  In  this  study  are  derived 
from  Blakelock  (1965) • The  derivation  uses  a body— fixed  reference 
axis  system  with  its  <^’rigin  fixed  at  the  aircraft  center  of  gravity 
(standard  aircraft  body-axis  reference  system) . 

Basic  Assumptions 

Aircraft  has  symmetry  about  the  vertical  plane  through  the  center 
of  gravity  (left  and  right  sides  are  symmetrical). 

An  earth-centered  inertial  reference  is  used  on  conjunction  with 
a flat-earth  assumption. 

The  mass  of  the  aircraft  remains  fixed  during  the  period  of 
dynamic  analysis  (10-60  seconds). 

The  atmosphere  is  fixed  and  rotates  with  the  earth. 

The  aircraft  always  starts  in  a condition  of  equilibrium,  and 
disturbances  arise  from  control  inputs  or  other  perturbations,  such 
as  gustlng. 

The  aircraft  is  assumed  to  be  a rigid  body. 

Perturbations  from  the  equilibrium  are  assumed  to  be  small,  so 
the  products  of  perturbations  can  be  neglected,  and  small  angle  as- 
sumptions apply. 

Quasi-steady  flow  exists  (valid  for  low  mach  number  (M  <0.8)). 

These  basic  assumptions  are  used  to  generate  a set  of  linear, 
decoupled  equations  of  motion.  The  equations  are  decoupled  into 
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a 


set  of  longitudinal  (pitch  dynamics)  and  lateral  (roll  and  yaw  dyna- 
mics) equations  of  motion. 

The  final  form  of  the  equation,  as  derived  by  Blakelock  (1965:21) 
is  as  follows: 

Longitudinal  Equations  of  Motion: 


Lateral  Equations  of  Motion: 


6(s)  - C 

^a 
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The  coefficients  of  the  above  equations  are  non-dimensionalized 
coefficients,  commonly  referred  to  as  "stability  derivatives". 
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NOMINAL  FLIGHT  CONDITIONS  FOR  ANALYSIS 

The  three  nominal  flight  conditions  used  In  evaluation  of  the 
stability  coefficients  are  launch,  climb,  and  cruise.  Some  of  the 
parameters  associated  with  each  of  these  conditions  are  contained 

In  Table  B-1. 

TABLE  B-1.  NOMINAL  FLIGHT  PARAMETERS 

DYNAMIC  LIFT  DRAG  NOMINAL 

SPEED  H(FT)  PRESSURE  COEFFICIENT  COEFFICIENT  WEIGHT 
U(FT/SEC)  ALTITUDE  q(LB/FT^)  C^  Cjj  w(POUNDS) 


Launch 

73.33 

0 

6.394 

1.22 

0.118 

120 

Climb 

88 

5000 

7.934 

1.22 

0.118 

120 

Cruise  110 

10000 

10.624 

0.68 

0.060 

110 

mmrn  n ilri^~'’^fiYiiiin’iifiir  nfifliirnefiliilfri  liiiilirtt'  ii'iii^i  if  iiT  "- 
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EVALUATION  OF  NOMINAL  LONGITUDINAL  STABILITY  DERIVATIVES 

The  following  equations  come  from  Blakelock  (1965)  and  Perkins 
and  Hage  (1949) , except  where  noted.  Aircraft  planform  and  related 
characteristics  are  taken  from  the  airframe  design,  Appendix  A,  and 
are  summarized  in  Tables  A-5  and  A-6  and  Figure  A-10.  Nominal  cruise 
stability  coefficients  are  developed  in  detail  below: 


IL 

Sq  du 


where 


3T 

3u 


so 


-0.227  (from  Figure  C-17 ) 


110 

(17) (10.62) 


(-0.227)  -(2) (0.06)  - (110) (0) 


-0.258 


(B-7) 


(B-8) 


(2U0.68)  (4.75) 
ir(0.93)(6) 


where 


Static  Margin 


since  drag  changes  are  negligible  (Blakelock,  1965:25) 


since  drag  changes  are  negligible  (Blakelock,  1965:25) 


C - 0 

m 

u 

since  slipstream  effects  are  negligible 
(Blakelock,  1965:26) 

The  same  methodology  is  used  to  generate  the  coefficients  for 
the  other  two  flight  conditions.  The  nominal  longitudinal  stability 
coefficients  for  the  three  flight  conditions  are  summarized  in 
Table  B-2  (all  coefficients  are  unitless  or  per  radian). 


TABLE  B-2.  NOMINAL  LONGITUDINAL  STABILITY  COEFFICIENTS 


LAUNCH 


CLIMB 


CRUISE 
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EVALUATION  OF  NOMINAL  LATERAL  STABILITY  DERIVATIVES 

The  following  equations  cone  fron  Blakelock  (1965)  and  Perkins 
and  Hage  (1949),  except  where  noted.  Airframe  planform  and  related 
characteristics  are  from  Appendix  A and  are  summarized  In  Tables  A-5 
and  A-6  and  Figure  A-10.  Nominal  cruise  coefficients  are  generated 
In  detail  below. 

_E 

C » -0.45  (Perkins,  1949:357)  (B-5 

P 


C 


I 


6 


where 


C Is  composed  of  the  following  four  components 


^wlng 


+ C + AC  + AC 

^vert  1 2 

tall 

(Perkins,  1949:323) 


with 


■ 

^wlng  tip 

shape 

. (0.75)  (5)  (57.3).  ^00 

3290 


0.0653 


(B-; 


(B- 


B-19 


and 


vert 

tall 


vert 

tall 


-a 


vt  S 


vt 

I 

vt 


vt  vt 


where  , the  effective  aspect  ratio  of  the  vertical  tall  Is: 


vt 


also 


therefore 

C. 


1.55 


vt 

^vt 


which  yields 


<i-55xa.5): 

210 

1.66 


2.21 


.0287 


(Perkins,  1949:325) 


(Perkins,  1949:324) 


(Perkins,  1949:324) 


(-2.21)  (1.46)  (4. 59)  (1)  , . n-fl? 

(17)(10.i)  + 4.58 


vert 

tall 


- -.0149 


also 


(17) (10.62) 

0.0 


I V 

prop 

- -0.00573 

^rqp 

wln(imllling 

•»  (1.5)1^00573>- 

Ij 

prop 

full  power 


» -0.007A5 


-0.0115 


0.0195 


C - -0.00613 

wing 

so 

C - -0.00745  - 0.0115  + 0.0195  - 0.00613 

- -0.0056 

and 

C « 0.0056 

"e 

c 

j:e 

C has  no  simple  equation*  so  use  C “ -0.6  (Blakelock* 

yg  yp  1965:112) 

The  same  methodology  is  used  to  generate  the  stability  coefficients 
for  the  other  two  flight  conditions.  The  nominal  lateral  stability  co- 
sfficients  for  the  three  flight  conditions  are  summarized  in  Table  B-3 
(all  coefficients  are  unitless  or  per  radian). 


TABLE  B-3 


NOMINAL  LATERAL  STABILITY  COEFFICIENTS 


CRUISE 


CLIMB 


LAUNCH 


0.0756 


The  longtitudlnal  stability  coefficients  are  used  in  the  appropri- 


ate non-dimenslonallzed  equations  of  motion  from  Appendix  B-1  to 


generate  the  following  set  of  equations  for  cruise  conditions: 
(2.081s  +0.258)  u(s)  + (-.311)  o(s)  + (.609)  0(s)  » Cj,  (B-29) 

X 

a 


(1.361)  u(s)  + (2.081s  + 4.75)  o(s)  + (-2.081)  0(s)-  (B-30) 

z 

a 

(.045s  +0.95)  a(s)  + (.0223s^  +0.099s)  0(s)  “ (B-31) 

a 


Similar  sets  of  equations  can  be  generated  for  take-off  and  climb 
conditions.  The  characteristic  equation  is  determined  by  setting  tbe 
determinant  of  the  coefficients  of  the  above  equations  equal  to  zero. 
The  characteristic  equation  of  the  homogeneous  solution  (zero  forcing 
functions)  for  the  system  of  equations  is  generated  and  factored  to 
yield  the  characteristic  motion. 

The  longitudinal  characteristic  motions  for  the  three  conditions 
of  flight  are  summarized  in  Table  B-4. 


TABLE  B-4.  LONGITUDINAL  CHARACTERISTIC  MOTION 


Take-off 

Cruise 


PHUGOID  SHORT  PERIOD 


NATURAL 

FREQUENCY 

(0  (rad/sec) 
n 

DAMPING 

RATIO 

C 

NATURAL 

FREQUENCY 

0)  (rad/sec) 
n 

DAMPING 

RATIO 

C 

0.559 

0.053 

5.8 

0.67 

0.528 

0.077 

6.35 

0.64 

0..393 

0.145 

7.26 

0.602 
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T.ATERAL  DYNAMICS  AND  CHARACTERISTIC  MOTION 

The  lateral  atablllty  coafflclante  are  uaed  In  the  eorrespondlng 
non-dlmenslonallted  equations  of  notion,  from  Appendix  B-1,  to  gener- 
ate the  following  set  of  equations  for  cruise  conditions. 

(-0.609)  qCs)  + (2.081s)  + *(s)  + (2.081s  + 0.6)  S (s)  - C (B-32) 

(0.0024s^  + 0.0207s)  Ms)  + (0.0002s^  - 0.0142s)  iKs) 

+ (0.0756)  e(s)  - (B-33) 

a 

fO.OOOls^  + 0.0016s)  Ms)  + (0.0061s^  + 0.0075s)  Ms) 

+ (0.0057)  3(s)  - (B-34) 

a 

Similar  sets  of  equations  can  be  generated  for  take-off  and  climb 
conditions.  The  characteristic  equation  arising  from  the  system  of 
equations  with  the  forcing  functions  equal  to  zero  is  solved  for  the 
characteristic  motion.  The  lateral  characteristic  motions  for  the  three 
conditions  of  flight  are  summarized  in  Table  B-5. 


TABLE  B-5.  LATERAL  CHARACTERISTIC  MOTION 


DUTCH  ROLL 


NATURAL 

FREQUENCY 

0)  (rad/ sec) 
n 

DAMPING 

RATIO 

C 

SPIRAL 

STABILITY 

ROLL 

SUBSIDENCE 

Launch 

1.621 

0.375 

-0.342 

-7.78 

Climb 

1.767 

0.381 

-0.301 

-8.12 

Cruise 

1.649 

0.358 

-0.409 

-8.76 
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SENSITIVITY  ANALYSIS  OF  LONGITUDINAL  STABILITY  COEFFICIENTS 

Each  of  the  longitudinal  stability  coefficients  are  changed  from 

their  nominal  values.  The  resulting  changes  to  the  characteristic 

motion  are  contained  in  Table  B-6.  In  general,  plus  and  minus  twenty 

percent  changes  are  used.  The  weight  terms  and  a lift  related  term, 

C,  , are  varied  only  ten  percent,  since  the  weight  change  due  to  using 
*u 

fuel  can  only  vary  ten  percent  around  the  nominal. 

The  beat  case  and  worst  case  result  from  looking  at  the  damping 
ratio  of  the  phugoid.  The  phugoid  is  a long-period  lightly-damped 
oscillation  which  is  the  dominant  longitudinal  characteristic  motion. 
Increasing  and  decreasing  the  damping  ratio  of  the  phugoid  are  used  to 
define  the  best-case  and  worst-case  dynamics.  The  best  case  is  a 
combination  of  all  of  the  changes  that  increase  the  damping  ratio. 

The  worst  case  is  a combination  of  all  the  terms  that  decrease  the 
damping  ratio.  The  best-case  and  worst-case  characteristic  motions 


are  included  in  Table  B— 6. 


table  b-6.  longitudinal  sensitivity 


PHUGOID 


SHORT  PERIOD 


percent 

CHANGE 


STABILITY 

derivative 


damping 

RATIO 


NATURAL 
frequency 
u (rad/sec) 


damping 

RATIO 


NATURAL 
FREQUENCY 
u (rad/sec) 


Baseline 


Weight 


Worst  Case 


mmpipiPiPPiiPiPP 


"X® 


APPENDIX  B-8 

SENSITIVITY  ANALYSIS  OF  THE  LATERAL  STABILITY  COEFFICIENTS 

The  sensitivity  of  the  characteristic  motion  of  the  aircraft  to 
changes  in  stability  coefficients  is  determined  by  varying  one  coef- 
ficient at  a time.  In  general,  the  changes  are  plus  and  minus  20% 
from  the  nominal.  The  weight  terms  are  varied  only  10%,  which  is  the 
actual  weight  variation  due  to  fuel  flow. 

There  is  no  simple  relationship  to  generate  the  Cy^  term.  A 
nominal  value  of  Cy^  =-0.6  was  selected  (Blakelock,  1965:112).  The 
sensitivity  of  C is  checked  for  an  increase  of  50%  and  a decrease 
of  an  order  of  magnitude. 

The  best  case  and  worst  case  dynamics  result  from  looking  only 
at  the  damping  ratio  of  the  Dutch  roll  mode.  The  Dutch  roll  oscil- 
lation is  the  dominant  characteristic  oscillation  of  the  lateral 
response.  Therefore,  increasing  and  decreasing  its  damping  ratio 
is  used  to  define  the  best,  and  worst  case  dynamics.  The  best  case 
is  the  combination  that  increases  the  damping  ratio.  The  v’orst 
case  is  the  combination  of  terms  that  decrease  the  damping  ratio 
(see  Table  B-7). 
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STABILITY 

COEFFICIENT 


CHANGE 


DUTCH  ROLL 


SPIRAL 

STABILITY 


ROLL 

SUBSIDENCE 


NATURAL 

FREQUENCY 

0)  (rad/sec) 
n 

DAMPING 

RATIO 

C 

BASELINE 

1.649 

0.358 

-0.409 

-8.760 

Weight 

+10% 

0.295 

-0.38 

-7.294 

-10% 

0.435 

-0.442 

-11.011 

1 

C, 

+20% 

1.564 

0.391 

-0.381 

-10.453 

1 

P 

-20% 

1.767 

0.308 

-0.440 

-7.110 

c* 

+20% 

1.751 

0.318 

-0.446 

-8.782 

£ 

-20% 

1.546 

0.403 

-0.358 

-8.738 

c 

+20% 

1.595 

0.404 

-0.539 

-8.761 

"r 

-20% 

1.688 

0.307 

-0.299 

-8.760 

C 

+20% 

1.713 

0.355 

-0.366 

-8.760 

n 

P 

-20% 

1.582 

0.355 

-0.459 

-8.760 

C 

+50% 

1.698 

0.394 

-0.386 

-8.762 

y 

e 

-90% 

1.563 

0.278 

-0.455 

-8.757 

BEST  CASE 

1.536 

0.597 

-0.471 

-13.164 

WORST  CASE 

1.815 

0.180 

-0.325 

-5.991 

Jks». 


I 
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NEUTRAL  POINT  AND  CENTER  OF  GRAVITY  LOCATION 

The  locations  and  relationships  of  the  wing  aerodynamic  center 
(quarter-chord  point  of  the  wing),  the  center  of  gravity  of  the  air- 
craft and  the  neutral  point  (aerodynamic  center)  of  the  aircraft  are 
shown  in  Figure  B-5. 


The  aircraft  neutral  point  (aircraft  aerodynamic  center)  is 

located  the  distance  x behind  the  wing  aerodynamic  center.  The 

o 

distance,  x . can  be  found  using  the  following  relationships: 

* « ' 


X 


o 


c 


(1- 


de  I 

da  'C, 


Vt 


a 


S .. 

vt  vt 
Sc 


(B-35) 


(Dommasch,  1951:382) 
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U ^ u; 


1.78 


- (0.227)(1.78) 

« 0.404  feet 

4.85  Inches 

The  distance  between  the  neutral  point  and  the  aircraft  center 
of  gravity,  x is  determined  by  the  static  margin.  A static  margin  of 
-20%  Is  recommended  as  a starting  point  for  this  type  of  vehicle 
(Bair,  1975:12).  (The  negative  value  of  x indicates  that  the  center 
of  gravity  is  in  front  of  the  neutral  point,  which  is  required  for  a 
stable  aircraft.) 

— « Static  Margin 

c 

- -0.20 

so 

X = (-0.20) (s) 

- (-0.20) (1.78) 

* -0.356  feet 

* -4.27  inches 

These  calculations  result  in  a theoretical  difference  between  the 
center  of  gravity  and  the  wing  aerodynamic  center  of  about  one-half 
an  inch.  Therefore,  the  center  of  gravity  of  the  aircraft  is  con- 


- 0.227 

so 

X = (0.227)(c) 
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sldered  located  at  the  wing  aerodynamic  center  (quarter  chord  point 
of  the  wing) . 

Appendix  B-7  shows  that  + 20%  changes  in  are  not  excessive 
and  do  not  drastically  affect  the  aircraft  stability  characteristics. 

A 20%  change  in  directly  relates  to  a 20%  change  in  static  margin, 
see  Eq  (B-IA) , which  can  be  used  to  calculate  the  allowable  range  for 
center  of  gravity.  For  a 20%  increase  in  static  margin  Eq(B-36)  yields 
X - -5.13  inches.  For  a 20%  decrease  in  static  margin  Eq(B-36)  gives 
X » -3.42  inches.  This  indicates  that  the  location  of  the  center  of 
gravity  moves  through  1.71  inches  to  vary  the  static  margin  by  + 20%. 

It  Is  expected  that  the  variation  from  aircraft  to  aircraft  will  be 

much  less  than  this. 
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SERVO  TRANSFER  FUNCTION 

The  proposed  control  loops  Involve  servos,  which  must  be  mathe- 
matically modelled  to  be  Included  In  the  closed-loop  analysis.  The 
response  of  the  Kraft  KPS-16  servos,  that  are  proposed.  Is  highly 
non-llnear.  As  a first  order  approximation  the  servos  are  modelled 
as  a simple,  linear,  first-order  time  lag. 

The  servo  response  reaches  95%  of  the  final  value  In  one  second 
and  travels  the  last  5%  In  one-tenth  of  a second.  Figure  B-6  shows 
that  an  exponential  of  the  form,  f(t)  = l-e"^/"'  with  t -0.5.  Is  an 

approximation  to  the  response  of  the  servo.  The  appropriate  transfer 
function  Is: 


T.  F. 


K 


servo 


s 

s + 1/t 


(B-37) 


s + 2 


Figure  B-6.  Exponential  Approximation  of  the  Linearized 
Response  Curve  of  the  KPS-16  Servo 
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T ao^itpat  nVNAMlCS  WITH  RUDDER  INPUT 


The  forcing  fnnctlone  Involved  with  rudder  Inputs  ere  evslusted 
to  determine  the  leterel  dynemics  uhich  result  from  rudder  Inputs. 


fvt  JL^  ^^t(2)  (Perkins,  1949:250)  (B-38) 
^vt^vt  S b 


(The  fector  of  tuo  Is  Included  since  this  aircraft  has  tw 


rudders) 


Using  A 


(Perkins,  1949:325)  (B-39) 


yields 


2.21/rad 


(Perkins,  1949:250)  (B-40) 


0.5  for  30%  rudder 


(Perkins,  1949:25  ) (B-41) 


1,46  4.58  /..■V  /o\ 

-(2.21)  (0.5)  (1)  (2) 


(B-42) 


-.0861 


1 


I 


I 

luL 


* s ^ 

vt  _vt 

a ^ r — "5  U; 

vt  vt  b S 


(B-44) 


- (-.0861) 
4.58 


(2.21)  (0. 5)  (2) 


0.0188 


The  AFIT  TRANFUN  program  (TRANFUN,  1974)  is  used  to  generate 
transfer  functions  given  a system  of  equations.  These  forcing  func- 
tions and  the  basic  lateral  equations  of  motion,  that  are  developed 
in  Appendix  B-6,  are  used  to  generate  the  transfer  functions  associated 

with  a rudder  input. 


’ The  transfer  functions  are: 

(b(s) 

9.034  (s  + 4.14)  (s  - 12.37j ^ 

4;  \o/ 
6^(8) 

“ (s  + 0.587  + 1.542j)  (s  + 0.409)  (s  + 8. /ft) 

lb  (s) 

-14.41  fs  + 0.0779  + 1.0071)  (s  + 8.75)  ^ 

6 (s) 
r 

" 8 (s  + 0.587  + 1.542J)  (s  + 0.409)  (s  + 8./0; 

' 6(s) 

15.33  (s  - 0.166)  (s  + 8.511) ^ 

6^(s) 

“ (s  + 0.587  + 1.542J)  (s  + 0.409)  (s  + 8./b; 

B“36 

(B-45) 


(B-47) 
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CLOSED-LOOP  HEADING  CONTROL  DYNAMICS 


Closed-loop  navigation  is  accomplished  using  a magnetometer  to 
sense  and  continuously  feedback  the  aircraft  heading  angle,  i|),  while 
in  flight.  This  is  compared  with  a commanded  heading  angle, 
which  comes  from  the  navigation  scheme,  to  generate  an  error  signal 
e.  The  error  signal  drives  a servo  which  generates  a rddder  deflec- 
tion, 6^.  The  aircraft  responds  to  these  rudder  reflections  to  produce 
a heading  change.  The  transfer  function  for  the  heading  response  is 

as  developed  in  Appendix  B-ll,  The  closed  loop  system  is  shown 
in  Figure  B-1. 


Aircraft 


Magnetometer 


Figure  B-1.  Preliminary  Closed-Loop  Heading  Control 
(No  Compensation) 


The  open-loop  trensfer  function,  E,(B-48).  is  need  to  plot  » root 
ecus  of  the  closed-loop  heading  control  system. 

(-2)  r-A1.4lUs+0.n779  ± 1.007JUS+8.74)  (B-48) 

r.F.Q  L.  “ ( s)(S+2)(s+0.587  + 1.542j)  (s+0.40yj  (s  + 8.7^ 

Figure  B-7  Is  the  associated  root  locus  plot.  The  roots  In  the 
rlght-helf  e-plene  Indicate  an  unstable  oacUUtlng  ayaten.  Figure  B-8 
shows  the  system  repponse  to  a step  change  In  commanded  heading.  These 
divergent  oscillations  In  the  time  response  are  totally  unacceptable. 
The  inherent  lag  of  the  servo  contributes  to  the  unstable  oscillations. 
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m nf  the  Heading  Control  System 
-8.  Unstable  Time  Response  of  the  Heaoi  g 

(No  Compensation) 


Two  methods  that  can  be  used  to  stabilize  the  system  are:  a reduc- 
tion In  gain,  which  moves  the  operating  point  along  the  original  root 
locus,  or  a cascade  compensator,  which  can  vary  the  branches  of  the 
root  locus  and  move  them  Into  the  stable  left-half  s-plane.  Cascade 
compensation,  by  moving  them  Into  the  left-half  s-plane,  provides  a 
larger  gain  margin  than  that  which  Is  provided  by  a gain  reduction 
technique  (gain  margin  Is  used  here  to  mean  the  difference  In  gain 
required  to  move  along  a root  locus  branch  from  a satisfactory 
operating  point  to  the  Imaginary  axis,  which  Is  approaching  an 
unstable  operating  point). 

3 + 1 

A lead-lag  compensator  of  the  form  — — provides  for  adequate 

time  response  of  the  system  without  the  need  for  any  other  gain  reduc- 
tion. Various  compensators  are  checked  for  adequate  compensation  using 
the  ROOT!  program.  The  above  compensator  Is  selected  because  It  has 
the  greatest  effect  on  moving  the  root  locus  left  to  the  stable  region 
of  the  s-plane  and  provides  a large  gain  margin.  The  resulting  gain 
margin  Is  slightly  over  one  order  of  magnitude  (3db) . A block  diagram 
of  the  closed-loop  system,  with  the  compensator  Included,  Is  shown  In 
Figure  B-9. 

The  time  response  of  the  system  comes  from  the  closed- loop  trans- 
fer function.  The  poles  (denominator  roots)  of  the  closed-loop  transfer 
function  come  from  the  operating  points  on  the  root  locus,  see  Figure 
B-10.  The  zeros,  or  numerator  roots  of  the  closed  loop  transfer  func- 
tion, are  a product  of  the  forward  path  zeros,  forward  path  gain,  and 
feedback  path  poles  (Houpls,  1960:206).  The  closed-loop  transfer 
function  for  heading  angle  produced  by  the  aircraft  from  a commanded 
heading  Input  Is  Eq(B-49). 


Figure  B-9.  Heading  Control  Block  Diagram  with  Compensation: 

28.82  (s+0. 0779  ± 1.0071)  (8+8.714^  + i) 

(s+0.152  + O.bJlj)  (s+0.828  + 2.13j)(s+i.28)(8+10.3)(8+8.757 


(B-49: 


The  PARTL  program  is  used  to  get  the  time  response  of  the  system. 
The  response  to  a step  input,  of  the  baseline  aircraft  in  the  closed- 
loop  system,  is  shown  in  Figure  B-11.  The  time  response  is  a damped 
oscillation.  The  oscillations  are  well  damped  and  the  aircraft  changes 
heading  to  within  5%  of  the  commanded  value  within  twenty  seconds. 
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Figure  B-11. 
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Time  Response  of  Heading  Angle 
for  a Unit  Step  Input  of  Commanded 
Heading  Angle 


Gain  reduction  is  added  to  improve  system  response.  Table  B-8 
shows  the  dominant  oscillatory  term  and  corresponding  settling  time 
which  come  from  reducing  the  gain  from  the  baseline  of  28.82.  Reduc- 
ing the  gain  does  reduce  the  settling  time.  Figure  B-12  compares  the 
system  time  response  with  the  baseline  gain  of  28.82  and  a 60%  gain 
reduction  to  11.53. 


TABLE  B-8.  DOMINANT  RESPONSE  FOR  VARIOUS  VALUES  OF  GAIN 


Open- 

Loop 

Gain 

Duth  Roll 

Natural 

Frequency 

Cki^Crad/sec) 

Damping 

Ratio 

C 

Settling 

Time 

Tg(sec) 

28.82 

0.65 

0.23 

20.1 

17.29 

0.54 

0.34 

16.3 

11.53 

0.45 

0.43 

15.5 

5.76 

0.33 

0.63 

14.4 

Figure  B-12.  Comparison  of  Heading  Step  Respone 
for  Two  Values  of  Gain 


Through  block  diagram  manipulations,  two  more  elements  of  the 
system  are  studied,  rudder  transients  and  response  to  gusts.  The 
rudder  deflection,  6^,  is  considered  the  output  with  aircraft  dyna- 
mics and  magnetometer  in  the  feedback  path.  The  transfer  function 
in  Eq(B-50)  is  generated  and  used  to  output  the  rudder  transients. 


jlO.8  (s)  (s  + 1)  (s  + 0.587  ± 1.5421)  (s  + 0.409)  fs  + 

( s+0n52  + 0.631j)(sf0.828  + 2.135j)  (s+1.283)  (s+8.753)  (s+10.35) 


(B-50) 


Figure  B-13  shows  the  resulting  time  response  of  rudder  deflec- 
tion given  in  a unit-step  change  in  heading  command  input.  The  rudder 
transients  damp  out  with  the  same  characteristic  oscillation  as  the 
aircraft  and  the  final  value  of  rudder  deflection  is  zero.  So  once 
the  aircraft  is  stabilized  on  the  commanded  heading  angle,  no  further 
rudder  deflection  is  required.  The  peak  rudder  deflection  required 
for  a 10-degree  change  in  commanded  heading  is  about  0.6  degrees 
rudder  deflection. 


B-44 


commanded  heading  angle.  The  settling  time  frr  gust  suppression  Is 


the  same  as  the  basic  closed-loop  settling  time,  less  than  20  seconds 
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Time  Response  of  Heading  Angle 
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Heading  Angle  Due  to  Gust 


APPENDIX  B-13 


BEST-CASE  AND  WORST-CASE  CLOSED-LOOP  HEADING  CONTROL  DYNAMICS 

The  analysis  in  Appendix  B-i2  is  repeated  with  the  compensator 
and  servo  as  developed  there, while  varying  the  aircraft  dynamics  from 
the  baseline.  The  best-case  and  worst-case  dynamics  are  defined  in 
Appendix  B-8.  Techniques  of  Appendix  B-11  are  repeated  for  the  best 
and  worst  case  to  generate  the  corresponding  aircraft  transfer  func- 
tions as  shown  In  Eq  (B-52)  and  (B-53) . 

Best  Case: 

-17.94  (s  + 0.128  ± Q.B19i)  (s  + 13.05) /g. 

^(s)  ” s (s  + 0.917  + 1.232j)  (s  + 0.471)  (s  + 13.16) 


Worst  Case: 

ii,(s)  -12.04  (s  - 0.00429  ± 1.216J)  (s  + 5.999) (g. 

Sli)  “ s (8  + 0.325)  (8  + o7326  + 1.785J)  (s  + 5.991) 
r 

Closed-loop  heading  control  transfer  functions  are  given  in 
Eq  (B-54)  and  (B-55) . 


Best  Case: 

ils)_ 


’^CMD^®^ 


14.35  (s  + 1)  (s  + 0.128  ± 0.819i)  (s  + 13.05) 

■ V ^ cnn\  / 


(B 


(s+0.214  + 0.222j)(s+1.091  + 1.412j)  (s+1.599) (s+10.09) (s+13.16) 


B-47 


Worst  Case: 


9.63  (s  + 1)  (s  - 0.00429  ± 1.2151)  (s  + 5.999) 

"(s+0.147  + 0.697j) (s+0.5  + 2.146)  (s+1. 405) (s+5 . 992) (s+10. 28) 

Figure  B-2  shows  a comparison  of  the  best-case,  baseline  and 
worst-case  time  response  to  a step  input.  Table  B-9  has  a similar 
comparison. 
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Figure  B-2.  Comparison  of  Heading  Control  step  Response 
for  Varying  Aircraft  Dynamics 


The  combination  of  increasing  natural  frequency  and  decreasing 
damping  ratio  results  in  settling  times  approximaMy  equal  for  all 
three  sets  of  dynamics. 


TABLE  B-9.  COMPARISON  OF  BEST-CASE,  BASELINE, 

AND  WORST-CASE  HEADING  CONTROL  DYNAMICS 


BEST  CASE 


BASELINE 


WORST  CASE 


DUTCH  ROLL 

NATUPJO. 

FREQUENCY 

aijj(rad/sec) 

DAMPING 

RATIO 

C 

0.56 

0.27 

0.65 

0.23 

0.71 

0.21 

SETTLING 

TIME 

T (sec) 
s 


e— I 
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APPENDIX  B-14 


LONGITUDINAL  DYNAMICS  FOR  ELEVATOR  INPUT 


The  coefficients  Involved  with  elevator  Inputs  are  evaluated  to 
determine  the  longitudinal  dynamics  that  result  from  elevator  Inputs, 
For  the  full-flying  horizontal  tall  C = C 


with  a. 


where 


2 1/2 
[1  + (A/2)  ] 


(Seckel,  1964:60)  (B-57) 


so  a. 


C^M.2.»59 

2,1/2 


and  C 


_3  09  Q) 

^ (1.78)  (17) 


-2.16 


(Blakelock,  1965:31)  (B-58) 


- -0.8395 

6 

e 


C * 0 drag  effects  are  negligible 

*6 

® (Blakelock,  1965:31)  (B-59 


The  TRANFUN  program  is  used  with  these  forcing  functions  and  the 
basic  longitudinal  equations  of  motion  developed  in  Appendix  B-5,  to 
generate  the  transfer  functions  associated  with  an  elevator  input. 
TRANFUN  generates  the  following  transfer  functions: 


(B-60) 

(B-61) 

(B-62) 


APPENDIX  B-15 

CLOSED-LOOP  ALTITUDE  HOLD  DYNAMICS 


Closed-loop  altitude  hold  Is  accomplished  by  using  a solid-state 
pressure  transducer  to  sense  and  continuously  feedback  the  aircraft 
altitude  (h) . Measured  altitude  Is  compared  with  a commanded  altitude 
to  generate  an  error  signal  (e) . The  error  signal  Is  the  Input  to  a 
servo  which  generates  an  elevator  deflection  (6^)  resulting  In  air- 
craft pitch  and  angle  of  attack  changes  and  finally  the  desired  changes 
In  altitude. 

Aircraft  response  to  elevator  Inputs  Is  developed  In  the  form  of 

a transfer  function.  Eq  (B-63)  and  Eq  (B-64)  are  combined  to  form  the 

necessary  transfer  function.  The  acceleration  a Is  defined  with  res- 

z 

pect  to  the  earth. 


h 


a 

z 


a 


(Blakelock,  1965:97)  (B-63) 


(Blakelock,  1965:72)  (B-64) 


(B-65) 


V (X 

— and  — transfer  functions,  from  Appendix  B-14,  are  used  to  generate 
e e 

Eq  (B-66), 

h(s)  -44.33  (s  + 0.0801)  (s  + 21.86)  (s  - 23.11) 

6^(s)  s(s  + 0.0569  + .3888j)  (s  + 4.375  + 5.799J) 


(B-66) 


The  closed  loop  altitude  hold  system  is  shown  in  Figure  B-3 


Servo 


Aircraft 


Figure  B-3.  Preliminary  Altitude  Hold  Block  Diagram 
(No  Compensation) 


The  related  open- loop  transfer  function,  Eq  (B-67) , is  used  to 
plot  a root  locus  of  the  closed-loop  altitude-hold  system. 


T.F. 


O.L. 


(-2)  (-44.33)  fs+O.C801)  (s+21.86)  (s-23.11) 

(s)(s+2)  (s+0.0569  + .3888j)(s+4.375  + 5.799j) 


(B-67) 


An  unstable  system  is  indicated  by  the  associated  root  locus, 

Figure  B-15,  with  branches  in  the  right-half  s-plane.  As  in  the 
case  in  the  heading  control  loop,  the  lag  of  the  servo  combined  with 
the  aircraft  dynamics  produces  an  unstable  oscillatory  system  response. 

Cascade  compensation  and  gain  reduction  are  used  to  generate  a 
stable  system  response.  Two  lead-lag  compensators  are  used,  one  in  the 
forward  path  and  one  in  the  feedback  path.  Gain  reduction  anywhere  from 
60%  to  80%  is  recommended  and  should  be  selected  depending  on  the  desired 


system  response  and  gain  mareln  ^ 

.Mrgln.  The  geln  „ergl„  Is  Juet  under  one  order 

Of  ^agndrude  (3  dh,  Tor  the  SO.  gedn  reducrdon  end  ds  onl,  ehour  . Tecror 

of  four  (1  dh).  less  Than  half  an  order  of  nagnltude,  for  a 60.  gain  red- 
uctlon. 


The  lead-lag  conpensator  for  the  feedbaok  path  Is  ^ 

ft  provides  unity  feedback  for  the  steadv  .tar  “ + 40 

tne  steady-state  system.  A lead-lag 

compensator  of  t>e  form  (S  + Q.l^ 

(s  + 10)  Included  In  the  forward  path 

Which,  conbined  with  the  factor  of  10  in  the  feedback  path,  gives  a 

sain  reduction  of  60..  The  closed-loop  systen  with  coag,ensation  is 
shown  In  Figure  B-16, 
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Figure  B-16.  Altitude  Hold  Block  Dlagran  (with  Compensation). 


The  Closed-loop  transfer  function  has  as  its  poles  the  operating 
points  Of  the  root  locus,  figure  B-17.  The  numerator  is  a product  of  the 
orward  path  teros,  forward  path  gain  and  feedback  poles.  Eq(B-6S) 
represents  the  closed-loop  altitude-hold  dynamics. 


Figure  B-17.  Root  Locus  Plot  of  the  Compensated  Altitude  Hold 
System. 


B-56 


35.46  (s  + .DCs  + 0.0801)  (s  + 21.86)  (s  - 23.11)  (s  + 40) 

(s+0. 024)  (s+0. 424)  (s+0. 87+0. 84j)(s+4. 5+5. 44j)(s+9. 716)  (s+39.99) 


(B-68) 


PARTL  Is  used  to  find  the  tl:ae  response  of  the  system.  The 
response  to  a step  Input  Is  shown  In  Figure  B-18.  The  dominant  res- 
ponse Is  an  exponential  growth  to  the  final  value.  About  90  seconds 
are  required  for  the  response  to  stay  within  5%  of  the  final  value. 

If  the  80%  gain  reduction  Is  used,  a slower  time  response  Is  generated, 
and  slightly  over  2 minutes  are  required  to  achieve  95%  of  the  commanded 
Input.  Figure  B-19  shows  a comparison  of  the  time  responses  for  these 
two  levels  of  gain  reduction. 

Elevator  transients  and  response  to  gusts  Is  studied  as  In 
Appendix  B-12  for  the  heading-control  loop.  Figures  B-20  and  B-21 
contain  the  associated  time-response  curves.  The  settling  time  to 
damp  out  gust  perturbations  In  altitude  is  90  seconds. 
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Figure  B-18.  Step  Response  of  Aircraft  Altitude 
Given  a Commanded  Altitude  Change. 
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Figure  B-19.  Comparison  of  Step  Response  in  Altitude 
For  Two  Values  of  Gain. 
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appendix  B-16 


The  analysis  In  Appendix  B-  15  is  ren..^  . 
and  servos  as  developed  there  whll  c°»Pensators 

the  baseline  The  b 

B. : : :rr  ~ 

The  technique  of  Appoodlx  B-14  are  r.„  , a . 

best-  aryA  repeated  for  the 

St  cases  to  generate  the  corresponding  aircraft  tr 

^-tfooa.  THao  ^ 

Eq(B-69)  andEq(B-70).  ’ to  generate 

Best  case  Is: 


(s  + 6.07TT4:702jy 


(B- 


Worst  case  Is: 


hisl_ 

•5g(s) 


r^O.37  (s  + 0.03s/^^  (s  + oo  ,7,.  . 


(B- 


B<1(B-71)  and  Eq(B-72)  are  the  beat-case  and 
lecp  transfer  functions  s^th  602  a 1 

compensators  and  servo.  “Auction,  using  the  baseline 

Best  case  Is: 
h(s) 

h j(s)  * 
cmd' 


(B-71) 


B-60 


Worst  case  Is: 


3.23  (s  + O.lHs  +0.0354)(s  + 22.67)  (s  - 18.07)(s  + 40) 

(s+0.0147)  (S+0.257)  (s+1. 013+1. 424j)  (s+3. 254+5. 623j ) (s+9. 635)  (s+39.98) 

(B-72) 


Figure  B-4  shows  the  comparison  of  the  time  responses  of  the  three 
sets  of  dynamics.  Table  B-10  lists  the  settling  times  for  two  values 
of  gain  reduction. 
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Figure  B-4.  Comparison  of  Step  Response  of 

Altitude  Hold  Circuit  with  Varying 
Aircraft  Dynamics 
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TABLE  B-10.  ALTITUDE  HOLD-SETTLING  TIMES 


SETTLING  TIME 
(80%  GAIN  REDUCTION) 
T (rec) 


SETTLING  TIME 
(60%  GAIN  REDUCTION) 
T (sec) 


BASELINE 


WORST-CASE 


appendix  B-17 

altitude  hold  circuit  description 


The  altitude  control  dlagraa,  ahovn  In  Figure  B-16haa  two  lead-lag 

conpenaatora.  one  In  the  forward  path  and  one  In  the  feedhack  path. 

For  the  baroatat,  an  Integrated  circuit  preaaure  transducer  Is  chosen. 

This  is  a fully  temperature-conpensated  linear  device  using  a pleto 

Ive  strain  sensor.  It  has  an  overall  accuracy  of  + 0.075  volts 

over  Its  span  of  2.5  volts  to  12.5  volts  (National,  1974:2-9). 

In  the  feedback  path,  the  barostat  feeds  a lean 

ouau  ieeas  a lead-lag  compensator 


i^uuipensator 

with  the  transfer  function 

s+40  * LM324  operational  amplifier 


(op  amp)  Is  used  to  form  the  compensator  (National,  1973:AN20-4) . 


B-63 


The  transfer  function  is  equal  to  the  negative  of  the  feedback  impedance 


divided  by  the  Input  Impedance: 


10(s+4)  ^ f. 

s+AO 


(Carlson,  1967:207) 


Manipulating  this  equation  yields: 

lOOK  + 


2.5(10)~^s 


lOOK  + 


0.25(10)"^s 


From  this  equation: 


= lOOK  ohm 


= 0.25  uf 


= lOOK  ohm 


and 


= 2.5  uf 


The  circuit  to  accomplish  the  feedback  path  transfer  function  is  shown 
in  Figure  B-22.  This  signal  must  be  subtracted  from  the  commanded 
input.  Since  the  output  of  the  feedback  compensator  has  a negative 
sign,  this  signal  is  added  to  the  commanded  input.  The  output  of  the 
adder  feeds  into  the  forward  path  compensator  which  has  a transfer 


function  of  0.0A(s+0.1).  The  circuit  for  this  transfer  function  is 
s+10 

shown  in  Figure  B-23.  The  complete  altitude  hold  circuit  is  shown 


in  Figure  B-2A.  (Appendix  E-4  contains  a similar  description  of  the 
complete  heading  control  circuit). 
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Altitude  Hold  Forward  Path  Compensator 
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PROPULSION  SUBSYSTEM 


LIST  OF  SYMBOLS 


A 

BHP.bhp 


D 

s 


s 


T 

D 

D,d 
F 
F 


s 

h 

HP,hp 

J 

L 

Ibf 

Ibm 

M 

N 

n 

mph 


P P 
^t’  0 


R 


area 

brake  horsepower 
drag  coefficient 


power  coefficient 


speed-power  coefficient 


thrust  coefficient 


drag  force 
propeller  diameter 
force 

scale  force 


altitude  above  ground  level (AGL) 
horsepower 

propeller  advance  ratio 
length  of  moment  ara 
pounds  force 
pounds  mass 
moment 

engine  speed,  revo lotions  per  minute 
engine  speed,  revolutions  per  second 
miles  per  hour 


total  pressure 


static  pressure 


dynamic  pressure 
Reynold's  number 


C-1 


iitf  tttiiAiiiKii Vi  MUirifi'tii'tiii- 


RPM,rpm  engine  speed,  revolutions  per  minute 


specific  fuel  consumption 


thrust 


velocity 


velocity  at  the  disk 


final  velocity  of  the  slipstream  air 


kinematic  viscosity 


mass  density  (p_  is  at  sea-level) 


Subscripts 


adjusted 
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Introduction 

This  appendix  discusses  the  selection  of  a propulsion  subsystem  for 
a very  low  cost  expendable  harassment  system  (VLCEHS) . The  propulsion 
subsystem  consists  of  the  engine-propeller  combination.  The  selection 
criteria  is  based  on  meeting  performance  specifications  at  minimum 

cost. 

Scope 

Since  the  entire  study  effort  is  driven  by  a minimum-cost  concept, 
only  low-cost,  commercially-avallable  engines  are  evaluated  In  depth. 

Approach 

Manufacturer  data  were  analyred  to  obtain  generic  performance 
curves  which  were  used  to  determine  the  engine  that  best  suited  the 
chosen  airframe.  Once  power  and  weight  regulrements  were  levied  by 
the  airframe  considerations,  the  engine  selection  was  made  using  the 

performance  curves. 

Where  possible,  the  results  of  previous  analyses  are  incorporated 
into  the  evaluation.  For  example,  the  Applied  Physics  Laboratory  (APL) 
at  John  Hopkins  University  recently  completed  a study  and  evaluation  of 
three  candidate  engines  to  be  used  In  their  BPV  program.  These  recip- 
rocating engines  were  made  by  Sakert-Rlggs . Kolbo  Korporation  and  the 
McCulloch  Corporation.  It  was  concluded  that  the  McCulloch  engine, 
with  modifications  made  by  the  APL,  is  an  Ideal  power  plant  for  long 
fHohi--time  RPV  missions  (Small,  1974:36). 


en- 


System  Considerations 

The  accoEpllshment  of  the  mission  is  affected  by  the  range, 
durance,  and  ceiling  of  the  aircraft.  These  factors,  in  turn,  affect 
the  fuel  consumption.  The  airframe  designer’s  desired  performance 
characteristics  affect  the  required  power  of  the  engine  and  fuel  con- 
siimption,  since  the  rate  of  climb  depends  upon  the  reserve  horsepower 
of  the  engine.  Electrical  power  requirements  for  the  vehicle,  such  as 
flight  control  servos  and  avionics,  can  drain  power  from  the  engine. 

Airframe  considerations  determine  the  maximum  allowable  propeller 
diameter  for  a reciprocating  engine  and,  therefore,  can  put  constraints* 
on  the  vehicle  launching  device.  For  example,  an  aircraft  configura- 
tion with  twin  empennage-supporting  booms  attached  to  the  wings  fixes 
the  maximum  diameter  of  the  propeller,  not  only  from  the  vehicle  and 
launcher  structural-clearance  standpoint,  but  also  from  the  standpoint 
of  tip-flow  losses  if  the  propeller  gets  too  near  the  booms. 

Clearly,  the  weight,  physical  size,  and  fuel  consumption  of  the 
engine  affect  the  airframe  design.  Engine  weight,  where  the  center  of 
gravity  of  the  engine  is  located,  direction  of  rotation  of  the  propeller 
and  its  configuration,  tractor  or  pusher,  affect  the  proper  balance  cf 
the  aircraft,  statically  and  dynamically.  Engine  power  and  thrust 
available  influence  the  airframe  design. 

The  type  of  engine  chosen  affects  the  throttle  control  servo  and 
its  associated  linkage.  The  approximate  response  time  of  the  engine 
also  helps  to  determine  the  design  of  the  throttle  control. 
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Criteria 

Although  the  engine  should  be  as  cheap  as  possible,  the  optimum 
upper  cost  limit  for  the  engine  is  $200,  based  on  the  design  goal  of 
a total  system  cost  of  $1000  for  the  Type  II  vehicle.  The  engine  must 
be  available  through  shelf  stock  in  the  commercial  market  and  must  have 
easily  replaceable  parts.  The  total  engine  weight  should  be  less  than 
30  pounds  and  the  propulsion  system  should  weigh  no  more  than  35  pounds. 
The  acceptable  range  of  power  is  from  5 to  15  brake  horsepower.  The 
acceptable  range  of  specific  fuel  consumption  (SFC)  is  between  0.5  and 
1.5  Ibm/hp-hr.  The  vibrations  that  the  engine  transmits  to  the  airframe 
should  be  minimal.  Engine  reliability  must  be  compatible  with  the 
overall  system,  even  though  the  active  system  life  is  short.  Because 
of  synchronization  requirements  and  unnecessary  redundancies  which  in- 
crease weight  and  cost,  twin-engine  concepts  are  not  considered  in  the 
detailed  evaluation. 


Survey  of  Propulsion  Devices 


Although  several  methods  of  providing  propulsive  power  are  avail 
able  for  aircraft,  the  limited  size  of  the  vehicle  drone  eliminated 
all  but  the  simplest  and  least  expensive  propulsion  systems.  The  fol 
lowing  is  a list  of  the  different  types  of  engines  considered. 


Jet  Engines 

1.  Ramjet 

2.  Turbojet  and  Turbofan 

3.  Pulse- jet 

Internal  Combustion  Engines 

1.  Rotary  Combustion  (Wankel) 


2.  Large  recreational  engines 

a.  Motorcycle 

b.  Snowmobile 

c.  Outboard  motor 

3.  Small  recreational  engines 

a.  Chain-saw 

b.  Go-kart 

c.  Mlnl-blke 

d.  Four-cycle  horizontal  shaft  snowblower  engine 

The  ramjet,  turbojet,  and  turbofan  engines  were  classed  together 
In  the  analysis.  All  three  types  have  more  thrust  than  needed  for  the 
drone  application.  Also,  their  specific  fuel  consumption  Is  higher 
than  tolerable.  The  above  factors  coupled  with  the  fact  that  these 
engines  are  heavy  and  Involve  high  Initial  costs  and  considerable  main- 
tenance, eliminate  jet  engines  from  further  consideration. 

The  rotary  combustion  engine  (Wankel)  Is  too  heavy  and  Its  cost 
was  considered  excessive  for  this  application.  At  the  present  time, 
a 5-horsepower  engine  that  weighs  about  35  pounds  Is  about  the  best 
one  can  hope  for  from  a rotary  engine.  Curtlss-Wrlght  Corporation  Is 
working  on  prototype  engines  for  the  U.S.  Army  RPV  program,  but  none  are 
now  commercially  available  (Alan,  1975). 

Larger,  Internal-combustion  engines,  such  as  those  used  for  motor- 
cycles, snowmobiles  and  outboard  motors,  are  high  cost  Items,  and  ex- 
ceed the  weight  restrictions  even  with  aluminum  engine  blocks.  Most 
snowmobile  engines  fall  In  this  category.  However,  some  can  be  grouped 
with  the  two-cycle  engines  and  with  the  horizontal-shaft,  four-cycle 
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engines  due  to  their  relatively  light  weight. 

Two-cylinder  engines  are  commercially  available,  but  presently,  not 
in  large  quantities,  and  they  are  cost  prohibitive.  Engines  of  this 
type,  manufactured  by  Kolbo  Korporation  of  Anaheim,  CA,  have  been  used 
in  RPV  applications;  however,  they  were  not  considered  for  the  harass- 
ment drone  because  of  cost  and  production  capability. 

Smaller  internal-combustion  engines,  such  as  those  used  for  chain- 
saws, go-karts,  and  mini-bikes,  were  grouped  together,  since  most  are 
two-cycle,  li^t-wei^t,  and  relatively  inexpensive.  The  McCulloch 
go— engines  are  representative  of  this  class  of  engines,  having 
specific  fuel  consumptions  (SFCs)  in  the  range  of  0.9  to  1.3  Ibm/hp-hr 
(McCulloch,  1974).  The  cost  of  the  McCulloch  engines  varies  between 
$100  and  $200  (Jacobs,  1975).  Since  the  estimated  total  weight  of  the 
engine,  propeller,  and  hub  is  approximately  20  pounds,  this  particular 
subsystem  is  very  light.  Reliability  figures  for  these  engines  are 
not  available.  These  engines  are  commercially  available,  with  a pro- 
duction rate  of  several  thousand  engines  per  year. 

Other  small  engines  are  the  horizontal-shaft,  four-cycle  engines 
which  are  used  in  small  generators,  snowblowers,  and  lawnmowers.  Four- 
cycle engine  fuel  consumption  is  characteristically  less  than  that  for 
two-cycle  engines  being  approximately  1.0  Ibm/hp— hr  (Currie,  1975). 

The  cost  of  these  engines,  depending  on  the  manufacturer,  is  within 
the  established  criteria.  Four-cycle  engines  are  heavier  than  two-cycle 
engines,  and  the  maximum  horsepower  attainable,  with  an  aluminum  engine 
block,  is  8 horsepower.  Above  5 horsepower,  the  engines  become  ex- 
cessively heavy.  The  HSSK  50  weighs  24  pounds  with  an  estimated  unit 
retail  cost  of  $150  (Tecumseh,  1974:8). 
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Table  C-1  shows  a comparison  of  all  known  power  plants  that  might 
be  suitable  for  use  in  small  drones  or  RPVs.  Figure  C-1  shows  a com- 
parison of  the  engine  horsepower  to  weight  ratio  versus  the  horsepower 
for  several  engines  that  are  representative  of  the  general  ’lass  that 
is  considered  in  this  design  study. 


Final  Propulsion  Subsystem  Candidates 

Ihe  McCulloch  MC  101,  the  Tecumseh  HSSK  50,  and  the  Tecumseh  HMSK 
70  are  the  prime  candidate  englnea  and  are  representative  of  the  re- 
spective engine  types.  The  MC  101  Is  a go-kart  engine  rated  at  12.5 
horsepower  at  9000  rpm  and  88  Inch-pounds  of  torque  at  9000  rpm  with 
an  open  erhaust.  The  total  engine  weight  Is  13.5  pounds  resulting  In  a 
welght-to-horsepower  ratio  of  about  1.08  at  9000  rpm.  The  displacement 
la  7.5  cubic  Inches  with  a bore  of  2.280  Inches  and  stroke  of  1.835 
Inches.  The  unit  retail  cost  of  the  MC  lOlB  Is  $205,  but  the  unit 
cost  for  large  orders  is  $148  (Jacobs,  1975), 

The  Tecumseh  HSSK  50  Is  a four-cycle,  horliontal-shaft  engine 
rated  at  5.0  horsepower  at  3600  rpm.  It  Is  designed  to  be  used  In 
small  snowblowers.  With  all  factory  furnished  parts  Installed,  the 
engine  weighs  24  pounds.  The  displacement  If  12.0  cubic  Inches  with 
a bore  of  2-5/8  Inches  and  a stroke  of  1-15/16  Inches.  It  Is  repre- 
sentative of  most  four-cycle  engine  models  currently  on  the  market  with 
a 5 horsepower  rating. 

The  Tecumseh  HMSK  70  is  similar  to  the  HSSK  50  and  is  rated  at 
7.0  horsepower  at  3600  rpm  with  a bore  of  2-15/16  inches  and  a stroke 
of  2-17/32  inches.  The  engine  weighs  47  pounds. 


TABLE  C-1  (Continued) 
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Candidate  Coihparlson  with  Dsclsion  Criteria 

In  many  cases,  complexity  of  engine  design  is  directly  related  to 
cost,  weight,  availability,  power,  fuel  consumption,  and,  to  a lesser 
extent,  vibration  and  reliability.  Table  C-2  relates  the  relative 
merits  of  the  three  engines  to  the  decision  criteria. 


Cost 

The  four-cycle  engine  design  of  the  HSSK  50  and  the  HMSK  70,  as 
opposed  to  the  two-cycle  design  of  the  MC  101,  requires  Intake  and 
exhaust  valves,  rocker  arms,  push  rods,  camshaft  and  timing  gears, 
and  lubrication  systems.  Thus,  both  Tecumseh  engines  are  more  me- 
chanically complex  than  the  MC  101.  Also,  good  quality  control  is 
necessary  to  maintain  close  tolerances  on  camshafts  and  valves  which 
are  required  for  the  four-cycle  Tecumsehs.  A private  study  shows  that 
production  costs  for  a four-cycle  engine  are  two  or  three  times  the 

cost  of  an  equivalently  horsepower-rated  two-cycle  design  (Lockheed, 
1975:5-4). 

The  unit  retail  costs  (plus  tax  and  freight)  of  the  MC  lOlB, 

HSSK  50.  and  HMSK  70  are  $205.  $147,  and  $165  respectively.  The  unit 
cost  figures  for  large  orders  from  the  respective  factories  are  $148, 
$55,  and  $75  respectively. 

The  criterion  of  minimum  cost  suggests  selection  of  the  HSSK  50 
as  the  engine  for  the  propulsion  subsystem;  however,  this  study  shows 
in  the  following  sections  that  the  HSSK  50  is  not  adequate  to  power 
the  vehicle  at  the  design  cruise  altitude.  Further,  the  HMSK  70  is 
unacceptable  from  the  allowable  weight  standpoint  and  contributes  to 
increased  life-cycle  costs.  If  the  MC  101  is  chosen,  the  average 


large-order  cost  dlflerence  between  It  and  the  Tecuneehs  la  about  «40, 
but  is  only  3.33%  of  the  total  system  cost. 


Table  C-3  ahows  apprexlmate  costs  for  the  varlens  propulsion 
subsystem  components  for  the  candidate  engines.  The  costs  are  based 
on  an  order  of  thirty-four  or  more. 


TABLE  C-3.  ESTIMATED  PROPULSION  SUBSYSTEM  COSTS 
FOR  THE  PRIMARY  CANDIDATES 


Engines 

Component 

MC  101 

HSSK  50 

HMSK  70 

Engine 

$148.00 

$ 55.00 

$ 75.00 

Shock  mounts 

30.00 

30.00 

30.00 

Propeller 

62.00 

62.00 

62.00 

Fuel  System 

8.00 

8.00 

8.00 

Engine  Run-in 

30.00 

30.00 

30.00 

$278.00 

$185.00 

$205.00 

Haight.  The  weight  pet  rated  horsepower  of  the  MC  101  la  lower 
than  that  for  the  HSSK  50  or  the  HMSK  70;  however,  thla  Is  offset 
somewhat  by  the  fact  that  the  specific  fuel  consumption  for  the  MC  101 
la  approximately  0.9  to  1.3  Ibm/hp-hr  as  compared  to  approximately 
1.0  Ibm/hp-hr  for  the  Tecumseh  engines.  Further  details  on  fuel  con- 
sumption ate  discussed  In  a later  section. 

The  ratios  of  weight  over  rated  horsepower  for  the  MC  101, 

HSSK  50,  and  HMSK  70  are  1.08,  3.43,  and  6.71  pounds  per  horsepower 
respectively.  The  weights  of  13.5.  24.0.  and  47.0  pounds,  respectively 


ar.  based  o„  stocb  e„*t„es  .ieh  eoolleg  shrouds,  recoil  starters , and 
other  Ite^  that  are  uot  needed  for  Mnl-drone  application. 

The  weight  of  the  HMSK  70  drluea  the  total  vehicle  weight  over  the 
130-ponnd  Unit,  and  the  engine  weight  exceeds  the  naxlnuw  engine  weight 
criterion  of  twenty  pounds.  Also,  the  HMSK  70  engine  Is  about  301 
of  the  vehicle  gross  weight.  Therefore,  the  criteria  of  low  weight 
and  low  welght-per-horsepower  dictate  the  selection  of  the  Me  101. 

feallahllltt.  As  noted  earlier,  engines  for  chaln-aawa,  port- 
able power  units,  and  go-harts  are  produced  In  volumes  of  tens  to 
hundreds  of  thousands  per  year.  Manufacturers  seen  reluctant  to  sup- 
ply a special  run  of  engines  for  a drone  gPV  program  (Lochhead.  1975: 

5 A).  As  a result  either:  (a)  stock  engines  should  be  Installed 

in  the  aircraft  with  a minimum  of  pre-fllah^  i, 

pre  night  checkout  or  (b)  if  the 

weight  and  perfomauce  of  the  engine  hecowes  critical,  one  could  per- 
fo™  extensive  guallty  control  checks,  performance  modification  and 
testing,  and  produce  modified  engines  at  greater  cost.  Again,  since 
low  cost  la  a primary  consideration,  stock  engines  are  reco-nended. 

j™er.  In  considering  how  each  of  the  three  engines  meets  the 
power  range  criterion  of  5-13  horsepower,  the  degradation  of  perform- 
once  due  to  altitude,  temperature,  and  continuous  operation  are  consid- 
ered. Typically.  Intemal-comhustlon  engines  lose  3-1/2T  of  their 
power  for  each  1000  feet  of  altitude  above  sea  level  and  U for  each 
10°F  above  standard  temperature.  hOOp.  When  engines  are  operated 
continuously.  201  la  subtracted  from  the  power  as  a safety  factor 
Also,  most  production  engines  develop  at  least  elghty-flve  percent 
of  their  rated  power  as  shipped,  and  when  run-in  to  reduce  friction. 


they  develop  at  least  95%  of  rated  power  (McCulloch,  1974).  The  cor 
rection  factors  are  multiplied  together  and  are  equal  to  0.494.  For 
example,  the  altitude  correction  factor  for  10,000  feet  altitude  is 
35%;  the  temperature  correction  factor  is  not  considered;  the  cor- 
rection factors  for  continuous  power  operation  and  run-in  are  80% 
and  95%  respectively.  Table  C-4  below  shows  the  net  power  at  10,000 
feet  for  each  engine  when  the  correction  factors  are  applied. 


TABLE  C-4.  CCMPARISON  OF  RATED  POWER  AND  NET  POWER  FOR 
THE  PRIMARY  CANDIDATE  ENGINES 


ENGINE 


HORSEPOWER 


RATED  HP  X CORRECTION 

FACTOR  - NET  POWER 

MC-101 

12  X 0.494 

= 5.93 

HSSK  50 

7 X 0.494 

= 2.47 

HMSK  70 

5 X 0.494 

- 3.46 

From  these  calculations , it  is  evident  that  the  HSSK  50  does  not  meet 
the  3 brake  horsepower  requirement  for  the  vehicle  at  the  design 
cruise  altitude  of  10,000  feet  (Appendix  A). 

Specific  Fuel  Consumption.  Mission  requirements  dictate  minimum 


specific  fuel  consumption  (SFC)  at  all  times  to  keep  the  fuel  load 
down  and,  hence  keep  the  vehicle  weight  low.  The  fuel  consumption 
depends  primarily  on  the  heating  value  of  the  fuel,  the  air-fuel  mix- 
ture, and  engine  efficiency  (Lichty,  1951:455-456). 

There  are  two  basic  types  of  fuel  used  in  small  internal-combustion 
engines.  The  first  is  glow  plug  fuel  which  is  commonly  used  by  air- 
plane modelers  for  control-line  and  remote  control  aircraft. 


C-17 


Variations  are  also  used  in  high  performance  racing  cars.  The  fuel 
consists  of  10%  nitromethane,  80%  methanol,  and  10%  castor  oil.  The 
ignition  system  is  normally  eliminated  when  operating  with  glow-plug 
fuel  which  reduces  the  engine  weight  and  eliminates  shielding  against 
radio  frequency  interference  (Lockheed,  1975:5-2).  The  SFC  for  glow- 
plug  fuel  is  approximately  twice  that  for  gasoline  and  oil  mixtures , 
which  means  that  the  fuel  load  increases  and  the  available  payload 
decreases.  Ethanol  (ethyl  alcohol)  fuel  has  36%  and  31%  less  heating 
value  on  a weight  and  volume  basis,  respectively,  than  gasoline  (Lichty, 
1951:455-456).  Therefore,  a larger  fuel  consumption  exists  with  almost 
the  same  power  output  for  a given  engine  using  ethanol.  Also,  it  is 
logistically  difficult  to  provide  an  exotic  fuel  in  the  field. 

The  second  type  of  fuel  is  a gasoline-oil  mixture  which  is  com- 
monly used  in  two-cycle  engines.  The  oil-to-gas  mixture  ratio  can 
vary  somewhat  if  long  engine  life  is  not  a consideration,  /dso 
gasoline-oil  fuel  is  logistically  easier  to  supply  to  the  field. 

The  type  of  engine  cycle  also  has  an  effect  on  the  SFC.  It  is 
estimated  that  a small  four-cycle  engine  will  have  a cruise  SFC  of 
1.0  Ibm/hp-hr  (Currie,  1975).  This.  SFC  range  for  the  four-cycle 
engine  should  be  compared  to  the  two-cycle  SFC  range  of  0.9  - 1.3 
Ibm/hp-hr  (McCulloch,  1974). 

Vibration.  Single-cylinder  engines  vibrate  severely  and  require 
vibration  isolation  mounts.  Instances  of  nuts,  bolts,  and  other  parts 
shaking  loose  are  well  documented  (Lockheed,  1975:5-11).  Vibration 
problems  for  single-cylinder  engines  are  more  common  in  two-cycle 
engines  than  in  four-cycle  engines.  Engine  testing  of  the  MC  101 
without  vibration  mounts  created  vibration  levels  which  caused  the 
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vibration  transducers  to  bw  shaken  off  the  engine.  Project  Teleplane 


Design  Group  (AFFDL/PTT)  uses  cable-ring  mounts  in  their  vehicles,  some 


of  which  are  powered  by  the  MC  101,  to  dampen  vibrations. 


Reliability.  The  mature,  basic,  proven  designs  of  the  MC-101  and 


the  HSSK  50  have  seen  many  years  of  service.  Engines  for  chain-saws. 


go-karts,  mini-bikes,  snowblowers,  and  snowmobiles  undergo  reliability 


and  developmental  testing  for  years  before  they  are  offered  for  sale 


to  the  general  public  (Lockheed,  1975:5—3).  As  mentioned  previously. 


reliability  data  for  small  internal  combustion  engines  are,  for  the 


most  part,  unavailable  to  the  general  public;  therefore,  relibility 


testing  should  be  performed  on  a representative  group  of  these  engines. 


Additional  factors  were  examined  relative  to  the  engine  selection 


process.  The  splash  lubrication  system  of  the  four-cycle  Tecumsehs 


is  not  suitable  when  the  engine  is  inclined  more  than  30°  from  the 


vertical  where  the  engine  will  not  get  proper  lubrication.  A similar 


problem  exists  with  the  float-type  carburetor  in  the  Tecumseh  engines. 


Whenever  the  engine  is  tilted  more  than  25°  from  the  vertical,  a 


valve  closes  in  the  carburetor  and  the  float  ceases  to  operate,  thus 


causing  the  engine  to  be  starved  for  fuel. 


The  study  conducted  by  the  John  Hopkins  University  Applied  Physics 


Laboratory  found  that  reliable  engine  starting  is  a problem  in  engines 


with  magnetic  ignition  systems.  Additionally,  it  was  found  that  hand- 


starting was  hazardous  to  personnel.  The  use  of  a modified  Volkswagon 


starter,  capable  of  spinning  the  McCulloch  engine  up  to  3600  rpm 


assured  rapid  starts  every  time.  The  procurement  of  a device  of  this 


type  solves  the  starting  problem  and  Increases  personnel  safety  (Small, 


1974:27). 
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Engine  Selection 


Comparison  of  the  candidate  engines  with  criteria  indicates  that 
the  McCulloch  MC  101  engine  is  the  most  logical  engine  for  the  VLCEHS. 
Four  considerations  make  it  so.  It  has  adequate  reserve  power,  thus 
enabling  the  payload  and  power  requirements  to  be  changed.  It  has 
fewer  parts  than  the  four-cycle  engines;  therefore,  it  has  less  me- 
chanical complexity.  The  MC  101  is  lightest  of  the  three  primary 
candidates.  And,  the  MC  101  is  not  restricted  in  orientation  during 
maneuvering  as  are  the  four-cycle  engines.  These  operational  factors 
affect  th->.  decreased  unit  cost  advantage  of  the  four-cycle  engines. 

Propeller  Selection 

A propeller  selection  is  customarily  made  knowing  the  power  and  rpm 
of  the  engine  that  will  be  driving  it.  A suitable  propeller  can  then 
be  selected  using  the  speed-power  coefficient,  Cg  (Dommasch,  1951:199). 
The  various  parameters  used  in  propeller  design  and  selection  are  found 
in  NACA  TR640  by  Hartman  and  Bierman  (1938)  where  their  use  is  discussed 
in  relation  to  calculating  the  thrust-versus-flight-speed  for  propellers 
of  the  same  plan  form  and  twist  distribution,  but  which  use  the  Clark 
Y section  and  the  RAF  6 section.  The  airfoil  section  that  is  used  in- 
fluences the  propeller  performance.  Appendix  C-2  includes  sample  cal- 
culations that  show  the  5868-9  Clark  Y section  superior  to  the  RAF  6 
in  the  design  envelope  for  this  drone. 

^^^oil  tests  show  that  the  Clark  Y sections  have  lower  minimum 
drag,  lower  maximum  lift,  and  lower  maximum  llft-to-drag  ratio  than 
the  RAF  6 section.  The  tests  indicate  that  a fixed-pitch  propeller 
with  Clark  Y section  is  superior  at  cruise  and  high  speeds,  but  inferior 
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to  the  RAF  6 at  takeoff  and  tests 


done  in  MCA  TR378  (1931)  demonstrate 


this  fact  (Nelson,  1944:46). 

Sample  propeller  calculations  produce  parameters  that  are  very 
close  to  those  done  by  an  independent  investigator  (Rose,  1975b).  Al- 
though planform  characteristics  are  not  specified,  they  are  not  nec- 
essarily the  driving  function  for  a propeller  design.  Even  though 
the  two  designs  possess  the  same  characteristics  at  the  design  point, 
off-design  conditions  can  differ  drastically  (Larsen,  1975a).  In  spite 
of  this,  it  is  encouraging  that  the  performance  characteristics  of  the 
two  designs  are  so  close  and  Indicates  the  design  by  the  Sensenich 
Company  is  adequate. 

Calculations  using  strip-analysis  th.>ory  by  Theodorsen  for  75  mph, 
10,000  feet  altitude,  and  3900  rpm  engira  speed  require  a Sensenich 
W28JX22  propeller  with  8 - 18.25°  at  0.75R  (75%  of  the  propeller  radius), 
with  a chord  width  of  2.25  inches,  and  a c^.mber  of  3.5%.  The  efficiency 
of  the  W28JX22  propeller  is  0.819  at  a blade  activity  factor  of  110 

(Alan,  1975). 

Engine  Testing 

Background.  Several  agencies  of  the  federal  government  and  govern- 
ment contractors  are  involved  in  testing  engines  such  as  the  McCulloch 
MC  101.  The  U.S.  Army  Mobility  Equipment  Research  and  Development 
Center  is  performing  tests  on  the  Lockheed  "Little  R"  engine  and  several 
stock  MC  101  engines.  Lockheed  Missiles  and  Space  Company  is  involved 
in  testing  small  internal-combustion  engines  for  use  in  mlni-RPVs. 

Testing  was  done  at  Wright-Patterson  Air  Force  Base,  Ohio,  by  the 
AFIT  Graduate  Systems  Engineering  class  in  close  cooperation  with 
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Air  Force  Aero-Propulsion  Laboratory  and  the  Air  Force  Flight  Dynamics 
Laboratory.  AFAPL  has  furnished  an  altitude  chamber » instrumentation, 
and  test  personnel;  AFFDL  has  furnished  the  engine,  propeller,  thrust 
stand,  and  test  personnel  for  the  tests  performed  during  this  study. 

Test  Objective.  The  objective  of  the  AFIT  engine  test  progtam  was 
to  obtain  thrust  and  fuel-consumption  data  at  various  altitudes,  air 
speeds,  and  engine  speeds.  Although  the  tests  used  the  MC  101  engine, 
similar  tests  can  be  performed  using  other  engines  of  the  same  class. 

Test  Equipment.  The  propeller  used  in  the  test  is  a 26GXL13  pro- 
peller with  a 12°  blade  angle  manufactured  by  the  Sensenich  Company. 

The  propeller  is  made  of  laminated  wood  and  has  a diameter  of  25  inches. 

The  thrust  stand  or  engine  mount  is  a tee-bar  that  rotates  in  the 
horizontal  plane.  The  engine  is  mounted  on  one  side.  A wire  is  con- 
nected to  the  other  side  and  then  to  a scale  which  measures  the  force 
transmitted  by  the  arm  of  the  bar.  Instrumentation  consists  of  an  rpm 
readout,  iron-constantan  thermocouples,  throttle  control,  mixture  con- 
trol, and  vibration  transducers. 

Test  Procedures.  Fuel  flow  and  thrust  are  measured  at  different 
altitudes  while  the  engine  rpm  is  varied.  Cylinder  head  temperature  is 
monitored  to  prevent  overheating.  The  initial  phase  of  testing  re- 
quires that  the  mixture  be  adjusted  to  give  the  maximum  thrust  at  cruise 
air  velocity  and  altitude.  The  next  phase  requires  that  the  fuel-to-air 
mixture  be  leaned  to  permit  the  cylinder  head  temperature  to  reach  A00°F. 
Then,  engine  data  are  taken  while  the  altitude  is  decreased.  This  pro- 
cedure determines  whether  or  not  the  engine  will  run  at  lower  altitudes 
with  a reduced  fuel-to-air  mixture.  The  last  phase  of  testing  involves 
placing  a pitot  tube  rake  in  the  plane  of  the  propeller  to  determine 


the  velocity  distribution. 


Insults.  The  date  polate  show  that  the  effecte  of  scatter  and 
repeatability  of  the  test  points  was  a problem.  Only  two  readings  were 
taken  at  each  test  point.  Consequently,  the  statistical  average  Is  not 

significant. 

While  the  thrust  data  la  definitely  conservative.  It  Indicates  that 
the  engine  and  propeller  will  produce  adequate  thrust  throughtout  the 
flight  regime.  Even  larger  values  of  thrust  should  result  when  the 
test  Is  run  In  a wind  tunnel  using  a nacelle-mounted  engine.  The  data 
also  shows  that  the  engine  can  be  de-rated  to  give  it  longer  life. 

Fuel  consumption  data  shows  that  the  specific  fuel  consumption  Is 
in  the  acceptable  range  of  0.5  to  1.5  Ibm/hp-hr.  The  fuel  consumption 

should  also  improve  in  wind-tunnel  testing. 

Inconclusive  test  results  came  from  two  areas.  An  estimate  of 
the  drag  of  the  engine  was  not  obtained  due  to  the  insensitivity  of  the 
equipment  and  lack  of  definition  of  the  flow  behavior.  The  attempt 
to  measure  the  velocity  distribution  in  the  plane  of  the  propeller 
yielded  inconclusive  data  due  to  the  arrangement  of  the  equipment  and 
non-uniform  flow  field  in  the  region  of  the  propeller. 
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APPENDIX  C-1 


ENGINE  TEST 


i 

I 


Introduction 

A McCulloch  MC  101  engine  and  25  inch  diameter  Sensenich  propeller 
were  tested  by  the  AFIT  Graduate  Systems  Engineering  class  in  cooperation 
with  the  Air  Force  Flight  Dynamics  Laboratory  and  the  Air  Force  Aero- 
Propulsion  Laboratory.  The  test  gives  thrust  and  fuel  consumption  data 
as  a function  of  engine  speed  for  different  flight  speeds  and  altitudes. 

The  U.S.  Army  is  currently  involved  in  testin^several  engines  for 
possible  use  in  RPVs.  They  are  testing  a stock  MC  101  engine  with  a 
"double-pumper"  carburetor  which  has  a larger  range  of  adjustment  for 
altitude  operations.  The  Army  is  also  testing  the  engine  for  the  Lock- 
heed "Little  R"  vehicle.  It  is  an  MC  lOlB  that  has  been  modified  to 
suit  Lockheed's  configuration  by  using  a carburetor  and  intake  manifold 
from  an  MC  49E  engine. 

Test  data  has  not  been  received  from  the  Army;  however,  their  month- 
ly reports  of  progress  provide  some  valuable  information.  Use  of  Go- 
Power  dynamometers  are  not  suitable  for  testing  this  class  of  engines. 

The  alignment  between  the  engine  and  dynamometer  is  a problem  due  to 
flexing  of  the  dynamometer  mounts.  The  dynamometer  mounted  tachometer 
is  not  suitable  due  to  excessive  vibrations  and  variations  in  speed. 

The  vibrations  are  greater  than  anticipated  especially  at  light  load 
and  high  speeds.  Because  of  vibrations,  optical  speed  pickups  are  un- 
satisfactory. The  Army  also  found  that  the  use  of  a six-tooth  gear 
which  was  attached  to  the  coupling  and  a magnetic  pickup  were  not  accep- 
table due  to  vibration.  The  use  of  a pressure  pickup  installed  in  the 
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reed  box  housing  gave  satisfactory  engine  speed  results  (Leggett,  1975), 
The  Sandla  Crest  Experiments  conducted  by  Lockheed  show  the  MC  101 
to  have  8.75  brake  horsepower  at  8250  rpm,  which  Is  more  than  adequate 
for  the  vehicle  at  IQOOO  feet  altitude.  If  the  engine  Is  derated  by 
running  at  a lower  rpm,  for  example,  4000  rpm,  the  brake  horsepower  is 
approximately  3.  Figure  C-2  shows  a family  of  curves  at  different  al- 
titudes for  the  brake  horsepower  versus  engine  speed  for  the  Lockheed 

modified  MC  101  In  flight  configuration.  The  curves  are  for  static 
conditions. 

Figure  C-3  shows  the  effect  of  mixture  ratio  setting  at  sea-level 
conditions.  The  engine  configurations  has  an  eleven  Inch  Induction 
extension  with  no  elbow;  It  also  has  a tuned  exhaust  with  a 5/16  Inch 
slot.  The  data  points  show  that  the  high  speed  mixture  setting  does 
not  appreciably  affect  the  power. 

The  Teleplane  Preliminary  Design  Study  (AFFDL  TM-71-1-PTB, 

December,  1971)  shows  performance  curves  for  a McCulloch  MC  101  engine 
equipped  with  the  same  Sensenlch  propeller  as  was  used  in  this  experi- 
aant.  The  method  used  to  obtain  the  curves  was  to  obtain  performance 
data  for  the  engine  and  then  use  the  procedures  outlined  in  NACA  TR237, 

which  deals  with  the  Type  A Navy  Propeller,  to  obtain  combined  perfor- 
mance curves . ' 


Test  Objective 

The  objective  of  the  test  Is  to  obtain  tentative  thrust  and  fuel 
consumption  data  at  various  altitudes,  vehicle  flight  speeds,  and  en- 
gine speeds  for  a McCulloch  MC  101  engine.  The  engine  has  a twenty- 
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five  Inch  diameter  propeller  attached.  Thrust  and  fuel  consumption 
data  will  aid  In  refining  airframe  design  and  In  sizing  the  fuel  tank. 
In  addition  to  the  above,  a measure  of  reliability  of  the  engine  Is 
sought . 

Scope  of  the  Test 

This  experiment  will  show  the  procedures  used  In  arriving  at 
thrust  and  fuel  consumption  data  and  points  out  areas  In  the  set-up 
that  are  questionable  experimental  practice  and  will  show  why  the 
data  are  questionable.  In  addition,  a procedure  Is  recommended  for 
further  testing  which  should  give  more  accurate  and  representative 
data.  The  data  that  are  obtained  should  give  a representative  sampling 
of  static  performance  data  at  various  altitudes. 


Equipment 

Engine.  Many  of  the  engine  specifications  are  given  In  the  main 
text  of  Appendix  C;  however.  Table  C-5  gives  the  manufacturer's  spe- 
cifications. 

Figure  C-4  shows  the  McCulloch  MC  101  engine  disassembled.  The 
small  size  of  the  stripped  down  version  should  be  noted. 

Propeller . The  two-blade  propeller  used  In  the  test  Is  a 
26GXL13  with  a blade  angle  of  12®.  It  Is  manufactured  by  Sensenlch 
Company  of  Lancaster,  PA.  This  particular  propeller  Is  used  In  the 
experiment  because  there  were  no  other  representative  propellers 
available  at  the  time  of  the  engine  test.  The  26GXL13  Is  a climb 
propeller  that  was  designed  about  eight  years  ago  for  the  Forrestal 
Laboratory  at  Princeton  University.  A McCulloch  engine  was  derated 


TABLE  C-5.  MC  lOlB  SPECIFICATIONS 


Displacement 

Bore 

Stroke 

Compression  Ratio 

Weight 

Carburetor 


7.5  In.^  (123  cc) 

2.280  In.  (58mm) 

1.835  In.  (4.6mm) 

9.4:1 

12  pounds  4 ounces  (5.7  kg) 

Twin  stage  Integral  fuel  pump. 
Wide  range  high  and  low  mixture 
needles. 


Piston  Rings 


Two  narrow  steel  racing  tjrpe  with 
chrome  plated  wear  face  for  quick 
sealing,  low  friction  and  long 
life.  Pinned. 


Bearings  Conn  Rod 


Wrist  Pin 


Main 


Full  complement  M-50  Tool  Steel 
needle  rollers,  hardened  shaft 
and  rod  ends. 

~TWP~needla-gollej:_  bearings  In 
the  piston.  ExtralengthloF 
additional  lubrication  and 
cooling. 

Full  complement  high  capacity 
Ball  bearings  (2) 


Connecting  Rod 


Crankshaft 


Cylinder-Crankcase 


Hot  forged,  hardened  and  ground 
alloy  steel  with  removable  cap 
and  Integral  race.  Oil  slot  In 
cap.  Wrist  pin  pressed  In  place. 

Extensively  glass  bead  shot 
peened,  and  tungsten  counter- 
weights. 

Die  cast  aluminum  alloy  with 
precision  honed  cast  Iron  liner. 
Deep  finned  detachable  head. 


Direction  of  Rotation 


All  engines  clockwise  (facing 
power  take  off  shaft) 


Cylinder  Head 


Piston 


Seal  ing  Block 


Ilrankshaft 


•Prop  Adapter 


Throttle  Wire 


Ignition 

Waterproof  high  tension  magneto. 
Advanced  magnetic  timing  system. 
Moisture-proof  coll  bonded  to 
special  high  rev  lamination. 

Spark  Plug 

Champion  L-78 

Fuel  Oil  Mixture 

20:1  with  McCulloch  oil  and 
automotive  regular  grade  gasoline. 

Flywheel 

High  pressure  die  cast  aluminum 
alloy  with  integral  magneto 
magnets,  steel  hub. 

Mounting 

Four  bolt  holes  provided  on 
bottom  of  crankcase.  Engine 
operates  in  any  position. 

(McCulloch,  1975) 

to  U-1/2  horsepower  et  7200  rpm  for  a 60  knot  flight  speed  In  the 
design  analysis  at  that  tln«.  The  theory  of  "strip  analysis",  was 
used  to  design  the  propeller  (Rose.  1975h).  Although  the  Sensenleh 

26GXU3  propeller  Is  not  a cruise  propeller.  It  Is  felt  that  It  would 
give  representative  data. 

Engine  Thrust  Stand.  The  stand  is  mounted  in  the  tunnel  with 
the  "Tee"  bar  in  the  horizontal  plane  and  perpendicular  to  the  di- 
rection of  airflow.  The  center  line  of  the  engine  crankshaft  is 
approximately  nine  Inches  below  the  center  line  of  the  exhaust  bell- 
mouth;  the  plane  of  the  propel] er  face  is  3 feet  5 inches  from  the 
exhaust  bell-mouth  and  is  5 feet  6 inches  from  the  annular  flange 
upstream  of  the  engine.  Figure  C-5  shows  the  orientation  of  the 
engine  and  test  stand  relative  to  the  altitude  chamber  and  the  in- 
strumentation schematic. 

Figure  C-6  shows  the  exlstance  of  a great  deal  of  drag-producing 
equipment  and  structural  members  upstream  of  the  flow.  The  effects 
upon  the  flow  velocities  and  pressures  that  erlat  In  the  plane  of  the 
propeller  dueTo  thesa devlces__wlll  be  treated  In  the  theory  section 
of  this  report.  Figure  C-6  also  shows  many  of  the  pieces  of  equipment 

necessary  to  the  test.  Note  the  throttle  linkage  shown  In  the  upper 
middle  part  of  the  figure. 

C-7  shows  the  one-llter  graduated  cylinder 
with  twenty  milliliter  graduations  situated  approximately  three  feet 
below  the  carburetor  Intake.  The  fuel  line  la  run  from  the  graduated 
cylinder  to  the  carburetor  and  a five  gallon  pressurized  can  contain- 
ing a 9!1  ratio  of  regular  gasoline  and  Klotz  30  weight  motorcycle  oil 


C-5.  Test  Bed 
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Figure  C-6.  Front  View  of  Engine  in 

Altitude  Chamber  Figure  C-7.  Fuel  Measurement  System 
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is  connected  to  the  graduated  cylinder  by  a separate  piece  of  fuel  line. 
This  procedure  enables  the  operator  to  keep  an  adequate  supply  of  fuel 
in  the  cylinder  at  all  times. 

The  mixture  to  the  carburetor  is  adjusted  by  means  of  a pulley 
wheel  that  is  brazed  tc  the  mixture  control  needle  valve.  A wire  is 
wrapped  around  the  pulley  wheel  and  is  run  through  a small  hole  in  the 
chamber  so  an  operator  can  adjust  the  mixture  from  outside  the  chamber. 

Instrumentation.  Engine  speed  (rpm)  is  measured  by  shining  a 
spotlight  from  the  front  of  the  chamber  through  the  propeller  onto  a 
strobe  pickup.  Each  time  a blade  breaks  the  light  beam,  the  circuit 
is  Interrupted  and  a signal  is  relayed  to  the  control  room  where  a 
Beckman/Berkeley  Preset  EPUT  Meter  is  used  to  measure  rpm  directly. 

Three  Iron-constantan  thermocouples  are  used  to  monitor  temper- 
atures of  the  engine.  Since  head  temperature  is  so  critical,  a thermo- 
couple is  mounted  near  the  spark  plug.  Another  thermocouple  is 
attached  to  the  crankcase  and  a third  is  placed  Just  inside  the 
carburetor  inlet  tube  to  monitor  inlet  air  temperature  to  the  car- 
buretor. 

Vibration  is  monitored  by  two  sensors.  One  is  mounted  to  measure 
displacements  parallel  to  the  engine  crankshaft  centerline  and  the 
other  is  mounted  to  measure  displacements  in  the  vertical  direction. 

Lack  of  suitable  mounting  locations  precluded  placing  a sensor  to 
measure  horizontal  displacements  that  are  perpendicular  to  the  axis 

the  crankshaft.  Excessive  vibration  of  the  engine  caused  the 

sensors  to  break  from  their  mountings  early  in  the  test  and  no  attempt 
was  made  to  re-connect  them. 


Altitude  Chamber. 


The  altitude  chamber  that  Is  used  for  testing 


is  located  in  room  24  of  building  18E  of  the  Aero-Propulsion  Laboratory. 
The  chamber  is  approximately  22  feet  long  and  10  feet  in  diameter. 

The  air  flow  is  not  refrigerated  and  is  achieved  by  exhausters 
which  are  situated  in  the  basement  of  building  18E.  Air  is  pulled 
through  the  chamber  and  altitude  and  airspeed  are  adjusted  by  using 
static  pressure  probes  in  the  exhaust  and  a total  pressure  probe  which 
is  mounted  on  the  annular  flange  upstream  of  the  engine.  During  test- 
ing. the  exhaust  gases  are  vented  to  the  exhausters  when  the  altitude 
runs  are  made  and  are  vented  through  the  open  chamber  door  during 
static,  sea-level  tests,  since  the  altitude  chamber  does  not  have 
provisions  to  simulate  temperature  effects  for  increased  altitude. 
Therefore,  ambient  air  flowing  past  the  engine  provides  cooling  to 
the  engine  during  altitude  runs.  No  cooling  air  is  provided  for 

static  runs. 


Theory 

Measurements.  The  thrust  of  the  engine  and  propeller 
causes  a moment  which  results  in  an  opposing  force  that  pulls  the 
cable  towards  the  rear  of  the  chamber.  The  cable  is  attached  by 
pulleys  to  the  spring  scale  which  measures  the  force.  The  ratio  of 
the  moment  arms  is  5:1  so  the  scale  force  reading  is  multiplied  by 
five  to  obtain  the  net  thrust  value.  Figure  C-8  shows  the  relation 


I ship  of  the  forces  to  the  thrust  stand. 

■ Summing  moments  around  the  pivot  point  enables  the  determination 

' nr  thrust  imparted  to  the  air  by  the  propeller  and  engine. 


(C-1) 


For  the  thrust  stand  the  ratio  of  L2  to  is  five. 

Thus  T = 5Fg 

whure 

T = engine  thrust, pounds 

F = scale  reading  of  force,  pounds 
s 

= distance  from  the  centerline  of  the 
crankshaft  to  the  pivot  point,  inches 
L2  = distance  of  the  cable  attachment  point 
to  the  pivot  point,  inches 

Propeller.  Thrust  can  be  calculated  by  finding  the  increase  of  axial 
momentum  per  unit  time.  When  the  propeller  is  treated  as  a disk, 
thrust  equals  the  mass  per  unit  time  through  the  disk  multiplied  by 
the  increase  in  velocity  or 

T = ApV,(V  - V_)  (C-2) 

as  0 

where 

T = thrust,  pounds 

Vj  = velocity  at  the  disk,  ft/sec 

Vq  * velocity  of  the  unaffected 

air  upstream,  ft/sec 

V “ final  velocity  of  the  slipstream 

s 

air,  ft/sec 
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Thrust  Stand 


Thrust  can  also  be  expressed  as  AAp  where  Ap  Is  the  difference  In 

total  pressure  head  along  a given  stream  tube  both  In  back  of  and  In 

front  of  the  disk.  Bernoulli's  theorem  does  not  apply  because  energy 

2 

Is  added  at  the  disk.  Thus,  + pV^  /2  Is  a constant  along  a given 
stream  line  except  In  the  plane  of  the  disk  (Nelson,  1944:4-5). 

Momentum  theory  neglects  some  Important  Items  such  as  aerodynamic 
drag  losses  of  the  blades,  energy  loss  due  to  slipstream  rotation, 
compressibility  losses,  blade  Interference,  and  thrust  pulsations  due 
to  the  finite  number  of  blades.  In  addition,  the  propeller  or  engine 
torque  cannot  be  Introduced  Into  the  analysis  (Nelson,  1944:6-7). 

Uniform  flow  Is  to  be  desired  for  propeller  testing  to  obtain  the 
best  possible  thrust  versus  velocity.  Since  there  Is  a great  deal  of 
drag-producing  equipment  In  front  of  the  propeller  In  this  test  pro- 
gram (see  Figure  C-6) , It  Is  not  In  a uniform  flow.  The  flow  Is 
asymmetric  with  vortices  that  are  shed  from  the  structural  members 
upstream.  Thrust  readings  Indicate  the  net  thrust  because  the  air 
flow  Impacts  against  the  engine  and  parts  of  the  horizontal  pivot  bar 
causing  a drag  force.  One  phase  of  the  experiment  Is  to  measure  the 
drag  force  by  reversing  the  pulleys  so  the  scale  Indicates  the  drag 
force  or  the  force  of  the  air  on  the  engine. 

An  analytical  estimate  of  the  drag  was  done  to  see  If  flow 
blockage  was  significant.  Calculations  were  done  for  each  separate 
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piece  of  equipment  that  could  alter  the  measurements  by  creating  a 
drag  force.  Since  most  of  the  apparatus  Is  symmetric  about  the  ver- 
tical pivot  bai,  the  assumption  Is  made  that  the  engine  and  carburetor 

are  the  only  contributors  to  drag.  An  Individual  Reynolds  number  (R  ) 

e 

Is  calculated  for  each  piece  of  equipment  which  yields  a value  for  the 
coefficient  of  drag  (C^) . Once  the  values  for  Cj^  are  found,  they  are 
multiplied  by  the  Individual  frontal  areas  to  obtain  the  total  drag 
force  (D).  Initial  calculations  show  the  carburetor  and  engine  to  be 
In  the  transition  region  from  laminar  to  turbulent  flow  which  yields 

relatively  high  values  of  and  a total  estimated  drag  of  3.9  pounds 
force  (Ibf). 

Calculations  showed  a 37%  total  flow  blockage  In  the  area  that 
la  swept  out  by  the  propeller.  It  was  assumed,  however,  that  only  the 
non-moving  structrual  members  such  as  the  horizontal  support  bar  and 
pivot  bar  contributed  to  the  drag.  This  assumption  resulted  In  a 12% 
flow  blockage  and  therefore,  resulted  In  an  adjusted  propeller  effi- 
ciency (’^adj)  of  0.71.  The  unadjusted  efficiency  was  0.81  for  a 
cruise  velocity  of  75  miles  per  hour  and  an  advance  ratio,  J,  of  0.65. 

“ 0.81  X 0.88  (C-3) 

= 0.71 

Fuel  Consumption.  Flow  from  the  graduated  cylinder  Is  measured 
over  a two  minute  Interval  and  reduced  to  give  readings  In  milliters 
per  minute.  The  number  of  liters  per  minute  Is  multiplied  by  91.1421 
to  obtain  the  number  of  pounds  per  hour  of  fuel  flow 


Test  Procedures 


Initial  Calihratlon  and  Checkout  of  Equipment.  A magnetic  pickup 
was  Initially  used  with  a toothed  gear  to  measure  the  engine  speed; 
however,  vibration  of  the  engine  prevented  accurate  rpm  readings  on 
the  digital  output.  The  next  method  used  to  measure  the  rpm  was  an 
electrical  pickup  mounted  on  the  spark  plug  connection.  This  method 
proved  unreliable  also.  The  most  effective  method  to  measure  rpm  was 
an  optical  pickup  using  a spotlight.  Each  time  the  propeller  blade 
passed  through  the  light  beam  a signal  was  relayed  to  the  digital 

readout  meter . 

Static  Data.  Once  the  calibration  and  checkout  phase  was  complete, 
data  were  obtained  for  static  conditions.  This  part  of  the  test  deter- 
mined "static  sea-level"  thrust  and  fuel  consumption.  Of  course,  the 
data  are  obtained  at  local  conditions  and  elevation  of  the  test  chamber. 

Varying  Altitude  and  Engine  Speed.  The  second  phase  of  the  actual 
testing  yielded  data  at  varying  altitudes  and  different  engine  speeds. 
Initial  runs  were  made  at  a fuel-to-air  mixture  setting  which  enabled 
the  engine  to  develop  maximum  thrust  at  the  design  speed  of  75  miles 
per  hour  and  9000  feet  (the  actual  design  point  was  10,000  feet,  but 
the  chamber  was  restricted  to  an  altitude  of  9000  feet). 

After  the  thrust  was  optimized  for  cruise,  data  were  obtained 
for  a range  of  flight  velocities  and  various  altitudes.  Then  the 
altitude  was  decreased  to  sea-level  conditions  to  see  if  the  engine 
would  run  at  the  fuel-to-air  mixture  that  gave  the  maximum  thrust  at 

9000  feet  altitude. 
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The  next  phase  of  testing  consisted  of  bringing  the  chamber  to  100 
miles  per  hour  flight  speed  at  9000  feet  altitude  and  leaning  the  mix- 
ture until  a maximum  head  temperature  of  404*F  was  obtained.  This  was 
the  maximum  head  temperature  that  was  considered  to  be  safe  for  engine 
longevity.  A report  by  T.  R.  Small  of  the  Johns  Hopkins  University 
Applied  Physics  Laboratory  recommends  a maximum  head  temperature  of 
400“F  for  a McCulloch  MC  91B/1  engine.  . The  report  also  pointed  out 
that  the  engine  is  susceptible  to  damage  if  it  is  run  without  an  ex- 
haust pipe  (Small,  1974:34). 

Problems  Associated  with  the  Test.  During  one  experimental  run, 
the  condenser  shook  off  the  engine  and  had  to  be  remounted.  Repair 
was  accomplished  and  testing  was  resumed.  In  another  run,  the  carbur- 
etor air  Intake  tube  came  off  the  carburetor  and  it  hit  the  propeller. 
A one-half-inch  chunk  was  knocked  out  of  the  leading  edge  of  one  of 
the  blades.  Figure  C-9  shows  a picture  of  the  damaged  test  propeller. 


1 


I 


Subsequent  testing  used  the  same  propeller. 

During  another  test  run,  a diode  shook  loose  in  the  rpm  strobe 
pickup  unit  due  to  excessive  vibration.  At  approximately  the  same  time, 
it  was  noticed  that  fuel  was  leaking  from  around  the  carburetor.  After 
the  chamber  was  brought  back  to  ambient  conditions,  the  carburetor  and 
reed  block  were  removed  from  the  engine  and  examined.  One  side  of  the 
reed  block  was  cracked  and  was  leaking  fuel.  Since  a spare  was  un- 
available, the  reed  block  was  reversed  and  re-installed  with  the 
carburetor  on  the  engine.  This  action  enabled  the  test  to  continue 
without  further  problems  of  fuel  leakage.  The  same  day  an  alterna- 
tor belt  broke  so  the  rest  of  the  runs  that  day  were  made  without  an 
alternator  load  on  the  engine. 
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Drag  Measurement.  Some  assessment  of  the  drag  produced  by  this 


equipment  and  its  effect  upon  the  engine  thrust  becomes  necessary 


Consequently,  the  pulleys  were  altered  to  enable  the  pivot  bar  to 


rotate  in  the  opposite  direction  from  the  usual 


The  test  procedures  for  this  phase  involved  leaving  the  engine 


shut  down  and  running  the  tunnel  at  different  altitudes  and  tunnel 


the  drag  due  to  the  air  impacting  on  the  equipment 


Test  Resultfi 


..e  ..  a saaaa  .eal  aca.aa  ia 
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a aasomed  since  there  are  not  enough  deta  points  collected  to  suggest 
Otherwise. 

The  date  taken  to  estln»te  the  drag  Indicate,  only  0.1  pound  drag 
arcs  acting  on  the  asseehly.  ihls  reading  1.  due  ^re  to  the  ylhra- 
aion  Of  the  asse^hly  than  to  an  actual  drag  force.  The  reletlve  In- 
sensitivity of  the  equipment  makes  It  difficult  to  determine  small 
changes  In  thrust. 

Calculation  at  75  ,vaa».  u 

J mij.es  per  hour  shows  a drae  fnrro 

of  approximately 

J.9  pounds  (Appendix  C-2).  The  thruH^ 

e thrust  measurements  are  very  conservative 

yet  provide  ample  thrust  for  the  vehicle. 

A pressure  rake  was  fabricated  to  ...t  . . 

, , ™loclty  distribution 

was  attet^ted  because  of  the 

relatively  high  values  of  thrust  thet  were  obtained  at  10,000  feet 

aud  100  miles  per  hour  tunnel  velocity.  The  results  of  this  part  of 

-e  emperlment  did  not  yield  conclusive  data  end  the  actual  flow  con- 
It  Ions  In  the  chamber  are  unknown. 

.Errors  In  the  Test 

— • ible  errors  associated  with  taking 

data  may  be  due  to  the  following; 

1.  Operator  error  when  re,  .Ing  fuel  consusptlon  ™uld  be  about 

r 10  ml.  since  the  graduated  cylinder  that  Is  used  has  m- 
crements  of  20  ml. 
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Figure  C-10.  Thrust  and  Fuel  Consumption  Versus  Engine  Speed  for 


Various  Altitudes  at  75  Miles  Per  Hour  Tunnel  Velocity 
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Figure  C-10.  Continued 


Thrust  and  Fuel  Consumption  Versus  Engine  Speed  for 
Various  Altitudes  at  100  Miles  Per  Hour  Tunnel  Velocity 


Continued 


resemble  those  found  in 


Thrust  and  fuel  consumption  curves  should 


Figure  C-12  below 


RPM  Curve 


Generic  Performance  Curves 


2.  Operator  errors  In  reading  the  force  scale  could  be  ± 0.5 
pound  which,  when  multiplied  by  the  pivot  arm  factor  of 


I 


! 


five,  yields  ± 2.5  pounds  error  In  the  thrust  values.  The 
force  scale  Is  graduated  Into  Increments  of  0.1  pound. 

3.  Inherent  equipment  error  can  also  contribute  to  the  data 
scatter.  The  engine  speed  digital  readout  meter  has  an 
error  of  ± 5%  associated  with  It. 

A.  In  calculating  the  thrust  of  the  engine,  the  tacit  assump- 
tion Is  made  that  the  pivot  bearing  Is  frictionless,  which 
Is  obviously  not  correct.  The  vibration  of  the  assembly 
would  help  to  make  this  a reasonable  assumption. 


In  order  to  properly  measure  the  thrust  of  the  engine  and  pro- 
peller combination,  a test  bed  would  have  to  be  fabricated  and  load 
cells  used  to  measure  the  thrust.  To  reduce  the  drag,  the  engine 
should  be  mounted  In  a model  of  an  actual  aircraft  nacelle.  This 
procedure  would  reduce  the  expected  error  associated  with  the  ex- 
periment. 

The  thrust  can  be  calculated  from  the  formula 


where 


T 


BHP 

V 


n 


T » engine  thrust,  pounds 
BHP  = brake  horsepower 
V * flight  velocity 
n ■ propeller  efficiency 


(C-A) 
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A variety  of  explanations  can  be  offered  for  the  data  obtained 
from  this  experiment.  There  are  also  some  conclusions  that  can  be 
dravm.  They  are  listed  as  follows: 

1.  Due  to  the  relatively  small  Inlet  expanding  Intr  the  large, 
cavernous  volume  of  the  test  chamber  the  possibility  of  an 
application  of  free-jet  mixing  theory  becomes  a possible 
explanation  of  the  experiment.  In  which  case,  the  pressure 
distribution  at  the  propeller  face  should  perhaps  resemble 
a "flattened-out"  Gaussian  curve. 

2.  The  Initial  feeling  that  the  velocity  data  were  Incorrect 
Is  neither  verified  nor  denied  by  the  results  of  the 
pressure-rake  part  of  the  experiment.  The  data  are  Incon- 
clusive. On  the  other  ha^d,  since  the  attempt  was  made  to 
use  an  altitude  chamber  as  a wind  tunnel,  there  is  good 
reason  to  believe  that  the  flow  Inside  the  chamber  could 
be  any  value  and  could  have  any  distribution.  Also,  to 
assume  that  the  flow  will  behave  similar  to  the  way  it 
would  In  a wind  tunnel  where  the  experiment  has  been  cor- 
rectly set  up  may  be  erroneous. 

3.  The  data  are  very  conservative  and  the  engine-propeller 
combination  should  perform  much  better  in  an  actual 
aircraft  than  it  did  In  the  test.  This  data  should  not 
be  used  for  design  purposes. 

Engine  Test  Recommendations.  In  future  experiments  with  small 
engines,  several  things  should  be  done.  The  engine  should  be  call- 
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brated  using  a dynamometer  or  a prony  brake  to  get  partial  and  full 
throttle  performance  maps.  Knowledge  of  the  torque  and  brake  horse- 
power versus  engine  speed  curves  determine  what  the  output  of  the 
engine  is.  These  performance  maps  could  be  obtained  with  the  test 
bed  in  an  altitude  chamber  which  would  give  necessary  altitude  data. 

Propeller  testing  should  be  performed  in  a wind  tunnel  using  a 
variable-speed  electric  motor  as  the  power  source.  The  electric  motor 
must  be  calibrated  before  using  it  with  a propeller  so  the  amounts  of 
aperage,  wattage,  etc.  are  known.  Once  this  has  been  done,  the  pro- 
peller and  electric  motor  should  be  mounted  in  a model  of  the  actual 
nacelle  to  facilitate  adequate  measurement  of  the  thrust  developed  by 
the  electric  motor  and  propeller.  If  a curve  of  thrust  versus  velocity 
18  developed  for  sea-level  conditions,  it  is  a relatively  simple  matter 
to  generate  curves  for  different  altitudes.  The  only  wind  tunnel  that 
is  suitable  for  such  tests  on  Wright-Patterson  AFB  is  the  AFIT  Five- 

Foot  Wind  Tunnel. 

GUuert  suggested  that  the  propeller  diameter  should  be  small 
relative  to  the  Jet  diameter  and  that  an  open-throat  wind  tunnel  should 
be  used.  With  these  conditions  met,  no  boundary  layer  corrections  are 
required  (Pope,  1966:362-363).  The  propeller  requires  uniform  flow  In 
order  to  develop  the  maximum  amount  of  thrust  and  to  accurately  deter- 


mine its  performance. 

When  data  from  the  engine  and  propeller  tests  are  obtained,  they 
can  be  mated  to  obtain  the  various  performance  curves  for  the  engine 
and  propeller  combination.  The  resulting  performance  maps  can  then  be 
used  in  the  design  process  for  the  airframe. 


A plan  should  be  developed  that  will  permit  reliability  testing 
of  a number  of  engines  over  the  desired  time  Interval  of  operation. 

Weather  effects  of  the  propulsion  system  need  to  be  studied. 

For  example,  the  effects  of  carburetor  Icing  at  all  altitudes  with- 
in the  flight  regime,  especially  during  periods  of  cold  weather  and 

Ity  and  temperature  effects,  on  engine  performance  should  be 
Investigated. 

The  effects  of  engine  vibration  of  the  vehicle,  when  It  Is 
equipped  with  and  without  vibration  Isolation  mounts,  should  be 
Investigated.  Also,  safety  wire  should  be  used  on  nuts,  bolts,  etc. 
on  the  engine  and  airframe  to  preclude  loosening  from  vibration. 
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SAMPLE  CALCULATIONS 

Propeller  Calculations 


These  calculations  use  the  fixed-pitch  analysis  from  NACA  TR640 
(Hartman,  1938).  The  design  calculations  are  as  follows: 

V «•  flight  speed 

” 75  miles  per  hour 

h “ altitude  above  ground  level  (AGL) 

“ 10,000  feet 

° “ p/Pq  “ density  ratio  - 0.7384 
P “ 0.001756  slug/ft^ 

N ■ engine  speed 
■ 4000  rpm  (or  RPM) 

BHP  - 2.5  brake  horsepower  (Input  to  the  propeller 

shaft) 


Using  the  above  design  parameter,  a typical  propeller  Is  chosen.  The 

Appendix  In  NACA  TR640  Illustrates  the  procedure  for  the  sample  calcu- 
lations. 


1.  Calculate  C^  (speed  power  coefficient). 

(0.638) (mph)(p/p^)°*2 
® (BHP)°*^  (RPM)°*^ 

_ (^638)  (75)  (0.7384)°*^ 


(C-5) 
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a.  Figure  C-13  shows  that  for  a 5868-9  Clark  Y section  with  2 


Design  Chart  for  Propeller  5868-9,  Clark  Y 
Section,  Two  Blades  (Nelson,  1944:110) 


b.  Figure  C-14  shows  that  for  a 5868-9,  RAF  6 section  with  2 


blades 


c.  Figure  C-15  shows  that  for  a 37-3647 
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Figure  C-U.  chert  for  Propeller  5868-R6,  FAF-6 

Section,  Two  Blades  (Nelson.  1944:116) 
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Figure  C-15.  Design  Chart  for  Propeller  37-3647,  RAF-6 
Section,  Two  Blades  (Nelson,  1944:121) 
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2.  Ihe  diameter,  D,  knowing  the  advance  ratio,  J « V/nD,  Is 
found  from 


(RPM) (V/nD) 

X75)(88) 

(4000)J 


(C-6) 


Using  the  previous  values  of  J,  the  corresponding  diameters 


Diameter,  D 

Feet 

Inches 

2.357 

2.260 

2.063 

28.286 

27.123 

24.750 

For  a fixed-pitch  propeller,  the  following  parameters 


are  assumed: 


(bhp) 


Jq  ■ design  air  speed 
■ 75  miles  per  hour 

0 * design  engine  speed 
**  8000  rpm 

Q “ design  engine  power  (rated  power) 
= 10  bhp 


(V/nD)^  = design  advance  ratio 
0.73 


iig  " design  efficiency 
= 0.80 


design  propeller  diameter 
2.357  ft 

design  blade  angle  at  0.75R 


Note  that  the  last  three  parameters  are  for  the  Clark  Y section 

and  the  sample  calculations  will  be  for  that  particular  section. 

1.  Using  Jq  and  6^  enter  Figure  C-16  and  obtain  values  of  C„ 

and  C from  the  charts  of  C_  and  C_  versus  V/nD.  This  results 
*^0  1:*  1 


in  C„ 


0.047  and  C_ 


0.040. 


0.26 


Bll 


c 

i!  0.22 


S 0.18 


0 0.2  0.4  0.6  0.8  1.0  1.2  1.4  1.6  1.8  2.0  2.2  2.4  2.6  2.8  3.0  3.2 

Advance  Ratio,  V/nD 


Figure  C-16.  Power  Coefficient  Curves  for  Propeller  5868-9, 
Clark  Y section.  Two  Blades  (Nelson,  1944:111) 


2.  For  even  veluee  of  J,  values  of  c,  end  along  a line  of 


constant  6^  are  found. 


J 

S 

J/Jo 

S/Cj, 

N/l»o 

V 

T 

0.6 

0.050 

0.065 

0.857 

1.31 

0.8944 

57.49 

44.59 

0.8000 

0.4 

0.058 

0.090 

0.571 

1.55 

0.8305 

33.57 

52.76 

0.6897 

0.2 

0.060 

0.103 

0.286 

1.72 

0.8165 

17.51 

58.55 

0.6667 

3.  Coinpute  J/J^,  and  C /C  . 

^0  ^ 


A.  Compute  N/N 


5.  Compute 


6.  Compute 


<Cp  /C 
0 


(Hq) (bhp)(375) 


10.80) (10) (375^ 
75 


40  lb 


Vq  X J/J^  X N/N^j 


75  X 0.857  X 0.8944 
57.49  mph 

75  X 0.571  X 0.8305 
35.57  mph 

75  X 0.286  X 0.8165 
17.51  mph 
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7.  Compute  the  thrust, 


To  X xyCp 


K X Cj/Cp 


where 


Tq  X c 


K 


Substituting  values  from  step  2 Into  Eq  (C-7)  gives 


and 


(40) (0.040) 
0.047 

- 34.04  lb 


- (34.04) (1.31) 

- 44.59  bl 

T2  - (34.04) (1.55) 

- 58.55  lb 


(C-7) 


Figure  C-17  shows  the  thrust  versus  velocity  for  the  5868-9  Clark  Y 
section  in  the  upper  curve.  Similar  calculations  give  values  that 
are  plotted  for  the  lower  curve. 


Thrust  vs.  Velocity 
for  Two  Typical 
Propeller  Sections 


.on,  2 Blades 


.on,  2 Blades 


Velocity  (alias  per  hour) 


Figure  C-17.  Thrust  Versus  Velocity  Curves,  Fixed-Pitch 
Analysis  Using  NACA  TR640 


Drag  Calculations 


Since  most  of  the  test  apparatus  is  symmetric  about  the  pivot  bar, 
assume  that  the  engine  and  carburetor  with  intake  stack  are  the  only 
contributors  to  the  drag.  The  Reynolds  number  (R^)  is  based  on  the  dia- 
meter or  effective  area  for  each  piece  of  drag-producing  equipment  in 
the  swept  area  of  the  propeller.  The  engine  is  treated  as  a circular 
cylinder  with  a A-inch  diameter  and  an  8-lnch  height  and  the  carburetor 


and  air  Intake  are  treated  as  a circular  cylinder  with  a diameter  of  2.5 
Inches  and  a height  of  8.5  inches. 

The  drag  force  is  found  according  to  the  formula 

^ I S ^1 

i-1  1 ^ 


where 


drag  force,  pounds 

. 2 

dynamic  pressure,  pounds,  ft 
coefficient  of  drag  for  each  part 
of  the  apparatus 

area  of  each  part  of  the  apparatus. 


The  Reynolds  number,  R^,  is  calculated  for  each  piece  of  drag 
producing  equipment  by  the  formula 


where 


(C-9) 


V = vehicle  velocity,  feet/second 


C-60 


effective  length,  feet 


kinematic  viscosity,  feet '^/second 


For  the  engine. 


(110  ft/secH4  in.)(l  ft/12  in.) 


2.004  X 10“^  ft^/sec 


1.83  X 10‘ 


For  the  carburetor. 


R = Clio  ft/sec)  (2.5  in.Kl  ft/12  in.) 


2.004  X lO"^  ft^/sec 


= 1.14  X 10‘ 


Both  values  of  Reynolds  number  are  in  the  transition  region  from  laminar 


to  turbulent  flow  so  a value  of  « 1.0  is  used  for  both. 


The  effective  areas  are  found  as  follows: 

Carburetor  Area  - 

2 


Engine  Area  - 1^.  In.)  (8  in.) 

144  in.2/ft2 


0.222  ft' 


2 

Now  the  dynamic  pressure,  q = 0.5  pV  where  p is  the  densitj*  in 


2 

slugs/ft  . At  10,000  feet  of  altitude,  p = 0.001756  slugs/ft^  and  the 


cruise  velocity,  V is  110  ft/sec. 
Then 


(0.5) (0.001756  slug/ft^) (110  ft/sec)^ 


144  in.^/ft^ 


10.6238  Ibf/ft' 


Substituting  values  into  Eq  (C-8)  gives  the  total  drag  force. 


D = (10.6238  Ibf/ft^) (1.0) (0.3696  ft^) 


3.93  Ibf 
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APPENDIX  D 


ELECTRICAL  POWER 

Introduction 

The  power  sources  available  that  may  be  able  to  power  mlnl-drones 
are  fuel  cells,  solar  cells,  alternators  and  batteries.  Fuel  cells  of  the 
type  used  on  spacecraft  are  considered  too  exotic  and  costly  for  this 
application.  Solar  cells  fastened  to  the  external  skin  of  the  wings  are 
not  feasible  because  changing  light  Intensities  due  to  clouds  or  night 
flight  would  necessitate  either  on-board  power  storage  (batteries)  or  a 
second  power  source.  This  leaves  alternators  or  batteries  as  the  only 
feasible  power  source. 

In  the  systems  approach  to  the  design,  the  effects  of  this  subsystem 
on  the  other  subsystems  are  considered.  Factors  which  are  considered 
Include:  size,  weight,  placement,  power  required,  radio  frequency  (RF) 
Interference  with  on-board  sensors,  magnetic  disturbance  to  the  navigation 
subsystem  magnetometer,  reliability  and  power  required  from  the  engine. 

The  most  Important  single  factor  consldereo  Is  cost . 

Power  Requirements 

The  original  approach  was  to  design  a power  system  common  to  both 
Type  I and  Type  II  vehicles.  The  reason  for  this  commonality  was  to 
facilitate  addition  of  modules  to  a Type  II  vehicle  to  change  It  Into 
a Type  I vehicle  at  the  launch  site. 

As  the  power  requirements  evolved,  the  common  power  subsystem  became 
less  and  less  attractive  due  to  the  great  difference  In  the  power  Requirements 
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for  the  Type  I and  Type  II  vehicles.  As  shown  in  Tables  D-1  and  D-2, 
the  power  requirement  for  the  Type  I vehicle  is  about  ten  times  that 
for  the  Type  II  vehicle.  In  addition,  a power  requirement  of  up  to 
600  watts  has  been  proposed  to  power  an  electronic  counter  measures 
(ECM)  package  (Maxwell,  1975).  If  this  power  requirement  is  added  to 
the  total  in  Table  D-1,  the  ratio  of  power  needed  for  the  Type  I vehicle 
to  that  of  the  Type  II  vehicle  would  be  seventy  to  one.  Unless  the  num- 
ber of  Type  I vehicles  required  is  much  greater  than  the  number  of 
Type  II  vehicles,  the  common  power  subsystem  is  not  feasible.  Because 
a possible  ECM  mission  and  its  requirements  are  as  yet  undefined,  the 
power  subsystem  presented  here  applies  only  to  the  Type  II  vehicle. 

Advantages  of  PM  Generators 

The  main  advantage  is  the  absence  of  arcing.  PM  generators  do 
not  have  the  brushes,  commutators,  or  slip  rings  which  are  found  on 
dc  generators  and  automotive-type  alternators.  These  items  cause 
arcing,  and  since  the  generator  is  in  close  proximity  to  the  engine, 
this  arcing  is  a fire/explosion  hazard.  Arcing  also  causes  a wlde- 
spectrum  RF  noise  which  can  Interface  with  any  on-board  sensors  and 
with  low-frequency  radio-navigation  equipment. 

Excitation.  In  order  to  produce  power,  the  generator  must  first 
produce  a magnetic  field.  In  automatlve  generators,  where  the  field 
is  created  by  a coil,  an  external  battery  is  used  to  excite  the  genera- 
tor. Since  pm  generators  use  permanent  magnets  to  produce  the  field, 
no  external  excitation  is  needed  to  start  the  generator.  Thus,  pm 
generators  are  self-exciting. 


TABLE  D-1.  TYPE  I 

POWER  REQUIREMENTS 

Flight  Control  Servos 
(Kraft  KPS-16) 

2 Aileron  Servos 

600ma  0 5.6v 

2 Rudder  Servos 

600ma 

Elevator  Servo 

300ma 

Throttle  Servo 

300ma 

loOOna  0 5.6v 
(10.08  watts) 

Autopilot 

+ 15v  4 - 8w  0.27a  (max) 

+ 5v  1 - 2w  0.2  a (max) 


10  watts 


Omega  Navigation 
+ 5v  2.1a 


21.0  w 


23.00  watts 


Sensor 

+ 15v 

10  w 

± 5v 

5 w 

+ 15v 

0.667a 

+ 5v 

1.000a 

20.1  w 
10.0  w 


60.1  watts 


10.08W 

lO.OOw 

23.00W 

60.10W 


103.18  watts 


TABLE  D-2.  TYPE  II  POWER  REQUIREMENTS 


Flight  Control  Servos 

2 Rudder  Servos  600ma  0 5.6v 

Elevator  Servo  300ma 
Throttle  Solenoid,  nil 
(5.04  watts)  900ma  0 5.6v 


Altitude  Control  Circuit 

16. 8v  0.23  a = 3.87  watts 

D.  R.  Navigation  Circuit 

0.035a  0 +8.4v  = 0.3  w 

0.020a  0 28  V = 0.56w 

0.86  watts 

Total  5.04  watts 

3.87 

0.86 

9.77  watts 
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TABLE  D-2.  TYPE  II  POWER  REQUIREMENTS 


Flight  Control  Servos 

2 Rudder  Servos  600ma  0 5.6v 

Elevator  Servo  300ma 
Throttle  Solenoid,  nil 
(5.04  watts)  900ma  0 5.6v 


Altitude  Control  Circuit 

16. 8v  0.23  a = 3.87  watts 

D.  R.  Navigation  Circuit 

0.035a  0 +8.4v  “ 0.3  w 

0.020a  0 28  V - 0.56w 

0.86  watts 

Total  5.04  watts 

3.87 

0.86 

9.77  watts 
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In  generators  with  field  windings,  heat  is  generated  by  the  cur- 
rent flowing  through  these  windings.  Also,  these  generators  use  a small 
percentage  of  their  output  to  maintain  the  field.  PM  generators  require 
none  of  their  power  for  excitation.  Therefore,  they  run  cooler  and  are 
more  efficient  than  generators  excited  by  field  windings. 


Selecting  an  Alternator 

In  selecting  an  alternator,  two  alternatives  are  available.  One 
alternative  is  to  use  an  existing  mass-produced  alternator  that  can  be 
adapted  to  the  application.  The  other  is  to  look  for  an  alternator 
that  is  designed  specifically  for  the  application.  Considering  only 
the  costs  of  the  alternator,  a mass-produced  alternator  is  considered 
first. 

A mass-produced  alternator  is  less  expensive,  because  design  costs 
and  production-tooling  costs  are  already  included  in  the  sale  price. 

For  mass-produced  units,  good  reliability  figures  and  operating  char- 
acteristics are  known  for  mass-produced  alternators  because  most  have 
been  produced  for  years. 

With  a single-voltage,  mass-produced  alternator,  a transformer  with 
a multi-tapped  secondary  is  needed  to  provide  the  various  voltages  needed 
for  the  other  vehicle  subsystems.  Transformers  are  undesirable  because 
of  additional  cost  and  weight.  Transformers  have  efficiencies  between 
60%  and  90%  (American,  1974:38),  so  as  much  as  40%  of  the  alternator 

output  can  be  lost  in  the  transformer. 

An  alternator  specifically  designed  for  the  application  contains 
windings  or  voltage  taps  to  yield  the  voltages  at  the  power  levels 
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required.  Using  an  alternator  that  supplies  the  different  voltages 
needed  simplifies  the  power  supply  circuitry.  The  use  of  this  type 
of  alternator  decreases  the  number  of  components  needed,  thus  increasing 
the  power-system  reliability  and  efficiency. 

Batteries 

Batteries  are  considered  as  a possible  power  source,  because  they 
are  small,  lightweight,  and  can  be  packaged  as  a self-sufficient  sub- 
system. Batteries  are  electro-chemical  energy  storage  devices,  and 
require  no  energy  input  from  outside  as  do  alternators,  which  require 
mechanical  energy  from  the  engine.  Batteries  change  stored  chemical 
energy  into  electrical  energy  upon  demand. 

The  objectives  in  finding  a suitable  battery  are  to  find  one  having 
long  life,  high  power  output,  low  weight,  good  shelf  life  reliability, 
and  low  cost.  Another  objective  is  to  find  one  that  has  a constant  cell 
voltage.  Ideally,  the  cell  voltage  remains  constant  over  the  discharge 
period  and  does  not  vary  with  changing  temperature.  Once  the  battery  is 
determined,  the  battery  pack  may  be  made  from  either  of  two  types  of 
batteries,  standard  cells  or  special-purpose  batteries. 

S^ndard  Cells  versus  Special-Purpose  Batter^P«■  Standard  cell 
sizes,  "D",  "C",  "AA",  etc.  are  preferred  because  specially-fabricated 
batteries  or  battery  packs  cost  much  more.  Standard  cells  are  produced 
and  marketed  by  battery  manufacturers  in  tremendous  quantities  (in  1968 
two-billion  cells  were  being  produced  annually)  (Morehouse,  1958:362). 

By  buying  off-the-shelf  or  commonly-produced  items,  no  costs  are 
incurred  due  to  design,  tooling,  or  production-line  changes.  For 
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specially-designed  batteries,  these  costs  have  to  be  pro-rated  over  the 
number  of  batteries  purchased. 

Primary  versus  Secondary  Batteries.  Battery  design  literature 
(Union  Carbide,  1971:25)  (Lyman,  1975:79)  refers  to  batteries  as  being 
either  primary  or  secondary.  Primary  batteries  are  not  rechargeable, 
and  are  discarded  after  depletion.  Secondary  batteries  are  batteries 
capable  of  being  recharged  again  and  again.  For  the  application  In 
the  harassment  vehicle,  the  batteries  are  used  only  once  but  stored 
a long  time-  However,  secondary  batteries  cannot  arbitrarily  be  Ig- 
nored just  because  they  may  be  used  only  once.  They  are  evaluated 
with  primary  cells  on  the  basis  of  cost,  voltage  versus  time,  and 
voltage-versus -temperature  characteristics  to  find  a type  with  the 
most  desirable  characteristics. 

Fuel  Cells.  A fuel  cell  is  a primary  cell  (non-rechargeable) . 

In  a fuel-cell,  the  chemical  reactants  are  continuously  fed  through 
the  cell  (Messerle,  1969:223).  This  method  brings  fresh  chemicals 
Into  the  cell  while  removing  the  chemical  products,  mostly  water.  Fuel 
cells  have  reservoirs  for  holding  the  reactants  and  chemical  products 
and  have  at  least  one  pump  to  move  the  chemicals  through  the  cell. 

This  technology  Is  too  sophisticated,  exotic,  and  costly  for  use  In 
mlnl-drones . 

Secondary  Cells.  The  secondary  cells  considered  are  the  silver- 
zinc,  silver-cadmium,  nickel-cadmium,  lead-calc iuro,nlckel-lron  and 
types  of  lead-acid  cells  with  liquid  or  gelled  electrolyte.  The 
discharge  characteristics  of  these  cells  are  shown  In  Figure  D-1 
(Lyman,  1975:81).  Of  these  batteries,  the  lead-acid  cell  has  the 


D-7 


highest  cell  voltage.  2.0  volte  (Heddeteoo.  1969=24-5).  The  cell  volt- 
age of  the  lead-ecld  cell  tanedletely  starts  to  decline  as  the  cell  Is 
discharged  (see  Figure  D-2).  From  this  fact  alone,  the  lead-acid  cell 
Is  unacceptable.  The  lead-calclun  cell  has  the  sa.«  cell  structure  as 
the  lead-acid  cell.  The  difference  between  the  two  types  of  cells  Is 
that  in  the  lead  calcium  cell,  calclumls  used  to  harden  the  lead  In- 
stead of  the  antimony  used  in  lead-acid  cells  (Hedderson,  1969=24-28). 
Calcium  decreases  the  corrosion  rate  and  Increases  the  hattery  life. 

The  voltage-versus-tlme  plot  Is  the  same  for  the  two  cells.  Again,  the 
lead-calcium  voltage  drops  almost  linearly  with  time.  This  type  of 
cell  does  not  perform  well  at  low  temperatures  and,  therefore.  It  Is 

unacceptable  for  use  at  high  altitudes. 

The  sllver-rlnc  cells  discharge  at  1.8  volts  for  approximately 
one-fourth  of  their  lifetime,  and  they  drop  to  an  almost  constant 
voltage  of  1.55  volts  for  the  rest  of  their  discharge  period  (Figure 
IHl).  Their  high  cost  and  short  life,  relative  to  other  battery  types, 
prevents  the  sllver-rlnc  cells  from  being  used  In  many  application. 
(Lander,  1969:24-55). 

The  silver-cadmium  battery  Is  the  most  expensive  secondary  battery 
(Lyman.  1957=181).  As  of  1969.  It  was  the  newest  secondary  battery 
(Howard.  1969  = 24-42).  The  voltage-discharge  curves  for  the  silver- 
cadmium  batteries  are  similar  to  those  of  the  sllver-rlnc  cells  (see 
Figure  D-1).  Silver  cadmium  cells  do  not  perform  well  at  low  tempera- 
tures. A temperature  of  0"C  Is  a minimum  for  high-dlscharge  rates. 

Hlckel-cadmlum  hatterles.  referred  to  as  Hicads,  are  In  the  middle 
of  the  price  range  for  secondary  batteries  (Lyman,  1975  = 81).  Hicads 
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have  a nearly  flat  voltage  curve  throughout  their  discharge  but  are 
sensitive  to  temperature  changes.  The  power  capacity  of  these  cells 
at  0“F  Is  only  55  percent  of  the  capacity  at  70“F  (see  Figure  D-3) , 
(Donahue,  1969:24-57). 

Nlcads  have  a characteristic  that  Is  called  a "memory  effect". 

If  the  cell  Is  operated  for  short  discharge  levels  or  Is  kept  charged 
for  long  periods  of  time.  It  "forgets"  Its  designed  capacity.  Wl:ten 
the  battery  Is  then  used  It  only  produces  what  It  "remembers",  only 
a portion  of  Its  rated  capacity.  For  this  reason,  nlcads  are  period- 
ically cycled  - charged  and  discharged  to  prevent  them  from  developing 
this  "memory".  Because  of  the  characteristics  mentioned  above,  they 
are  unacceptable. 

Pr^^nary  Cells.  The  primary  cells  considered  were  the  carbon-zinc 
(Laclanche),  magnesium,  alkaline-manganese,  mercury-zinc,  and  a new- 
comer to  the  battery  Industry,  the  lithium  cell.  The  carbon-zinc  cell 
Is  a modified  Laclanche  cell  which,  as  made  by  Laclanche  In  1868,  had 
a liquid  electrolyte  (Morehouse,  1958:358-362).  The  modern  carbon- 
zinc  cell  Is  of  the  same  type.  The  only  difference  Is  that  the 
carbon-zinc  has  a paste  electrolyte.  The  carbon-zinc  Is  designed  for 
Intermittent  use,  and  under  heavy  current  drains  the  efficiency  of  the 
electrolyte  drops  to  less  than  10%.  This  cell  Is  also  very  sensitive 
to  temperature  changes.  At  0*F,  the  output  power  available  drops  to 
about  one-fourth  that  at  70*F  (see  Figure  D4) . Also,  under  a constant 
load,  the  output  voltage  declines  almost  linearly,  which  makes  this 
type  of  cell  undesirable. 
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Magnesium  Batteries.  Silver  chloride-magnesium  and  cuprous- 
chlorlde-magneslum  cells  are  stored  dry,  and  the  electrolyte  is  added 
just  before  use.  The  reason  for  this  is  that  the  batteries  become 
exhausted  within  one  to  ten  days  from  self-discharge.  Thus,  these 
batteries  are  called  "one-shot"  batteries  (Coleman,  1969:24-40).  They 
are  efficiency  discharged  in  short  periods  of  time  at  high  current 
rates.  These  cells  use  saline  water  for  an  electrolyte  and,  therefore, 
find  application  in  sonobuoys  and  torpedoes.  Magnesium  batteries  have 
a shelf  life  of  two  to  three  years  but  do  not  operate  well  at  low 
temperatures.  They  also  have  an  undesirable,  sloping  discharge  curve 
(Figure  D-5)  (Lyman,  1975:76,  80). 

Alkaline  Batteries.  Zlnc-Alkallne-Manganese  dioxide  batteries 
have  the  capability  for  high  current  delivery  and  have  excellent  shelf- 
life  characteristics  of  3 to  5 years  (Errico,  1969:24-52  and  Lyman, 
1975:76).  Alkaline  cells  contain  50%  to  100%  more  energy  than  carbon- 
zinc  cells  of  the  same  size  (Figure  D-6) . These  batteries  show  an 
excellent  advantage  over  conventional  carbon-zinc  cells  on  a perform- 
ance-per-unit-of-cost  basis  (Union  Carbide,  1971:239).  In  a typical 
application,  a 75-cent  AA  alkaline  cell  lasts  four  times  as  long  as 
a 30-cent  carbon-zinc  cell  of  the  same  size  (Lyman,  1976:76). 

Mercury  Batteries.  Zinc-Mercury  cells  have  a good  shelf  life  of 
3 to  5 years.  They  have  good  temperature  characteristics,  and  the  cell 
voltage  of  the  mercury  cells  remains  fairly  constant  under  light  loads, 
enough  so  that  mercury  cells  are  used  as  voltage  references.  Zinc- 
mercury  cells  hold  approximately  twice  the  power-per-cell  as  carbon- 
zinc  cells  (Ruben,  1975:24-32). 
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The  „«cury  cell  has  the  best  voltage,  temperature,  and  storage 
characteristics  of  those  cells  examined  thus  far.  The  lithium  cell, 
however,  has  a greater  energy  storage  capacity. 

Uthlum  Batten,^,  lithium  batteries  are  the  newest  type  of  prl- 
tcry  cells  that  are  commerciaiy  available.  Power  Conversion.  Inc. 
has  been  producing  Lithium  cells  for  about  two  years  and  Mallory  Battery 
Company  Is  scheduled  to  start  production  this  year,  since  these  bat- 
teries are  new.  adequate  shelf-life  data  Is  not  available;  however, 
these  cells  have  a projected  shelf  Ufa  of  three  to  five  years,  or 

longer  (Lyman.  1975  = 76).  The  Power  Conversion  Original  Equipment 
Manufacturer  Price  List  states; 


The  lithium  primary  battery  with  organic  electrolvt® 

ln%S"ast®“ye“^ ‘“"hologles 


Compared  with  all  other  primary  batterv  -id.vd 

fo^:c^!'“''“^l>’  in  every  aspect  oi  batter“  P«- 


The  discharge  curves  tor  the  lithium  cell  are  shown  In  Figure  D-7.  The 
lithium  battery  has  a nominal  operating  voltage  of  2.8  volts-per-cell 
which  Is  twice  that  of  other  cells.  It  has  extremely  good  low-tempera- 
ture characteristics  and  will  operate  at  -65"F.  The  lithium  cell 
handles  high  discharge  rates  with  almost  no  degradation  of  its  output 

voltage.  The  output  voltage  stays  almost  constant  over  the  discharge 
(Power,  1975  and  Mallory,  1975). 

The  lithium  cell  has  the  beet  chararacterlstlcs  of  any  battery 
considered.  A power  supply  using  lithium  cells  was  designed  so  that 
a cost  comparison  could  be  made  with  a generator  (Figure  D-3).  with 
a one-ampere  current  dram  at  70'F.  one  lithium  cell  Is  equivalent  to 
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Figure  D-8.  Lithium  Battery  Schematic  for  Type  II  Vehicle  for 
Six  Hour  Mission 


TABLE  D-3.  LITHIUM  BATTERY  REQUIREMENTS  FOR 
TYPE  II  VEHICLES  WITH  SIX  HOUR  MISSIONS 


No.  Cell  Size 


•a 

Weight  (oz)  Volume  (in  ) Cost  ($) 
each  total  each  total  each  total 

3.52  17.60  4.09  20.45  3.45  17.25 

2.92  8.76  3.10  9.30  3.08  9.24 


0.26  1.04  0.22  0.88  1.05  4.20 


Totals 


27.40  oz 


30.63  in  S30.t>y 


i ■ I 
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The  cost  of  the  lithium-battery  power  supply,  from  Table  D-3,  is 
approximately  one-fifth  that  of  the  estimated  low-cost,  permanent-mag- 
net generator  which  Gecrator  can  produce.  (Trefzger,1975)  With 
the  estimated  life  cycle  of  10  years,  two  or  three  sets  of  batteries  must 
be  purchased  because  of  the  three  to  five  year  estimated  shelf-life  of 
the  batteries.  Even  with  three  sets  of  batteries,  they  are  still  cheaper 
than  the  low-cost  generator. 

Another  factor  which  discounts  the  use  of  a generator  is  the 
effect  of  the  generator  field,  either  changing  in  intensity  or  rotating, 
on  the  magnetometer  in  the  navigation  subsystem.  The  changing  magnetic 
field  of  a generator  may  severely  affect  a magnetometer,  causing  it  to 
be  inoperable.  This  will  have  to  be  verified  by  experimentation  before 
a generator  is  used  in  the  Type  I vehicle. 

Conclusions 

Lithium  batteries  were  chosen  over  a permanent -magnet  alternator 
to  power  the  Type  II  vehicle.  The  factors  considered  were  cost  and 
possible  effect  of  generator  on  navigation  accuracy. 

Since  the  power  required  for  the  Type  I vehicle  is  at  least  ten 
times  that  of  the  Type  II  vehicle,  a generator  is  the  most  likely  choice 
for  the  Type  I vehicle.  However,  before  this  choice  is  made,  tests 
should  be  conducted  to  determine  the  effect  a generator  will  have  on 
the  navigation  subsystem's  and  the  propulsion  system's  performance. 
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NAVIGATION 


STATIONKEEPING 
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NAVIGATION  SUBSYSTEM 

Introduction 

The  nevlgetlon  eubeystem  Is  „eed  for  determining  and  eontrol- 
ing  the  heading  of  the  vehicle.  Control  of  the  heading  Is  through  a 
feedback  system  Involving  a sensing  device,  a processing  network  and 
the  rudder.  The  processing  network  compares  some  value  received  from  a 
sensor  to  some  programmed  value.  If  these  two  values  are  not  the 
same,  an  error  signal  is  sent  to  the  rudder  causing  a heading  correction 
This  section  deals  with  both  what  Is  to  be  sensed  and  what  processing 
network  is  required.  Much  of  the  preliminary  work  required  to  obtain 
data  for  final  system  selection  is  covered  in  the  sub-appendices.  The 

main  body  of  this  appendix  provides  the  rationale  for  the  system  selec- 
tlon  and  presents  the  final  system  design. 
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System  Selection 

Several  factors  influence  the  selection  of  the  navigation  system. 
Those  considered  most  important  are; 

Unit  cost 
Effectiveness 

Resistance  to  jamming  or  spoofing 
Programming  ease 

Effectiveness,  although  usually  directly  related  to  accuracy,  is  de- 
fined as  downtime  in  hours  (see  Chapter  IV,  Volume  II). 

Two  basic  techniques  can  be  employed  to  direct  the  less  expensive 
Type  II  vehicles  to  the  target  area.  Either  the  Type  II  vehicles  are 
coupled  to  a leading  Type  I vehicle  by  some  radiometric  link,  or  they 
fly  their  own  pattern  Independent  of  the  Type  I vehicles.  Many  differ- 
ent techniques  have  been  Investigated  and  are  discussed  in  Appendix  E-1. 
Tables  E-1  and  E-2  summarize  the  principle  approaches  available.  Of 
these,  three  of  the  approaches  are  selected  as  most  promising.  They 
are : 


Dead  Reckoning  (uses  geomagnetic  field  and  time) 

Omega  (counts  omega  frequency  lanes) 

Loran  (uses  time  differences  between  signals) 

One  way  of  comparing  these  systems  is  by  the  amount  of  downtime  which 
a given  amount  of  money  buys  using  each  of  the  navigation  systems. 

The  cost  of  achieving  this  downtime  Includes  the  navigation  system,  the 
rest  of  the  vehicle,  launch  cost,  and  other  operating  and  support  cost. 
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This  cost  is  the  incrementsl  life-cycle  cost  and  Is  sho»n  in  Ta.'  le  4-  2 
Volume  II,  as  51327  for  dead  recVconing  and  51400  for  Omega.  Loran  cost 
is  found  to  be  approximately  52300  by  adding  the  differences  in  loran 
and  omega  the  subsystem  costs  (Appendix  E-2)  to  the  Omega  subsystem 
cost.  To  determine  the  downtime,  program  EFFECT  Is  used.  Based  on 
Chapter  IV.  Volume  II.  eighteen  Type  I vehicles  and  seventy-two  Type 
II  vehicles  are  used  as  representative  of  a possible  wave  configuration. 
The  downtime  attributable  to  the  Type  II  vehicles  using  dead  reckoning 
is  obtained  from  Appendix  C-2,  Volume  II.  by  subtracting  the  mean  down- 
time for  eighteen  Type  I waves  from  the  eighteen  Type  I seventy-two 
Type  II  waves.  This  gives  26.98  hours  downtime  per  seventy-two  vehicles 
or  0.3747  hours  downtime  per  vehicle.  The  downtime  attributable  to  the 
omega  and  Lor«.  systems  Is  obtained  in  a similar  fashion.  Since  both 
omega  and  Loran  are  slmuUted  as  having  rero  navigation  error  (Appendix 
E-6,  Volume  III  and  Chapter  IV.  Volume  II)  the  0.4078  hours  downtime  per 

vehicle  is  the  same  for  each  system. 

table  e-3.  hours  downtime  per  dollar 


System 

Dead  Reckoning 

Omega 

Loran 


Hours  Downtime 
Per  Dollar 

0.2824 

0.2912 

0.1773 


Table  E-3  Indicates  that  either  dead  reckoning  or  Omega  navigation 
would  be  selected  over  Loran.  However,  there  Is  no  significant  differ- 
ence between  dead  reckoning  and  Omega.  The  32  difference  in  downtime- 
per-dollar  is  much  less  than  the  standard  deviation  of  downtime  from 
Appendix  C-2.  Volume  II.  or  the  cost  estimates  of  Appendix  E-2.  The 
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selection  between  dead  reckoning  and  Omega  mustlbe  made  on  a criteria 
other  than  cost.  Since  dead  reckoning  is  completely  resistant  to  jamming 
or  spoofing  of  any  type,  it  is  selected  as  the  navigation  system  to  be 

used  in  the  Type  II  vehicle. 

System  Design 

Pattern.  Having  selected  the  method  of  navigation,  the  next  prob- 
lem is  to  define  the  actual  flight  requirements  of  the  system.  Specif- 
ically, this  means  determining  the  number  of  distinct  mission  legs.  All 
missions  begin  with  a navigation  leg  taking  the  vehicle  from  the  launch 
point  to  the  loiter  area,  and  a repeating  pattern  is  then  flown.  The 
simplest  pattern  has  only  two  legs  similar  to  a long  racetrack.  A 
more  versatile  pattern  has  four  legs  and  can  fly  in  either  a rectangle 
or  a rough  'figure  8'.  A stochastic  appearing  pattern  can  be  formed 
with  eight  legs  using  135-degree  turns.  Figure  E-l.shows  the  downtime 
for  various  patterns  using  eighteen  Type  I and  seventy-two  Type  II  ve- 
hicles. 

A disadvantage  of  the  eight-leg  pattern  is  the  number  of  programming 
settings  required.  A disadvantage  of  the  two-leg  pattern  is,  of  course, 
the  low  downtlir-  . A four-leg  pattern  is  selected  as  a reasonable  com- 
promise between  programming  difficulty  and  downtime. 

Processing  Network.  The  navigation  subsystem  is  programmed  with  a 
heading  (magnetic)  and  a time  (in  minutes)  for  each  of  the  mission  legs, 
corrected  for  predicted  wind.  The  actual  magnetic  heading  is  sensed  by 
a two- axis  flux-gate  magnetometer  mounted  on  the  wing.  The  magnetometer 
consists  of  two  orthogonal  sensing  coils  which  measure  the  component  of 
the  geomagnetic  field  along  the  axis  of  the  coil.  The  magnetometer 
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Figure  E-1.  Loiter  Pattern  Comparison 


is  mounted  with  one  coil  pointed  along  the  x-axis  (nose)  of  the  vehicle 
and  the  other  coil  pointed  out  the  left  wing  (y-axis)  • Each  coil  has  an 
output  proportional  to  the  Intensity  of  the  magnetic  field  vector  pro- 
jected on  its  respective  axis.  Thus,  a heading,  0,  is  defined  by  the 
two  voltages  from  the  magnetometer.  To  program  the  vehicle,  a set  of 
variable  resistors  are  adjusted  so  that  the  voltage  drop  across  each 
resistor  is  related  to  the  voltage  output  from  the  magnetometer.  The 
processing  circuitry  performs  the  following  operation, 

E = (X-X  )-(Y-Y^,„)  (E-1) 

mag  mag 

where  X is  the  programmed  voltage  related  to  the  field  parallel 
to  the  nose 

^mag  is  measured  voltage  related  to  the  field  parallel  to 
the  nose 

is  the  programmed  voltage  related  to  the  field  parallel 
^ to  the  wing 
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Is  the  error  signal 
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*jnag,  is  the  measured  voltage  related  to  the  field  parallel 
to  the  wing 

The  result  of  Eq  (E-1)  Is  added  to  the  null  voltage  of  the  rudder  servo 
so  that  when  e Is  negative,  a right  turn  Is  made.  Similarly,  when  e Is 
positive,  a left  turn  Is  made.  In  this  way  the  motion  of  vehicle  serves 
to  keep 


When  a timer  has  expired,  a new  heading  (X  and  Y)  Is  selected,  and  a new 
timer  cycle  Is  Initiated.  The  required  circuitry  Is  shown  In  Figures 
E-2,  E-3,  and  E-4.  All  electronics  are  mounted  In  a small  box  as  shown 
In  Figure  E-5. 

Summary 

For  the  mission  as  stated,  a dead  reckoning  system  provides  downtime 
comparable  to  that  of  the  more  expensive  and  more  accurate  systems.  It 
Is  Inexpensive  and  can  be  easily  constructed  using  readily  available 
commercial  parts. 
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Timer  A for  Final  Circuit  Design 


1/2  74C76 


All  lamarked  resistors  are  lOOK  ohm. 
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NAVIGATION  TECHNIQUES 


Coupled  Techniques 

Many  techniques  may  be  eitqsloyed  to  direct  the  less  expensive  Type 
II  vehicle  to  the  target.  Since  the  Type  I vehicle  Is  likely  to  have  an 
expensive  and  relatlvely-acrurate  navigation  system,  It  may  be  desirable 
to  create  a link  of  some  type  between  the  Type  I and  the  Type  II  vehicles. 
Use  of  such  a link  could  provide  two  possible  advantages.  Linkage  would 
eliminate  the  need  for  a Type  II  navigation  system;  and,  by  keeping 
Type  II  vehicles  close  to  the  Type  I vehicle,  should  Increase  the  sur- 
vivability of  the  more  expensive  system.  This  might  be  a distinct  ad- 
vantage_^rlng  terminal  maneuvers.  Various  techniques  are  considered 
to  achieve  such  a link. 

Navigation  Beacon  on  Lead  Vehicle.  A small  transmitter  such  as 
used  In  survival  radios,  can  be  mounted  on  the  Type  I vehicle  with 
receivers  and  a phase  discriminator  mounted  on  the  Type  II  vehicles. 

Since  the  same  altitude  Is  used  for  both  types  of  vehicle,  a simple 
feedback-control  loop  consisting  of  a phase  discriminator  and  turn- 
command  mechanism  would  keep  the  Type  II  vehicle  pointed  at  the  signal 
source.  If  an  amplitude-measuring  device  Is  also  available,  a set 
distance  between  the  vehicles  can  be  maintained  using  velocity  control. 

The  phase  discriminator  can  be  set  so  that  the  trailing  vehicles  track 
the  lead  vehicle  at  different  angles  with  respect  to  the  direction  of 
flight.  The  spotlighting  of  the  Type  I vehicle  Is  eliminated  by 
setting  beacons  on  the  trailing  vehicles.  Using  narrow-band-pass  filters. 


many  combinations  of  "linking"  frequencies  are  produced,  each  flight 
of  vehicles  having  its  ovm  selected  link  and  broadcast  frequencies. 

One  concern  is  that  the  trailing  vehicles  are  led  away  by  another  ve- 
hicle's broadcast  frequency  or  wander  aimlessly  when  the  Type  I is  lost. 

Detection  of  the  leader  Type  I vehicle  is  possible.  The  useful- 
ness of  Type  II  vehicles  relies  heavily  on  the  indistinguishability 
between  the  Type  I and  Type  II  vehicles.  Although  the  beacon  problem 
is  mentioned  and  solved,  others  remain.  If  the  lead  vehicle  attempts 
abrupt  maneuvers  or  changes  in  altitude,  some  time  lag  occurs  before 
the  others  follow.  This  is  especially  critical  in  terminal  maneuvers. 
Another  way  of  identifying  the  Type  I vehicle  is  to  use  broad  band 
jamming  to  cause  some  of  the  Type  II  vehicles  to  follov,  the  false  signal. 

Navigation  Beacon  with  Update.  One  way  of  circumventing  several  of 
the  problems  with  the  above  system  is  to  use  a linking  signal  in- 
termittently. The  signal  used  is  coded  to  reduce  jamming  problems.  A 
keying  code  is  sent  to  open  the  receiving  channels  and  is  followed  by 
a pulse  used  for  directional  indications.  Specially-keyed  words  command 
changes  in  attitude  or  altitude.  This  approach  requires  a mini-processor 
with  a minimum  cost  of  $500  (Trull,  1975),  associated  logic,  and  input/ 
output  subsystems.  Unfortunately,  this  approach  also  is  susceptible  to 
broad  band  continuous-wave  jamming.  If  cost  were  not  considered  quite 
as  heavily,  a linking  frequency,  which  an  opposing  force  would  not  try 
to  jam,  may  be  very  effective.  Such  a frequency  might  be  that  of  his 
own  radar  units,  between  1,500  and  10,000  meters  in  wavelength.  Type 
II  vehicles  can  also  radiate  in  a similar  manner  but  at  a slightly  dif- 
ferent frequency.  This  approach  forces  the  enemy  into  one  or  more 


response  modes;  selected  jamming,  no  jamming,  disruption  of  their  own 

radar  units,  or  destruction  of  all  vehicles. 

Infra-red.  A different  approach  to  the  link- jamming  problem  is 
infra-red  tracking.  Such  technology  has  been  well  demonstrated  with 
the  sidewinder  missile.  Several  Type  I vehicles  would  be  launched  first. 
Type  II  vehicles  would  be  launched  to  follow  the  engine  heat  of  the 
previous  vehicles.  It  is  Important  that  the  heat-seeking  device  be 
able  to  acquire  and  lock-on  a single  heat  source,  to  the  rejection  of  all 
others.  Otherwise,  Type  II  vehicles  may  start  following  themselves  in 
an  uncontrollable  fashion.  This  ambiguity  presents  a high  risk  in 
using  this  technique  which  does  not  appear  to  be  easily  overcome 
either  by  tactics  or  technology.  Additionally,  spoofing  of  the  system 
through  heat  flares  or  other  techniques  could  easily  defeat  this  approach. 

Ultrasonics.  Another  way  to  conquer  the  jamming  employs  sonics,  of 
which  ultrasonics  are  used  for  illustration.  The  same  type  of  linking 
approach  as  in  the  radiometric  techniques  is  employed.  The  Type  I 
vehicle  emits  a signal  and  the  Type  TI  detects  an  amplitude  and  phase 
difference.  Because  of  the  relatively  slow  propagation  speed  and  rapid 
amplitude  attenuation  of  the  signal,  the  Type  II  vehicles  need  not 
have  their  own  transmitters.  Thic  immediately  reduces  cost  and  power 
requirements  on  that  vehicle,  as  long  as  the  flight  is  kept  in  a tight 
formation.  The  difficulty  with  this  approach  is  the  noise  created 
by  the  engine  itself.  A significant  amount  of  transmitter  power  may 
be  required  to  achieve  an  acceptable  signal  to  noise  ratio.  Filters 
would  also  be  required.  The  high  amount  of  transmitter  power  required 
is  certainly  advantageous  if  a jamming  threat  is  to  be  reduced,  since 
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a powerful  jammer  would  be  required  to  accomplish  anything  but  very 
localized  interference. 

Summary  of  Coupled  Systems.  Although  not  requiring  an  independent 
navigation  system  on  the  Type  II  vehicle  may  appear  to  be  an  inex- 
pensive idea,  there  are  several  serious  complications  which  dim  such 
hopes.  The  more  inexpensive  systems  are  easily  jammed.  Attempts  to 
code  and  decipher  the  communications  link  increase  cost. 

Uncoupled  Independent  Techniques 

An  Independent  navigation  system  aboard  the  Type  II  vehicle  pro- 
vides several  advantages  over  a coupled  appraoch.  Since  the  Type  II 
vehicle  is  not  dependent  on  the  Type  I vehicle,  loss  of  a Type  I ve- 
hicle does  not  eliminate  the  usefulness  of  the  associated  Type  II  ve- 
hicles. This  means  that  fewer  Type  II  vehicles  are  required  to  achieve 
some  particular  concentration  due  to  a longer  useful  life  expectancy. 
Independent  navigation  also  supplies  many  more  targets,  each  of  which 
may  appear  as  a threat.  Conversely,  for  a single  flight  of  vehicles 
in  the  coupled  appraoch,  it  is  suspected  that  only  one  real  threat 
exists.  However,  increased  survivability  in  the  terminal  dive,  is  sac- 
rificed with  an  independent  system. 

Navigation  Beacon.  This  navigation  aid  takes  on  many  forms.  A 
beacon  is  placed  at  the  launch  point,  nearer  the  FEBA,  or  even  depos- 
ited at  the  target  just  as  long  as  it  maintains  line-of -sight  with  the 
vehicle.  The  transmission  character  of  the  beacon  can  be  either  omni- 
directional or  carry  directional  information,  as  done  with  the  present 
TACAN  system.  Assume  first  that  the  beacon  is  omnidirectional.  Wing 
tip  antennas  are  required,  as  in  the  coupled  systems,  to  determine  the 
angle  to  the  beacon.  Some  type  of  timing  and/or  logic  circuit  is  used 


to  produce  a programmed  flight  path  as  a function  of  time  and  angle 
with  respect  to  the  beacon,  with  vehicle  controls  maintaining  the 
proper  flight  path. 

Inertial  Systems.  Gyros  have  traditionally  been  considered  the 
heart  of  an  inertial  system.  Their  operation  is  very  simple  as  a gyro 
only  tries  to  maintain  a fixed  orientation  of  the  angular-momentum  vector. 
When  gimbled  in  a case  mounted  to  the  vehicle,  changes  in  the  vehicle 
altitude  or  direction  are  read  from  strain  gages  as  calibrated  electri- 
cal signals.  A gyro  Is  often  coupled  with  accelerometers  which  give 
acceleration,  then  integrated  to  give  velocity,  and  integrated  again 
for  position.  Involved  with  any  inertial  system  for  this  mission  is 
a microprocessor,  which  increases  costs  even  further.  Other  approaches 
to  inertial  navigation  have  better  accuracy  but  are  much  more  expensive 
(in  the  $5,000  range). 

Dead  Reckoning.  A dead-reckoning  system  is  similar  to  walking 
with  a compass  and  a stop  watch.  The  earth's  magnetic  field  is  used 
for  a reference.  A vehicle  is  programmed  to  fly  on  a given  heading 
for  a giwn  time,  then  a different  heading  for  a time,  and  so  forth. 

The  difficulty  with  such  a system  is  that,  if  any  winds  are  present, 
the  path  through  the  air  mass  does  not  match  the  ground  track.  Large 
errors  result  when  the  wind  is  ignored  since  the  mean  wind  at  10,000 
feet  MSL  is  between  10  and  20  miles-per-hour , depending  on  the  location 
and  season  (Carvell,  1975).  If  forecasts  are  available,  the  errors  can 
be  significantly  reduced.  This  requires  setting  the  vehicle  flight 
plan  not  to  the  ground  track,  but  rather  to  some  corrected  setting 
which,  together  with  the  wind,  is  expected  to  give  the  desired  ground 
track.  The  expected  wind  can  be  entered  into  the  vehicle  along  with 
the  desired  ground  track,  and  the  vehicle  electronics  will  calculate 
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the  new  heading,  or  the  new  heading  can  be  precomputed  on  the  ground 
and  entered  into  the  vehicle.  The  distinctive  advantages  of  dead- 
reckoning are  its  complete  immunity  to  jamming  and  its  low  expected 
cost. 

LORAN  A and  C/D.  The  hyperbolic  navigation  systems,  such  as 
LORAN,  operate  on  the  principle  that  the  difference  in  time  of  ar- 
rival of  signals  from  two  stations,  observed  at  a point  within  the 
coverage  area,  is  a measure  of  the  difference  in  distance  from  the 
point  of  observation  to  each  of  the  stations  (see  Figure  E-6)  (Coast 
Guard,  1974).  The  locus  of  all  points  with  the  same  observed  difference 
in  distance  is  a hyperbola  called  a line  of  position  (LOP) . Normally 
three  stations  are  required  to  give  a position  fix.  A few  years  ago 
a full-service  LORAN-C  receiver  cost  $20,000  *-  $40,000.  With  the  ad- 
vances in  low-cost  chips  from  the  calculator  industry,  the  average 
price  of  a two-chain  receiver  is  now  down  to  a tenth  of  the  earlier 
figure  (Moss,  1975:58)  . LORAN-C  is  capable  of  typical  fix  errors 
ranging  from  less  than  one  kilometer  to  2500  kilometers  over  water. 
LORAN-D  is  a tactical  version  of  similar  accuracy,  but  limited  in  range 
to  800  kilometers  (Develco,  1967).  Coverage  is  available  as  shown  in 
Figures  E-7  and  E-8.  (Teledyne,  1975).  LORAN-A  coverage  is  primarily 
associated  with  the  East  Coast  U.S.  LORAN  C and  D have  verv  similar 
pulse  trains,  lending  themselves  to  a similar  receiver.  Because  of  the 
general  unavailability  and  shorter  range  of  LORAN-A,  a system  using 
LORAN-C  and  D is  more  useful.  Although  filters  exist  to  Increase  dis- 
crimination, jamming  is  possible  on  a tactical  level. 


Seconda 


Figure  E-6 . Three  station  Loran  Position 

Fix  using  LOP's 


Loran-C  User  Handbook,  CG-462 
U . S . Coast  Guard 


Loran-D  European  Chain 


is  a long-range,  all-weather  navigation  system  de- 
veloped by  the  Navy  which  is  able  to  provide  position  within  3 miles 
over  a considerable  portion  of  the  earth.  The  system  operates  in  the 


very-low-frequency  (VLF)  range  between  10.2  and  13.6  KHz.  Four  of  the 
eight  proposed  stations  are  presently  in  operation.  Omega  is  basically 
a Continuous  Wave  (CW)  system,  making  phase  comparisons  to  determine 
position,  although  it  uses  both  time  and  frequency  sharing.  The  in- 


terference  patterns  from  these  emissions  create  ambiguous  frequency 
lanes  of  8-15  miles  in  width.  Position  is  determined  by  the  starting 
point,  present  phase  angle,  and  number  of  lanes  of  each  frequency 
crossed.  Errors  are  introduced  when  the  wave  passes  over  areas  of 
differing  ionospheric  characteristics  such  as  night  or  day,  causing 
predictable  errors  on  the  order  of  kilometers.  Sudden  ionospheric 
disturbances,  which  are  yet  unpredictable,  cause  auroral  effects  that 
may  shift  a lane  up  to  11-12  miles  (Beukers,  1973:81).  These  errors 
result  from  a change  in  the  reflection  point  of  the  skywave  and  become 
important  ever  long  ranges  moving  from  one  set  of  stations  to  another. 
Over  short  distances  and  times  they  are  important  only  if  they  occur 
during  the  flight  an  advantage  of  lane  asiblgultles.  For  this  system 
the  diurnal  propagation  errors  can  be  easily  determined  from  published 
material  and  taken  into  account  in  the  mission  planning;  thereby  sub- 
stantially reducing  processor  cost.  As  noted  in  the  LORAN  section, 
recent  technological  advances  have  dramatically  reduced  the  cost  of 

both  receiver  and  logic  circuitry  (Moss,  1975:58)  (Delorme,  1975: 
126). 

Tactical  jamming  of  the  Omega  system  is  practical,  but  limited 
in  range  due  to  the  difficulty  of  generating  the  necessary  jamming 
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power  at  VLF  frequencies.  Spoofing  by  building  another  station  can 
distort  the  Omega  lanes  by  a few  miles  (Develco,  1975b), 

Summary.  Dead-reckoning  is  the  least-expensive  independent  navi- 
gation system,  but  somewhat  inaccurate.  Both  Loran  C/D  and  Omega  are 
low  cost  and  have  accuracies  much  better  than  dead-reckoning.  Pure 
inertial  systems  are  not  appropriate  for  this  vehicle,  primarily  because 
of  cost.  The  use  of  a navigation  beacon  involves  development  cost, 
provides  an  easy  target,  and  does  not  offer  any  significant  advantages 
over  the  already-existing  Loran  or  Omega  systems. 
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COST 

Dead  Reckoning 

Estimating  the  cost  of  the  system  involves  more  than  just  adding 
the  cost  of  a number  of  parts.  Two  dead-reckoning  sets  are  costed  in 
this  section;  a two-direction  racetrack  and  a four-leg  pattern,  both 
in  addition  to  the  navigation  leg.  Table  E-4  lists  the  parts  and  as- 
sociated costs  from  current  Allied  Electronics  catalogs.  Table  E-5 

shows  similar  information  for  the  four-leg  pattern.  Costs  are  for  more 
than  100  units. 


TABLE  E-4 

COMPONENT  COSTS  (2-LEG  PATTERN) 


Part 

Numbers  Required 

Cost  Each 

Total  Cost 

NAND  gates 

3 

$ .75 

$ 2.25 

15  turn  resistors 

6 

1.21 

7.26 

Resistors  (1%) 

21 

.14 

2.94 

Capacitors 

7 

.04 

.28 

Diodes 

6 

.13 

.78 

Reset  switch 

1 

.42 

.42 

Bistable  timers 

2 

1.75 

3.50 

Switch  bank 

3 

2.50 

7.50 

Test  Items 

*22  Pin  Connectors 

1 

2.00 

2.00 

*Banana  Connector  (sets) 

2 

1.44 

2.88 

TOTAL 

$29.81 

*Parts  required  for  check-out  and  setting  of  equipment. 


Rather  than  estimate  the  number  of  manhours  required  and  production 
cost,  certain  other  cost-estimating  schemes  may  be  used.  One  scheme 
is  based  on  the  idea  that  the  component  costs  make  up  10%  to  30%  of 
the  final  installation  cost  (Johnson,  1975).  The  most  likely  estimate 
is  assumed  to  be  20%.  Using  this  relationship,  the  following  cost 
estimates  for  the  electronics  are  found: 


High  $298 
Low  99 
Most  Likely  1A9 


Costs  for  the  four-leg  pattern  are  shown  below. 


TABLE  E-5 

COMPONENT  COSTS  (A-LEG  PATTERN) 


Numbers  Required  Cost  Each  Total  Cost 


NAND  gates 

6 

$ .75 

$ A. 00 

15  turn  resistors 

10 

1.21 

12.10 

Resistors  1% 

23 

.lA 

3.22 

Capacitors 

9 

.OA 

.36 

Diodes 

12 

.13 

1.56 

Reset  switch 

1 

.A2 

.A2 

7 Switch  bank 

5 

2.00 

10.00 

Bi-stable  timer 

5 

1.75 

1.75 

Test  items 

*12  Pin  Connector  (sets) 

1 

2.00 

2.00 

*Banana  Connectors 

2 

l.AA 

2.88 

TOTAL 

$A5.29 

Using  the  same  cost  estimating  relationships  yields  for  the  A-leg 
pattern: 


Most  Likely  326 

But  the  magnetometer  raises  these  costs  by  $100  each  (Dallslde,  1975) 
to: 


2-leg 

4-leg 

High 

$398 

$553 

Low 

199 

251 

Most  Likely 

249 

326 

The  non-recurring  production  cost  is  estimated  by  comparison  with 
a system  of  similar  production  complexity,  for  which  an  estimate  is 
known,  the  Omega  system.  A point  estimate  of  $50,000  was  received 
(Develco,  1975).  High  and  low  estimates  are  $45,000  and  $57,000 
(Johnson,  1975)  based  on  similar  arguments (Rorden, 1975). 

Dead-Reckonlne  Navleatlon  with  Omeea  Statlon-Kee 


Although  this  system  Is  not  expected  to  be  used.  It  serves  as  an 
Intermediate  check  In  both  technology  and  cost  in  going  from  DR  to 
Omega. 

The  costs  associated  with  this  system  are  described  as  follows: 

Magnetometer  - Such  as  Develco  9100C  presently  selling  at  $600 
per  unit.  Available  at  $100  per  unit  in  a 5000  unit  buy  (Dallslde, 
1975). 

Antenna  and  Coupler  - Electric  field  with  coupler,  hemetlcally 
sealed  and  molded  Into  airframe.  Estimated  cost  Is  $100-200  with  less 
than  $5,000  modification  costs  from  Spears  Associates  (Burke,  1975). 


Receiver  and  Clock  - Constructed  using  existing  integrated  circuits. 
Estimated  cost  of  delivered  items  if  $100  - $150  (Gaugler,  1975). 

Serial  Diattal  Phase  Filter  - Supported  by  USAF,  to  be  produced 
by  RCA  as  an  Integrated  circuit.  Estimated  cost  of  $5  - $10  each  in 
large  quantities  (Gaugler,  1975)  (2  required). 

Navigation  Electronics  - Almost  the  same  as  the  DR  system  but  the 

leg  timer  is  eliminated.  Based  on  DR,  cost  is  $50  - $190  (parts  cost 
from  Allied). 


Low 

Most  Likelv 

High 

Magnetometer 

$100 

$100 

$100 

Antenna  and  Coupler 

100 

125 

200 

Receiver  and  Clock 

100 

125 

150 

Other  Electronics 

70 

100 

200 

TOTALS 

$370 

$455 

$650 

Omega 


Develco,  Inc.  estimates  their  design  costs  at  $400  in  lots  of 
1000  and  $300  in  a 5000  unit  buy  (Develco,  1975a).  This  price  does 
not  include  the  magnetometer  which  is  estimated  at  $100. 


Loran 


The  cost  for  the  Loran  system,  including  the  antenna,  is  estimated 
(firm)  at  $1,300  in  large  quantities  (Steelman,  1975).  Supporting  es- 
timates are  available  at  $2,000  to  $4,500  (Moss,  1975:58)  on  a single- 


unit basis. 


APPENDIX  E-3 


WIND  MODELS 

The  choice  of  navigation  systems  Is  dependent  on  the  effect  of 
wind  on  the  vehicle.  The  objective  of  this  Appendix  Is  to  develop  a 
set  of  models  useful  in  characterizing  the  wind-velocity  vector  In  the 
cruise  flight  regime  of  the  vehicle.  Three  types  of  models  are  con- 
sidered: climatalogical,  prediction-error,  and  hourly-change.  Each 

of  these  models  is  discussed  and  Its  uses  indicated  below. 

The  winds  are  created  when  large  air  masses  move  along  the  rough, 
frictional  surface  of  the  earth  creating  a turbulent  boundary  layer. 
This  boundary  layer .extends  upward  some  5,000  feet  above  the  surface. 
It  is  within  this  layer  that  most  day-to-day  experience  Is  gained, 
either  from  personal  observation  or  from  the  local  weatherman.  For- 
tunately, the  vehicle  spends  only  about  10  minutes  of  Its  climb  in 
this  layer.  The  remainder  of  the  flight  occurs  at  10,000  feet  In  the 
calmer  mesosphere.  The  .^Ir  at  10,000  feet  Is  much  calmer  than  the  air 
at  the  surface  of  the  earth.  Clear  air  turbulence  occurs  only  a short 
portion  of  the  time  (Chalk,  1969:443). 

Climatalogical  Models 

These  models  illustrate  the  major  trends,  such  as  mean  wind  veloc- 
ity and  direction.  Data  is  collected  over  several  years  and  is  cate- 
gorized according  to  season  and  location.  The  types  of  data  available 
include  rainfall,  cloudcover,  winds,  etc.,  although  the  present  concern 
is  with  winds.  A summary  of  the  climatalogical  wind  data  is  given  in 
Figure  E-9  and  E-10  (Carvell,  1975).  The  standard  deviation  of  the 


Figure  E-9  Prevailing  Wind  Direction 

(Central  West  Germany  using 
Weisbaden  Germany  1946-1957) 
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wind  at  10,000  feet  is  4.4  meters  per  sec  in  speed  and  90  degrees  in 
direction.  This  is  obtained  from  climatalogical  data  for  Weisbaden, 
Germany  from  Air  Force  Global  Weather  Control. 

Data  describing  surface  weather  conditions  is  recorded  on  magnetic 
tapes  hourly.  Measurements  of  upper  air  conditions  are  generally  taken 
and  recorded  only  every  12  or  24  hours.  Extrapolating  a model  based  on 
one  hour  surface  measurements  to  higher  altitudes  is  very  unwise.  Be 
cause  the  wind  speeds  in  the  lower  (100-meter)  layer  are  uncorrelated 
with  wind  speeds  in  the  overlaying  layers,  their  variation  at  lower 
levels  seldom  implies  corresponding  variations  at  higher  levels  (Bor- 
isenko, 1967).  For  a model  to  be  valid  using  the  10,000  feet  data,  the 
length  of  time  between  changes  in  weather  should  be  greater  than  the 
sampling  period.  Since  the  wind  can  change  significantly  in  less  than 
12  hours  (Carvell,  1975),  the  usual  meteorological  tapes  for  upper 
winds  taken  every  12  hours  do  not  provide  data  at  close  enough  time 
incremtnts  for  a model  used  to  simulate  weather  over  a few  hours. 

In  summary,  neither  one-hour  surface  measurements  nor  12-hour 
measurements  at  10,000  feet  provide  a good  model  for  this  problem. 

They  do,  however,  provide  information  on  the  general  long-term  character 
of  the  wind  for  the  area. 

Prediction  Error 

It  is  generally  thought  that  having  even  a pocr  forecast  is  better 
than  having  none  at  all.  Although  the  weatherman  is  taunted  for  being 
50%  right  75%  of  the  time,  pilots  and  navigators  credit  him  with  mission 
forecasts  generally  within  5 mph  in  a 45-degree  cone  at  altitude.  A 
more  quantitative  approach  is  taken  to  the  question  of  prediction- error 


by  considering  an  AFGWC  evaluation  of  the  meso-seale  prediction  model 
from  June  1971  to  May  1972  (AFGWC.  1972).  This  model  ia  used  by  AFGWC 
to  predict  weather  in  the  mesosphere,  that  area  above  5,000  feet  but 
below  the  ionosphere.  The  area  considered  Included  Canada,  Onited 
States,  and  northern  Mexico,  with  approximately  90  statlona  available 
for  each  cycle.  Verification  statistica  are  computed  by  comparing 
actual  data  collected  by  RAMINSONDE  stations  with  previously  forecast 
values  of  12  and  24  hours  and  are  shown  in  Figures  E-11  and  E-12  for  the 
12-hour  forecast.  Table  E-6  gives  the  statistics  for  the  difference 
between  forecast  and  measured  wind  for  June  1971  lo  May  1972  at 
millibars,  approximately  10,000  feet  altitude. 

TABLE  E-6.  dTANDAEB  DEVIATIOM  OF  WIMD-PREDICTION  EEEOR  (AFGMC,  1972) 


Wind  Speed  (m/sec) 
12  hours  24  hours 


Wind  Direction  (degrees) 
12  hours  24  hours 


Month 

June  1971 
July  1971 
August  1971 
September  1971 
October  1971 
November  1971 
December  1971 
January  1972 
February  1972 
March  1972 
April  1972 
May  1972 
AVERAGE 

Given  the  tactical  situation,  a more  accurate  forecast  than  the 
standard  twelve  hour  forecast  should  be  available.  In  an  attempt  to 
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account  for  this  and  other  possible  factors,  a linear  extrapolation 
to  6 hours  Is  used  for  the  standard  deviation  of  both  speed  Og  and 
direction  o^.  The  prediction  error  model  is  for  speed  Og  » 3.9535  m/ 
sec  and  for  direction  = 26.87  degrees.  If  a normal  distribution  is 
assumed  for  the  error,  as  is  normally  done  (Carvell,  1975),  the  ex- 
pected speed  error  Pg  for  a 6-hour  prediction  is  Pg  * 2.637  m/sec  * 

5.9  mph,  and  the  expected  direction  pj  * 17.914  degrees.  It  is  assumed 
that  the  prediction  error  is  constant  over  the  mission  time.  This 
model  is  used  in  the  EFFECT  program  of  Volume  II. 


Hourly  Change 

Sending  a series  of  vehicles  at  a target  using  the  same  predicted 
wind  does  not  imply  that  they  arrive  at  the  same  place  because  of  slow 
shifts  occurring  between  launches  in  the  wind  conditions  both  at  the 
launch  site  and  enroute,  not  accounted  for  by  the  prediction.  It  is 
desirable  to  have  a model  that  accounts  for  these  slowly-changing  condi- 
tions yet  does  not  tamper  with  the  prediction-error  model.  Although 
the  scarcity  of  hourly  upper-air  data  is  mentioned,  the  test  range  at 
Luke  AFB  takes  hourly  readings  when  the  range  is  operating,  about  eight 
hours  a day.  Approximately  ISO  Pibal  measurements  at  11,000  feet  MSL 
are  subjected  to  various  statistical  tests.  The  Kolomogorov-Smimov  test 
and  Likelihood  Ratio  Test  for  various  distributions  were  also  applied 
using  a computer  program  developed  by  Prof  T.  L.  Regulinski  (1975). 
Exponential,  Weibull,  normal,  gamma,  log  normal,  beta,  and  logistic 
distributions  were  considered  with  the  normal  selected  as  the  most 
likely  distribution  based  on  the  Kolomogorov- Smirnov  "d"  statistic.- 
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The  parameters  of  the  normal  distribution  are  03  - 1.6  m/aec  and  o. 


25.1  degrees,  with  both  means  equal  to  aero.  These  changes  are  shown 
In  Figures  E-13  and  E-14. 

Another  way  of  grasping  the  changing  nature  of  the  wind  is  through 

the  auto-correlation  function,  - lLXY]-E[X]ZfY] 

E[XX]  * Seventeen  strings 

of  five,  unbroken  data  points  are  used  in  calculating  the  auto-correla- 
tlon  function  of  speed  in  figure  E-15  and  direction  in  Figure  E-16. 

Ibis  model  is  used  to  slowly  change  the  wind  conditions  during  flight 
and  at  launch  as  explained  in  aapter  IV  of  Volume  II 
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I DEAD  RECKONING  CIRCUIT  DETAILS 

A dead  reckoning  system  involves  flying  a set  of  given  headings 
I for  a predetermined  length  of  time.  The  complexity  of  the  pattern  flown 

I depends  on  the  number  of  pattern  legs.  A simple  navigation  scheme  is 

shown  in  Figure  E-17.  It  consists  of  flying  from  the  launch  site  to 

Point  X (Leg  A)  in  the  target  area  and  then  flying  legs  B and  C repeatedly 

i 

j until  fuel  depletion.  To  steer  the  above  track,  wind  forecasts  are  used 

3 to  compute  wind  triangles  (Figure  E-ls)  for  each  of  the  pattern  legs  just 

prior  to  launch. 

i To  implement  the  above  scheme,  a circuit  was  constructed  (Figure  E— 19) 

i 

I using  both  digital  and  analog  integrated  circuit  technology.  This  circuit 

; 

; was  breadboarded  to  test  the  feasibility  of  the  navigational  scheme  and 

to  quantify  the  processing  accuracies  expected  from  this  type  of  circuit. 

Circuit  Design 

The  circuit  is  designed  to  use  two  SNT2555  integrated  circuit  timers. 

These  timers  use  resistors  and  a capacitor  to  form  one  or  two  RC  time  constants 
I depending  on  whether  they  are  configured  in  a monostable  or  astable 

I configuration.  Timer  A is  used  to  time  leg  A of  the  navigation  pattern; 

I timer  B switches  back  and  forth,  first  timing  leg  B,  then  leg  C,  then 

I 

leg  B again,  etc.  (Figures  E-20  and  E-21).  A need  also  exists  to  program 
i the  directions  of  each  leg. 
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Reckoning  Navigation  Circuit 


Direction  is  sensed  by  a two-axis,  flux-gate  magnetometer.  The 
Develco  Model  9100C  magnetometer  was  selected,  because  it  is  the  lowest- 
cost  analog  magnetometer  available.  The  output  for  each  of  the  two 
orthogonal  axes,  X and  Y,  is  0 to  +5  volts  dc.  The  zero  field  bias  is 
+2.5  Vdc.  The  magnetometer  is  oriented  so  that  the  two  axes  are  in  a 
horizontal  plane  when  the  vehicle  is  cruising  in  straight-and-level 
flight.  By  orienting  the  magnetometer  axes  parallel  to  the  Earth's 
surface,  those  components  of  the  Earth's  magnetic  field  normal  to  the 
surface  have  minimal  effect  on  the  magnetometer. 

Magnetometer  Output 

A magnetometer  was  not  available  for  testing,  but  it  was  assumed 
that  the  output  voltage  of  the  magnetometer  has  a sinusoidal  relationship 
with  the  angle  between  the  axes  and  magnetic  north.  Given  this  relation- 
ship, it  is  calculated  that  the  outputs  are: 

( Cos  0+1)  (2.5)  volts  = X output  (E-3) 

(Sin  0 + 1)  (2.5)  volts  = Y output  (E-4) 

where  0 is  the  angle  between  the  longitudinal  axis  of  the  magnetometer 
and  the  magnetic  north.  Which  one  of  these  two  equations  actually 
corresponds  to  the  X or  Y outputs  is  arbitrary.  The  computed  outputs 
for  angles  of  1 through  360  degrees  are  contained  in  Appendix  E-10. 

Programmed  Angles 

We  have  thus  far  established  a time  length  for  each  navigation  leg 
and  have  a magnetometer  to  give  the  angle  from  magnetic  north  which  the 
vahicle  is  flying.  What  is  left  is  to  find  three  angles  (l.e.  pairs  of 
voltages)  to  compare  with  the  two  outputs  of  the  magnetometer.  Each  pair 
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of  voltages  (X  and  Y)  represents  the  programmed  direction  the 

vehicle  is  to  fly.  Any  of  the  pairs  of  voltages  from  the  timer  circuit 

(Figure  E-22a)  (voltages  X and  Y ) have  a maximum  of  about  3. A 

mag  mag 

volts . 


Amplifiers 

The  above  voltages  must  be  amplified  so  that  there  is  as  much  as 
5.0  volts  available  (X  and  Y)  to  be  compared  with  the  output  of  the 
magnetometer.  This  is  accomplished  by  amplifiers  1 and  2 in  the 
circuit  in  Figure  E-19b.  From  this  point,  the  diffeiences  are  taken 
between  the  magnetometer  outputs  and  the  programmed  voltages  in  difference 
amplifiers  3 and  4.  These  differences  ar  i labeled  AX  and  AY.  The 
difference  is  then  taken  between  AX  and  AY  in  difference  amplifier  5. 

This  gives  a single  overall  error  as  the  output  of  amplifier  5 (AY-  AX). 
Amplifier  Biasing.  In  a difference  amplifier  (amplifiers  3,  4,  and 
5,  Figure  E-19b)  when  the  voltage  at  the  negative  input  is  more  positive 
than  the  voltage  at  the  positive  input,  the  voltage  at  the  output  is 
negative  (the  positive  input  minus  the  negative  input)  (National,  1973; 
AN20.6).  This  is  true  only  when  the  amplifier  is  connected  to  both' 
a positive  and  a negative  voltage  supply.  In  this  application,  only  a 
positive  voltage  supply  is  used.  Thus,  the  output  cannot  go  negative. 

If  the  input  to  these  amplifiers  is  given  some  positive  reference 
voltage  (a  bias)  this  voltage  becomes  the  zero -ref crenct.;  point.  Positive 
differences  are  above  this  value,  and  negative  differences  below.  The 
bias  voltage  for  amplifiers  3 and  4 is  arbitrarily  picked  at  2.500  volts. 
This  also  happens  to  be  the  zero  field  bias  for  the  magnetometer.  The 
bias  voltage  for  amplifier  5 is  picked  to  be  1.400  volts,  because  that 
is  the  null  voltage  for  the  servos  chosen  for  controling  the  rudders. 


Servos 

The  twin-boom  airframe  has  twin  rudders  for  directional 
control.  Each  of  the  rudders  has  a movable  surface  controlled  by  a 

Kraft,  KPS-16  servo.  This  servo  is  chosen,  because  it  is  the  largest  of 
the  line,  having  a torque  of  eight  inch-pounds.  Another  reason  for 
choosing  this  servo  is  that  it  is  capable  of  being  controlled  by  either 
a dc  signal  or  a digital  proportional  signal.  Most  other  servos  of  this 
ty  >e,  radio  controlled  (RC)  model  servos,  are  not  capable  of  being  con- 
t’'!Aled  by  a dc  signal.  The  dc  control  voltage  is  connected  to  pin  3 
of  the  servo  (Miller,  1975).  A voltage  swing  of  0.6  volts  to  either 
side  of  the  null  voltage  of  1.4  volts  results  in  full  deflection  of  the  ^ 

servo . 

Timer  Circuit  Components 

RC  Time  Constants.  Three  fixed-value  resistors  are  used  in  the  prototype 
circuit  in  place  of  the  variable-trimmer  resistors  in  the  designed  circuit. 

The  trimmer  resistors  are  used  to  set  the  time  for  each  of  the  three 
navigation  legs.  For  the  prototype  circuit,  the  values  of  the  resistors 
and  capacitors  are  chosen  to  give  a time  constant  of  a few  seconds  so 
the  operation  of  the  timers  can  be  checked.  In  selecting  time  constants 
for  the  astable  configuration,  (timer  A)  the  following  equation  applies: 

Ta  = 1.1  RaC  (Texas,  1973:7-57) 
where  Ta  = Time  that  timer  output  is  high  (sec) 

RA  = Resistance  (ohms) 

C = Capacitance  (farads) 


for  timer  B, 


Tg  - 0.693  (Rg  + Rj.)  c 

Tc  = 0.693  (R(j)  C (Texas,  1973:7-58) 
where  Tg  = Time  that  timer  output  is  high  (sec) 
Tc  - Time  that  timer  output  is  low  (sec) 


Rb  + Rc  controls  charging  of  C 
Rc  controls  discharging  of  C 
C = capacitance  (farads) 

The  values  of  the  RC  ccpouauts  are  ohosuu  strictly  because  those  are 
bhe  components  available  to  give  time  constants  of  a few  seconds. 
Figures  E-20  and  E-21  show  the  configuration  of  timers  A and  B. 


Lo^lc«  In  designing 


timer  circuitry,  two  questions  arise: 


how  to  select  one  timer  output  at  a time,  since  Timer  A has  one  output 

and  Timer  B has  two,  and  how  to  keep  timer  B shut  off  while  Timer  A Is 

on.  These  guestlons  are  answered  using  Boolean  algebra  (Rhyne.  1973. 

30-58)  and  the  Karnaugh  mapping  technique  (Rhyne,  1973:110-133). 

Olgltal  Analysis.  In  the  following  analysis.  A Is  the  output  of  Timer  A 

When  the  output  Is  high  (a  logic  one).  A represents  a logic  rero  at  the 
ou  pu  O Timer  A.  The  same  holds  for  Timer  B. 

Analysing  the  second  question,  both  timers  are  digital  devices. 

That  is,  their  outputs  are  either  aero  or  one.  There  are  three  outputs 

from  the  timer  circuit,  one  from  Timer  A and  two  from  Timer  B.  The 

Boolean  expression  that  describes  the  situation  when  the  vehicle  Is  on 

i"iply  A.  A Karnaugh  map  Is  used  to  determine  the  output  of  the  timer 
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circuit  while  tue  vehicle  is  on  navigation  leg  B is: 


Figure  E-22  . Karnaugh  Map,  Navigation  Leg  B 
The  Boolean  expression  derived  from  this  map  is;  A*B. 

On  the  final  leg  of  the  pattern,  leg  C below. 


Figure  E-23.  Karnaugh  Map,  Navigation  Leg  C 


The  derived  expression  is  A*B.  Negative  logic  is  easier  to  find  and 
cheaper  than  positve  logic.  So  using  DeMorgan's  theorem  (Rhyne,  1973 
37)  , A’B  = A+B.  The  circuit  outputs  for  the  three  navigation  legs 
are:  A,  A-B,  and  A+B.  The  logic  diagram  for  these  three  equations 


is  drawn  in  Figure  E-27  below. 


Figure  E-24.  Prototype  Timer  Logic  Diagram 

The  above  diagram  normally  requires  three  logic  gates.  Looking  at  the 
Timer  B circuit(Figure  E-19a)one  finds  that  by  connecting  an  A signal 
to  the  reset  of  Timer  B the  timer  output  becomes  A’B,  thus  eliminating 
the  need  for  an  "AND"  gate.  Thus,  the  desired  output  uses  one  inverter 
and  one  "NOR"  gate.  These  two  components  are  shown  in  Figure  E-19a. 

Diode  Isolation 

The  diodes  used  in  the  timer  circuit  (Figure  E-19b)  are  needed  to 
isolate  each  trimmer  resistor  from  the  others  that  are  connected 
together  at  points  A and  B,  Figure  E-19b.  If  the  diodes  are  not  present 
each  set  of  three  trimmer  resistors  interacts.  Each  set  of  X and  Y 
voltages  are  then  very  difficult  to  program  because  of  the  interaction 

that  occurs  without  the  diodes. 


Component  Selection 


A prototype  of  the  previously  described  navigation  circuit  was 
constructed  on  a SK-10  universal  component  socket  manufactured  by  EL 
Instruments.  Resistors  with  a value  of  107. IK  ohms  at  one-percent 
tolerance  were  used  in  place  of  all  lOOK  ohm  resistors  in  the  difference 
amplifiers  (amplifiers  3,  4,  and  5 in  Figure  E*19b) . These  resistors 
were  used  because  they  were  the  only  one-percent  tolerance  resistors 
available  with  a resistance  close  to  lOOK  ohms.  All  other  resistors 
are  ten-percent  tolerance. 

Operational  Amplifiers.  National  Semiconductor  LM741  operational  ampli- 
fiers (op  amps)  were  originally  used  for  the  six  amplifiers  shown  in 
Figure  E-19b.  These  devices  are  frequency  compensated, but  they  were  found 
to  be  temperature  sensitive.  The  circuit  was  reconstructed  using  National 
Semiconductor  LM324  quad  op  amps.  These  are  newer  devices  and  are  both 
temperature  and  frequency  compensated. 

A rudimentary  test  of  the  temperature  performance  of  these  op 
amps  was  conducted.  While  monitoring  the  output  of  one  amplifier  under 
load,  circuit  cooler  was  sprayed  on  the  amplifier  package.  The  amplifier 
output  varied  less  than  0.001  volt  for  a 5.000  volt  output. 

Trimmer  Resistors.  The  trimmer  resistors  should  be  fifteen-turn  trimmers 


similar  to  the  Weston  rectilinear  3/4-inch  Cermet  trimmer,  model  /,*830P, 
or  to  the  Beckman  Helipot,  model  89  (Beckman  Helipot,  1975), 

This  type  trimmer  with  a resistance  of  lOOK  ohm  was  not  available  for  use 
in  the  prototype  circuit  so  270-degree- turn  trimmers  were  used.  This  type 
is  very  hard  to  adjust  to  the  accuracy  required.  The  output  of  the 
trimmers  needs  to  be  within  + 0.001  volts. 
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Circuit  Test 

The  purpose  of  the  test  was  to  find  the  circuit  accuracy  and  linearity 
of  the  difference  amplifiers.  The  magnetometer  Input  was  simulated  by 
using  a dc  power  supply.  The  equipment  used  are  as  follows: 

SK-10  universal  component  socket,  with  circuit 
EL  Instruments  op  amp  designer 

Kepco,  Model  ABC7.5-2,  0-7. 5V,  variable  power  supply 
Fluke,  Model  8100B,  3h  digit,  digital  multimeter 
An/USM-398  dual-trace  oscilloscope 

Measurements.  Various  angles  were  assumed  and,  from  the  data  contained 
In  Appendix  E-9,  the  magnetometer  outputs  were  calculated.  The  pair  of 
voltages  were  calculated  for  Input  to  the  circuit  at  points  C and  D 
labeled  on  Figure  E-22b  to  simulate  the  magnetometer.  This  same  voltage 
pair  was  programmed  Into  the  circuit  by  adjusting  one  pair  of  trimmers 
(shown  In  Figure  E-22b)  until  the  voltages  at  points  A & B were  equal  to 
the  magnetometer  Input  voltages.  The  outputs  of  the  three  difference 
amplifiers  (3,  4,  and  5)  were  recorded  and  this  data  appears  In  Table  E-7. 
Test  Results.  The  data  sheet  for  the  LM324  op  amp  (National,  1973) 
states  that  the  output  of  these  devices  goes  to  ground  potential.  In 
the  test  circuit,  a single  supply  voltage  of  +15.0  volts  was  used  for  the 
op  amps.  With  this  single  supply,  a potential  of  0.038  volts  was  the 
lowest  potential  obtainable.  From  Appendix  E-9,  one  can  see  that  a value 
of  X = 0.038V  Is  equivalent  to  angles  of  170  and  190  degrees.  This  would 
equate  to  a ten  degree  error  except  that  the  differences  In  the  Y voltages 
compensate  for  this  error  In  less  that  one  degree.  To  calculate  this 
error,  one  can  see  that  when  X equals  zero  volts,  Y equals  2.500v.  For 
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TABLE  E-7.  PROTOTYPE  CIRCUIT  TEST  DATA 


Heading (9) 


Op  Amp  No. 


Inputs  (volts) 


9prog  = 90® 
Omag  = AS* 

0prog  = 0° 
0mag  =45" 


f ■■ 

(+) 

(-) 

0.038 

0.000 

2.545 

2.500 

2.500 

2.501 

2.501 

2.545 

1.354 

2.500 

2.500 

2.497 

0.038 

0.000 

2.542 

2.542 

2.497 

1.443 

2.500 

2.500 

2.498 

5.001 

5.000 

2.498 

2.498 

2.498 

1.399 

5.001 

5.000 

2.491 

2.500 

2.500 

2.501 

2.501 

2.491 

1.408 

' 4.270 

4.269 

2.491 

4.269 

4.269 

2.510 

Output  (volts) 


2.510 
2.500 
5.001 
3.240 
5.000 
2.500 
36 


2.491 

4.269 

4.269 

0.723 

4.269 

4.269 

3.219 


1.418 

0.723 

3.240 

3.096 

3.219 

0.736 


an  error  of  0.038V,  Y would  have  to  equal  either  2.538  volts  or  2.462 
volts  to  compensate.  From  Equation  (E-4), 


(SIN  9+1)  2.5  volts  - 2.538 

2.538 


SIN  9 = -1  + 


so, 


2.500 
9 = 180.87“ 


or,  similarly,  if  the  error  is  compensated  in  the  other  direction, 

2.462 


SIN  9 - -1  + 


2.500 


so,  9 = 179.13“ 

In  both  of  the  above  cases,  the  error  is  equal  to  0.87  degrees. 

The  test  data  compiled  in  Table  E-7  shows  that  linearity  of  the 
LM324  op  amps  is  extremely  good  around  an  equilibrium  voltage.  In  the 
first  five  sets  of  data,  the  magnetometer  inputs  and  the  programmed 
Inputs  were  all  set  as  close  as  possible  to  the  calculated  Inputs  for 
the  given  angles.  In  all  cases,  the  measured  voltages  at  the  amplifier 
outputs  were  within  10  millivolts  of  the  actual  differences  of  thi  input 
voltages.  This  relates  to  the  fact  that  the  bias  or  null  voltage  for 
amplifiers  3 and  4 is  2.500  volts  and  for  amplifier  5 is  1.400  volts. 
Thus,  when  the  inputs  to  each  amplifier  are  equal,  the  outputs  of  ampli- 
fiers 4 and  5 should  be  2.500  volts  and  of  amplifier  3,  1.400  volts. 

The  last  two  sets  of  data  poxnts  in  Table  E-7  were  measured  to  show 
that  the  output  would  command  or  turn  in  the  correct  direction.  It  was 
calculated,  when  the  circuit  was  designed,  that  a positive  error  signal 
(circuit  output)  commands  a turn  to  the  left  and  negative  error  signal 
a right  turn.  This  is  verified  by  the  last  two  data  sets. 


Final  Circuit  Design 


The  prototype  circuit  operated  properly  from  the  standpoint  of  the 
programmed  angles  and  operation  of  the  amplifiers.  It  was  realized 
during  the  construction  of  the  prototype  that  extremely  long  time  con- 
stants (on  the  order  of  hours)  may  be  required  for  the  timer  portion 
of  the  circuit.  Also,  from  control  analysis  of  the  vehicle  It  was 
realized,  from  the  ahalysls  In  Appendix  B,  that  a lead-lag  compensator 
Is  needed  between  the  output  of  the  circuit  and  the  rudder  servos. 

This  compensator  Is  needed  to  stabilize  an  Inherently  unstable  heading- 
control  loop.  It  was  also  decided  to  use  two  additional  navigation  legs, 
a total  of  five  legs. 

Timers . For  accuracy  In  long  RC  time  constants,  large  capacitors 
are  needed  with  extremely  low  leakage.  CApacltors  of  this  type  are  ex- 
pensive, but  a way  around  this  problem  Is  found  by  using  timers  with  short 
time  constants  (less  than  10  minutes) . The  final  timer  design  shown  In 
Figure  E-2  , uses  a time  constant  of  one  minute  along  with  a digital  ' 
counter.  This  design  facilitates  the  use  of  switches  to  program  the 
length  of  time  of  each  leg  Instead  of  adjusting  resistors. 

The  coutiter  logic  for  each  navigation  leg  Is  composed  of : 

one  CD4040C,  12-stage  ripple-carry  binary  counter  (National,  1975a: 

190-192) 

One  four-input  NOR  gate  (1/2  CD4002C)  (National,  1975a: 124-125) 

Seven  double-pole  single  throw  switches 

One  eight-input  NAND  gate  (MM74C30)  (National,  1975a: 11-13) 
and  one  J-K  flip-flop  with  clear  and  preset  (1/2  74C76) 

(National,  1975a: 22-24) 
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Figure  E-3.  Timers  B through  E,  Navigation  Circuit  Final  Design 


[i 


All  of  the  coimters  receive  an  input  from  a single  SN72555  timer  with 
a one-minute  time  constant. 


Control  Compensation 

The  amplifier  circuitry  used  in  the  prototype  circuit  remains  vir- 
tually unchanged.  The  only  difference  in  the  circuit  Is  the  addition  of 
a lead-lag  compensation  amplifier  on  the  output.  The  transfer  function 

from  the  control  analysis  is  0.4(s+l) 

s+10 

The  amplifier  circuit  needed  to  accomplish  this  transfer  function 
Is  [ ~~  ~ 


Figure  E-25.  Heading  Control  Loop  Compensator 


where 


0.4(s+l) 

s+10 


then  solving  for  some  reasonable  component  values  yields 
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Cj^  = 1 uf 


= lOOK  ohm 
C2  = 25  uf 
R2  = R3  = 40  K ohm 


Testing  of  Final  Circuit  Design. 

There  are  some  significant  changes  in  the  final  circuit  that  are 
not  in  the  prototype  circuit.  This  final  circuit  should  be  tested  to 
make  sure  the  circuit  will  operate  properly  and  so  that  the  accuracy  of 
the  circuit  can  be  verified.  Since  the  final  circuit  has  not  been  built 
and  tested,  a prototype  of  this  design  should  be  built  and  tested  before 
any  production  is  contemplated. 

Timer  Testing.  The  timer,  which  uses  an  RC  time  constant,  might  be 
temperature  sensitive.  The  accuracy  of  the  timer  circuit  should  be 
measured  at  20-degree  increments  from  70*F  down  to  -30®F.  If  the 
results  of  this  test  show  that  there  is  a significant  error  at  lower 
temperatures,  another  type  of  timer  circuit  may  be  needed.  A more 
expensive  alternate  timer  circuit  is  a crystal-oscillator  circuit  with 
a temperature-compensated  crystal.  The  output  pulses  of  the  oscillator, 
although  of  much  higher  frequency,  would  be  counted  in  the  same  manner 
as  the  output  of  the  R-C  timer. 

Timer  Circuit  Output.  The  outputs  of  the  74C76  flip-flops  may  not  provide 
enough  current  to  the  trimmer  resistors  used  to  program  the  heading  angles. 
This  needs  to  be  tested  and  verified.  If  the  flip-flops  do  not  provide 
enough  current,  a buffer  stage  will  have  to  be  added  between  the  flip- 
flops  and  the  trimmers.  Once  the  timer  circuit  has  been  checked  out  and 
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is  operating  properly,  the  operation  of  the  entire  circuit  with  the 
magnetometer  and  servos  connected  should  be  tested. 

Complete  Navigation  Circuit  Testing.  The  complete  circuit  should  be 
tested  on  a bench  with  all  metal  objects  moved  as  far  away  from  the 
magnetometer  as  practically  possible.  At  least  six  different  heading 
angles  should  be  programmed  into  the  circuit  and  then  the  magnetometer 
rotated  based  on  the  servo  movement.  The  heading  angles  and  magneto- 
meter alllgnment  should  be  recorded  and  anlyzed. 

If  the  test  results  are  satisfactory,  the  system  should  be  test 
flown.  There  is  no  substitute  for  the  actual  environment  and  the 
effects  of  actual  flight  conditions  on  the  navigation  circuit  perform- 
ance. Therefore,  the  navigation  system  should  be  installed  and 
tested  in  a prototype  aircraft  with  radio-control  override.  Manual 
intervention  of  the  navigation  system  will  be  needed  to  take  over  in 
the  event  that  the  navigation  system  malfunctions  and  to  land  the 
vehicle. 

The  test  flight  should  be  accomplished  on  a range  where  the  vehicle 
can  be  allowed  to  fly'  a distance  long  enough  that  an  adequate  measurement 
of  the  navigational  accuracy  can  be  made,  at  least  50  miles.  The  test 
should  be  conducted  on  a low  or  no-wlnd  day  where  the  data  will  not 


reflect  wind  errors. 


since  both  magnetometer  Inputs  follow  a sine  relationship,  the 
smallest  change  In  the  Inputs  per  degree  change  In  direction  occurs  at 
the  peaks  of  the  sine  wave.  The  peak  of  the  sine  wave  occurs  when  a 
given  Input  Is  either  0.000  volts  or  5.000  volts.  An  error  In  the  other 
Input  at  either  of  these  two  points  causes  the  greatest  error  In  the 
direction  of  the  vehicle. 

At  180  degrees,  the  X value  Is  0.000  volts  and  Y Is  2.500  volts. 

An  error  of  10  millivolts  In  the  Y signal  at  this  point  causes  less  than 
one-degree  error.  Looking  only  at  the  X values.  It  appears  that  there 
would  be  a five  degree  error  (x  0.010  volts  at  185  degrees  and  175 
degrees).  But,  the  Y value  Is  changing  by  0.044  volts  per  degree  at 
this  point  and  compensates  for  the  10  millivolt  error  In  less  than  one- 
degree  change  In  heading.  Thus,  the  circuit  output  has  to  be  off  by 
more  than  44  millivolts  to  cause  an  error  of  one  degree. 


APPENDIX  E-5 
reliability 

Reliability  is  the  probability  that  a system  mill  fuaction  in  a 
specified  manner  for  a specified  period  of  time.  For  the  navigation 
ayctem  the  specified  manner  is  to  perform  all  functions  reguired  to 
command  the  vehicle  to  the  desired  heading.  The  specified  period  is 
6 hours.  The  reliability  R(6)  is  obtained  by  developing  a model  which 
describes  reliability  of  the  system  as  a function  of  time.  The  en- 
ponentlal  failure  model  is  frequently  used  to  approximate  the  reliability 

of  electronic  systems  and  is  given  as 


R(t)  = 


(E-5) 


unere  X is  the  hazard  function  associated  with  failure  rate  of  the  sys- 
tem. For  this  model  X is  the  sum  of  the  failure  rates  of  the  individual 
components.  For  simplicity  it  is  assumed  that  all  parts  must  operate 
tor  the  entire  mission  time.  Frequently  the  failure  Information  of  a 
system  is  expressed  as  l/X  or  the  Mean  Time  Between  Failures  (KTBF). 
Obviously  the  heart  of  a reliability  estimate  is  obtaining  X. 

Because  the  technology  used  in  both  the  dead  reckoning  and  Omega 
systems  is  quite  new,  little  data  exists  on  the  failure  rate  of  any 
given  part.  Failure  rates  under  ideal  conditions  are  obtained  for  each 
type  of  part  Involved  from  Military  Handbook  217-B.  Unity  stress  is 
used.  Environmental  factors  are  then  used  to  provide  a more  realistic 
estimate  of  the  part  failure  rate  in  its  expected  operational  environ- 
ment. An  environmental  factor  for  an  aircraft  application  would 
tvnicll,  be  20!  for  a missile  it  would  be  in  the  range  of  80.  Because 


■ ■ 
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of  the  vibration  of  the  vehicle  in  flight  and  the  high  launch  accel- 
eration, an  environment  factor  for  this  vehicle  is  expected  to  be  in 
the  range  of  50  with  bounds  of  20  as  low  and  80  as  high.  Where  failure 
data  is  not  available  on  a specific  part,  the  failure  rate  for  a part 
of  similar  complexity  is  used.  The  failure  rate  for  the  magnetometer 
is  estimated  at  one  failure  per  year  (Pierce,  1975),  with  bounds  of 
one  failure  every  half  year  as  high,  to  one  failure  every  one  and  a half 
years  as  low  (Rose,  1975).  An  environmental  factor  of  10  is  used  for 
the  magnetometer  because  the  MTBF  was  already  based  on  the  operational, 
though  less  severe,  environment.  An  estimate  of  the  number  of  failures 
during  storage  is  obtained  using  a powered  to  unpowered  failure  ratio 
of  10^  (Davis,  1975). 


Dead  Reckoning 

Table  E-8  illustrates  the  failure  rate  results  of  the  electronic 
components  for  a two-leg-pattem  system. 


TABLE  E-8.  FAILURE  RATES  FOR  DEAD  RECKONING  ELECTRONICS 

Adjusted 


Failures 

Part  Per  10®  hrs 

Environ 

Factor 

Failures 
Per  10®  hrs 

Number 
of  Parts 

Total  Failures 
Per  10®  Hours 

Integrated  circuits 

.5 

20 

10 

5 

50.0 

Resistors 

(variable) 

.026 

20 

.52 

7 

3.64 

Connectors 

1. 

20 

20 

1 

20 

Resistors  (fixed) 

.16 

20 

3.2 

21 

67.2 

Capacitors 

.0065 

20 

.13 

7 

.91 

Diodes 

.015 

20 

.3 

6 

1.8 

Connections 

.00044 

20 

.0086 

40 

.352 

TOTAL  143.902 
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Table  E-9  summarizes  the  failure  rate  for  the  entire  two-leg  dead  reckon- 
ing system. 


TABLE  E-9.  FAILURE  SUMMARY  (DEAD  RECKONING) 


Electr.  Magneto.  Total  Powered  Total  Unpowered  Total  Unpowered 
Failure  Failure  Failures  Per  Failures  Per  Failures  Per 
10^  Hrs  1Q6  Hrs  10®  Hrs  10^  Hrs  Year 


Likely  288  878  1166  .117  .001 

High  576  1756  2332  .233  .002 

This  Is  a most  likely  system  X of  .117  x 10“^  or  an  MTBF  of  858  hours. 
From  Eq  (E-5)  the  reliability  for  a 6-hour  mission  is  0.993.  The  prob- 
ability of  the  navigation  system  operating  properly  for  6 hours  is  0.993. 
A similar  reliability  is  expected  for  the  4-leg  system  because  of  only 
a slight  increase  in  complexity. 

Omega 

The  Omega  system  is  composed  of  approximately  20  integrated  cir- 
cuits, (IC's)  and  20  passive  elements  (Rorden,  1975),  in  addition  to 
the  magnetometer.  A programmable  read  only  memory  (PROM)  is  included 
as  being  representative  of  a possible  programming  method.  The  passive 
elements  are  approximated  by  quartz  crystals  based  on  complexity 


considerations . 


Table  E-9  summarizes  the  failure  rate  for  the  entire  two-leg  dead  reckon- 
ing system. 

TABLE  E-9.  FAILURE  SUMMARY  (DEAD  RECKONING) 


Electr.  Magneto.  Total  Powered  Total  Unpowered  Total  Unpowerod 
Failure  Failure  Failures  Per  Failures  Per  Failures  Per 
10^  Hrs  10^  Hrs  10^  Hrs  10^  Hrs  Year 


Most 

Likely  288 


585 

729 

.73 

.0006 

878 

1166 

.117 

.001 

1756 

2332 

.233 

.002 

likely 

system  X of 

.117  X 10“^  or 

an  MTBF  of  858  hours. 

From  Eq  (E-5)  the  reliability  for  a 6-hour  mission  is  0.993.  The  prcb- 
abllity  of  the  navigation  system  operating  properly  for  6 hours  is  0.993. 
A similar  reliability  la  expected  for  the  4-leg  system  because  of  only 
a slight  Increase  in  complexity. 

Omega 

The  Omega  system  is  composed  of  approximately  20  Integrated  cir- 
cuits, (IC's)  and  20  passive  elements  (Rorden,  1975),  in  addition  to 
the  magnetometer.  A programmable  read  only  memory  (PROM)  is  included 
as  being  representative  of  a possible  programming  method.  The  passive 
elements  are  approximated  by  quartz  crystals  based  on  complexity 
considerations. 


TABLE  E-10»  FAILURL'  HATES  FOR  OMEGA 


1.1  II  IMIjJi  i <1 


Part 

Failures 
Per  10<>  Hrs 

Environ 

Factor 

Adj usted 
Failures 
Per  1Q6  Hrs 

Number 
of  Parts 

Total 
Failures 
Per  10^  Hrs 

IC’s 

.5 

20 

10 

20 

200 

Passives 

.2 

20 

4 

20 

80 

Connections 

.00044 

20 

.0088 

100 

.88 

ROM 

1.5 

20 

30 

1 

30 

TOTAL 

310.88 

TABLE 

E-11.  FAILURE  SUMMARY 

FOR  OMEGA 

Electr 

Failure 


Magneto.  Total  Powered  Total  Unpowered  Total  Un- 
Fallure  Failures  Per  Failures  Per  Pow'rd  Fall- 


* w A O.XXU1.CH 

Per  IQO  Hrs  Per  10°  Hrs  10^  Hrs 


1Q6  Hrs 


Low 

311 

585 

895 

.09 

.00078 

Most 

Likely 

622 

878 

1500 

.15 

.0013 

High 

1244 

1756 

3000 

.30 

.0026 

The  MTBF  Is  667  hours  with  a 6 hour  mission  reliability  of  0.991. 


APPENDIX  E-6 


ACCURACY 

A dead -reckoning  error  analysis  is  performed  to  obtain  the  proper 
navigation  error  models  for  the  Program  EFFECT  simulation,  which  is  to 
determine  downtime.  The  procedure  followed  in  this  section  is  to  iden- 
tify the  source  of  the  errors,  quantify  the  effect  of  the  errors,  and 
place  the  error  in  a form  which  can  be  approximated  in  the  computer 
program.  For  Omega  and  Loran,  a summary  of  the  navigational  accura- 
cies is  presented  at  the  end  of  this  appendix  based  on  the  referenced 
investigations. 

Dead  Reckoning 

The  accuracy  of  the  dead-reckoning  system  is  dependent  on  two 
major  types  of  errors,  those  due  to  winds,  and  those  Inherent  in  the 
navigation  system. 

Wind.  If  the  response  time  of  the  vehicle  to  sudden  changes  in 

attitude  is  short,  the  navigation  error  due  to  winds  can  be  modeled 

as  a force  acting  on  a point  mass.  If  the  force  does  not  change 

rapidly,  the  vehicle  soon  acquires  the  additional  velocity  vector  of 

t 

the  wind.  The  navigation  error  due  to  winds,  E,  is  E = / W(t)  dt 

o 

where  W(t)  is  the  wind  velocity  vector.  The  error  E can  be  reduced 
by  correcting  the  heading  of  the  vehicle  to  account  for  the  expected 
wind.  If  P(t)  is  the  predicted  wind  velocity,  the  navigation  error 
after  the  heading  adjustment  is 

Ep  “ (W(t)  - P(t))  dt. 


The  model  for  prediction  error,  (W(t)  - P(t))  developed  In  Appendix 
E-3,  Is  used  in  the  computer  program  EFFECT.  It  is  assumed  that  the 
prediction  error  remains  constant  throughout  each  simulation.  Using 
this  assumption,  an  estimate  of  the  circular  error  probable  (CEP) 
due  to  wind  error  Is  made  In  Appendix  E-7. 

Non-Wind  Errors.  As  discussed  in  Appendix  E,  the  navigation 
circuitry  sends  an  electrical  signal  to  the  rudder  servo  to  force 
the  error  to  zero,  or 


(X  - X )-(  Y - Y ) 
mag''  roag'^ 


(E-1) 


where  X Is  the  programmed  voltage  related  to  the  component  of  the 
geomagnetic  field  along  the  vehicle  X axis, 

^mag  measured  voltage  from  the  magnetometer  related 

to  the  component  of  the  geomagnetic  field  along  the 
vehicle  X axis. 

Y Is  the  programmed  voltage  related  to  the  component  of 
the  programmed  voltage  related  to  the  component  of  the 
geomagnetic  field  In  the  vehicle  Y axis. 

Is  the  measured  voltage  from  the  magnetometer  related 
to  the  component  of  the  geomagnetic  field  In  the  vehicle 
Y axis. 


and 


mag 


The  desired  relationship  between  heading,  0,  and  the  X and  Y values 


Is  Illustrated  In  Figure  E-26. 


GcoMgnetlc  Flsld  Vector 
H (Magnetic  North) 


Q « Desired 
s.  \Headlng 


Figure  E-26.  Relation  of  Desired  Heading  0 
to  Preset  Values  of  X and  Y 

H is  the  estimated  horizontal  component  of  the  geomagnetic  field  vec 
tor,  which  points  to  magnetic  north  subject  to  the  declination  shown 
in  Figure  E-27.  However,  the  navigation  system  may  see  a different 
set  of  values  due  to  several  types  of  errors.  This  is  shown  in 
Figure  E-28. 
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Figure  E-28.  Values  Seen  by  the  Navigation  System 


where 


X ■=  H-  cos  0 

mag  1 

Y “ H,  sin  9 

mag  1 


Some  additional  explanation  of  the  above  terms  is  in  order. 

H is  the  estimated  value  of  the  horizontal  component  of  the 
geomagnetic  field  at  the  launch  site.  This  value  and 
the  desired  vehicle  heading,  9,  (corrected  for  winds) 
are  used  to  determine  the  X and  Y values,  progranmed 
into  the  navigation  panel. 

is  the  field  vector  seen  by  the  magnetometers.  It  may 
differ  from  H because  of  a decrease  in  the  horizontal 
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field  intensity,  or  because  the  vehicle  is  not  flying 
straight  and  level.  may  be  either  larger  or  ««aller 
than  H depending  on  the  dip  angle  of  the  field  vector 
and  the  vehicle  orientation.  A worse  case  results  when 
is  always  considered  less  than  H . In  this  way , change 
in  vehicle  orientation  to  a larger  does  not  cancel 
some  of  the  error  involved  with  a smaller 
is  not  necessarily  a real  value.  Rather,  it  is  that 
value  which  satisfies  Eq  (E-9) . results  when  the 
vehicle  changes  heading  to  accommodate  an  incorrect 
balance  in  the  programmed  and  measured  field  values. 

When  the  attitude  of  the  vehicle  is  not  far  from  straight 
and  level,  is  a good  approximation  of  the  actual  heading 
of  the  vehicle.  For  this  reason,  the  error  in  heading  is 
approximated  as  0^^  ~ 6.  For  this  portion  of  the  analysis, 
all  errors  are  in  degrees  from  the  desired  heading,  0. 

To  determine  the  magnitude  of  the  heading  error,  Eq  (E-1)  is 
rewritten  as 

E = (H  cos  0 - cos  0j^)  - (H  sin  0 - sin  0^^)  = 0 

(E-9) 

Certain  errors  are  associated  with  each  of  these  terms.  They  are  the 
programming  error  of  H cos  0 and  H sin  0,  magnetometer  production 
variance,  differences  between  H and  and  processing  errors  due  to 


part  tolerances. 


The  use  of  a digital  voltmeter,  accurate  to  one  millivolt, 
programs  X and  Y to  one  degree  or  less.  This  is  illustrated  in 
Appendix  E-9  for  a field  intensity  having  a maximum  magnetometer 
reading  of  2.5  volts.  An  error  in  the  magnetometer  measurements 
due  to  manufacturing  variance  is  given  by  manufacturing  specifi- 
cation sheets  as  + 1.0  degrees  (Develco,  1975a).  The  part 
tolerance  error  in  the  processing  circuitry  gives  an  error  less 
than  1 degree  as  discussed  in  Appendix  E-4. 

To  determine  the  heading  error  from  the  change  in  the  hori- 
zontal field  component,  the  difference  between  H and  due  to  a 
location  change,  is  considered. 

For  the  European  theatre,  for  example,  the  horizontal  field 
Intensity,  shown  in  Figure  E-29,  has  almost  no  change  in  the  east- 
west  direction.  In  the  north-south  direction,  the  change  is  0.05 
gauss  over  800  miles  (see  Figure  E-29)  • At  the  center  of  the 
continent,  a 3%  change  exists  over  a north-south  distance  of  100 
miles.  As  noted  earlier,  the  navigation  system  will  attempt  to 
maneuver  the  vehicle  such  that 

E = H cos  0 - cos  - (H  sin  0^^  - sin  9^)  = 0 (E-9) 


Since  the  maximum  change  In  the  horizontal  field  vector,  Is  3% 
over  100  miles,  Hj^/H  * 0.97.  Therefore,  6^^  ■ 1.7  degrees.  Thus, 
for  this  particular  scenario,  the  maximum  error  In  heading  due  to 
changes  In  the  field  Intensity  Is  1.7  degrees. 

The  second  error  associated  with  occurs  when  the  plane  of 
the  magnetometers  does  not  correspond  to  the  local  horizontal.  This 
may  occur  when  the  vehicle  Is  In  a climb,  dive,  or  bank.  Let  the 
largest  angle  betwaen  the  horizontal  and  the  plane  of  the  magneto- 
meters be  defined  as  the  aircraft  attitude  angle,  0.  Assume  that 
there  Is  no  change  In  the  horizontal  field  Intensity.  If  the  ve- 
hicle Is  In  a climb,  the  value  of  the  field  vector,  read  by 
the  magnetometers.  Is  actually  H cos  0 since  only  the  component 
of  the  field  vector  H projected  onto  the  plane  of  the  magnetometers 
Is  read.  Eq  (E-9)  now  becomes 

E “ H cos  6 - H cos  i cos  - H sin  9 + H cos  0 cos  0^^  (E-11) 

Again,  the  maximum  error  occurs  at  0 = 0 reducing  Eq  (E-11)  to 

E * H - H cos  0 cos  0j^  + H cos  0 cos  0^^  “ 0 (E-12) 

And  dividing  by  H cos  0 

cos  Sj  - sin  9^  . (E-13) 

Eq  (E-13)  shows  the  relationship  between  aircraft  attitude  angle 
and  the  maximum  heading  error  due  to  an  Incorrect  measurement  of 
H.  The  solution  to  Eq  (E-13)  is  given  In  Figure  E-30,  as  a func- 
tion of  aircraft  attitude  angle,  0.  The  same  results  are  obtained 
If  the  vehicle  Is  heading  0 *=  90  degrees  In  a bank. 

Having  quantified  the  Individual  errors,  an  estimate  of  the 
error  expected  for  the  entire  mission  Is  formed.  Two  assumptions 
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are  now  made;  the  individual  errors  are  independent,  and  the  total 
error  of  the  system  is  a linear  combination  of  the  individual  errors. 
The  error  for  the  system  is  expressed  as 

Error  (degrees)  = programming  error  + processing  error  + 

production  error  + horizontal  field  intensity 


error  + vehicle  attitude  error 


(£-14) 


Worst  case  errors  for  the  first  three  errors  are  obtained  directly 
from  the  above  discussion.  The  vehicle  attitude  error,  the  error 
in  heading  due  to  a vehicle  not  flying  straight  and  level,  requires 
more  definition.  Three  types  of  attitudes  are  considered:  initial 

climb,  pattern  turns,  and  cruise  oscillations. 

The  angle  of  climb  is  not  expected  to  exceed  30  degrees.  From 
Figure  E-30,  this  corresponds  to  a 10-degree  heading  error  during 
the  15-minute  climb  phase.  The  airframe  characteristics  of  Appendix 
A indicate  that  about  30  seconds  are  required  to  make  a 180-degree 
turn.  If  the  turn  is  coordinated,  the  angle  of  bank  y is  (Kershner, 


1968) 


TAN  y - 

gt 


(E-15) 


where  t is  the  time  to  make  a 360'  turn.  Therefore, 


TAN  Y 


2ir  110  fpa 

(32.2) (60) 


0.3577 


19.68  deg 


From  Figure  E-30,  the  maximum  heading  error  due  to  a 20-degree  bank 
is  3 degrees.  The  actual  angle  of  bank  is  less  than  20  degrees 
because  a slipping  turn  is  used.  Even  though  a stable  airframe 


Is  anticipated,  flight  characteristics,  such  as  phugoid  or  dutch  roll, 
still  create  a non-zero  aircraft  attitudes, pitch  or  bank  angles.  The 
extent  of  these  oscillations  is  estimated  somewhat  arbitrarily  at  one 
half  of  the  climb  angle  or  15  degrees.  Maximum  heading  error  associ- 
ated with  normal  cruise  is,  then,  2 degrees. 


An  estimate  of  the  heading  error  due  to  the  non-horlzontal 
attitude  of  the  vehicle  is  the  summation  of  the  fraction  of  flight 
time  in  the  attitude  times  the  error  associated  with  that  attitude. 
Thus,  for  the  navigation  phase.  If  climbing  is  25%  of  the  flight 
time,  and  cruise  Is  the  other  75%  the  heading  error  from  launch  until 
arriving  at  the  loiter  area  Is  new  time  0.25  (10  deg)  + 0.75  (2  deg) 

4 deg  heading  error. 

Similarly,  the  heading  error  during  the  loiter  phase  depends  on 
the  amount  of  time  spent  In  turns  compared  to  cruise.  The  turns  are 
expected  to  take  about  30  seconds  while  10  minutes  are  expected  for 
each  pattern  leg.  Therefore,  the  heading  error  Is 

(percent  spent  In  turns) (error  in  turn)  + (percent  spent  in 
cruise)  (error  In  cruise) 

= 0.05  (3)  + 0.95  (2)  = 2.05  deg 


The  non-wind  errors  from  Eq  (E-14)  are  summarized  below. 
TABLE  E-12.  SUMMARY  OF  ERRORS 


ERROR  SOURCE 


NAVIGATION  (DEG)  STATIONKEEPING  (DEG) 


Magnetometer  Manufacture 
Programming 
Processing 
Horizontal  Field 
Vehicle  Attitude 

TOTAL 


is  anticipated,  flight  characteristics,  such  as  phugoid  or  dutch  roll, 
still  create  a non-zero  aircraft  attitudes, pitch  or  bank  angles.  The 
extent  of  these  oscillations  is  estimated  somewhat  arbitrarily  at  one 
half  of  the  climb  angle  or  15  degrees.  Maximum  heading  error  associ- 
ated with  normal  cruise  is,  then,  2 degrees. 

An  estimate  of  the  heading  error  due  to  the  non-horizontal 
attitude  of  the  vehicle  is  the  summation  of  the  fraction  of  flight 
time  in  the  attitude  times  the  error  associated  with  that  attitude. 
Thus,  for  the  navigation  phase,  if  climbing  is  25%  of  the  flight 
time,  and  cruise  is  the  other  75%  the  heading  error  from  launch  until 
arriving  at  the  loiter  area  is  new  time  0.25  (10  deg)  + 0.75  (2  deg) 
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- 4 deg  heading  error. 

Similarly,  the  heading  error  during  the  loiter  phase  depends  on 
the  amount  of  time  spent  in  turns  compared  to  cruise.  The  turns  are 
expected  to  take  about  30  seconds  while  10  minutes  are  expected  for 
each  pattern  leg.  Therefore,  the  heading  error  is 

(percent  spent  in  turns) (error  in  turn)  + (percent  spent  in 
cruise)  (error  in  cruise) 

= 0.05  (3)  + 0.95  (2)  » 2.05  deg 


Omega 

Navigation  errors  with  the  Omega  system  fall  into  three  classes: 
phase-resolution  error,  diurnal-propagation  error,  and  sudden  ionospheric 
disturbances.  The  phase-resolution  error,  basically  noise,  has  been 
demonstrated  to  be  1.5  miles  (rms)  (Enright,  1969sl99).  The  diurnal- 
propagation  errors  occur  because  the  height  at  which  the  skywave  is 
reflected  from  the  ionosphere  changes  from  day  to  night.  This  change 
shifts  the  zero-phase  point  of  the  interference  pattern  up  to  11  or 
12  miles  (Beukers,  1973:81).  The  time  of  these  shifts  is  determined 
from  the  locations  of  the  Omega  stations  being  used.  The  diurnal-shift 
effects  on  the  vehicle  are  reduced  by  not  launching  when  a shift  is  to 
occur,  or  by  launching  a vehicle  such  that  it  is  shifted  into  an  appro- 
priate area.  The  sudden  ionospheric  changes  create  the  same  effects  as 
the  diurnal-propagation  changes  but  are  not  predictable. 

Both  types  of  propagation  errors  can  be  corrected,  but  it  Involves 
a significantly  more  complex  processor,  resulting  in  a more  expensive 
system  than  acceptable.  Even  with  the  above  corrections,  the  vehicle 
will  only  be  know  to  stay  somewhere  within  an  11-mlle  box  formed  by 
the  intersection  of  two  frequency  lanes. 

Loran.  Numerous  tests  have  shown  Loran  C is  accurate  to  less 
than  one-half  mile  (Yonezawa,  1969:67). 
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APPENDIX  E-7 

CEP  ANALYSIS  OF  DEAD  RECKONING 

Although  a CEP  analysis  is  not  sufficient  to  make  a system  se- 
lection decision,  it  does  provide  an  analytic  tool  to  identify  the 
major  trends  expected,  major  breakpoints,  and  approximate  sensitivity 
estimates.  This  analysis  is  designed  to  estimate  only  the  effects  of  wind 
The  following  assumptions  are  made.  For  purposes  of  this  appendix 
only  the  measure  of  effectiveness  is  the  time  spent  over  the  target 
area.  The  target  area  is  a circle  with  the  vehicle  starting  at  its 
center.  The  only  error  in  the  system  is  a constant  wind-prediction  error 

discussed  in  Appendix  E-2,  which  is  assumed  to  have  normal  distribution. 
Since  a normal  distribution  is  assumed  standard  normal  tables 

give  the  probability  of  a particular  speed  error.  Since  a circle  is 
used,  direction  error  does  not  make  any  difference.  The  displacement 
(r)  of  the  vehicle  is  the  prediction  error  in  speed  multiplied  by  time 

or 

r(t)  - (W(ti)  - P(ti))(t)  (E-6) 

The  diagonal  lines  on  Figure  E-31  are  values  of  r calculated  for  dif- 
ferent probabilities.  The  probabilities  are  related  to  the  speed 
error  through  the  normal  distribution,  e.g.,  the  mean  wind  speed  is  2.19 
m/sec  which  has  the  probability  of  0.5.  Plotting  several  constant  prob- 

abilitity  lines  produces  Figure  E-31  . 

By  choosing  a target-area  radius  r,  the  probability  that  the  ve- 
hicle is  still  within  the  distance  r of  the  center  is  obtained.  Se- 
lecting r " 20  miles  results  in  Figure  E-32. 


Figure  E-32.  Probability  of  Error  Less  Than  r Versus  Time 

The  changes  in  better  wind  prediction  are  simply  illustrated.  If 
the  prediction-error  variance  is  increased  by  a factor  of  two,  o 
changes  by  v^.  This  serves  merely  as  a scaling  factor  to  the  ordinate 
of  Figure  E-31.  Appropriate  changes  are  then  made  in  Figure  E-31. 

This  graph  is  used  to  compare  the  dead-reckoning  system  with  the 
Omega  system  which  is  assumed  to  be  able  to  stay  within  the  target 
area  regardless  of  the  wind.  The  ratio  of  the  costs  of  the  dead 

• - 0.947  (Appendix  E).  When  the  probabil- 


reckoning  over  Omega  is 


ity  in  Figure  E-32  drops  below  0.947,  the  Omega  is  more  cost  effective 
past  time  t.  Thus,  Omega  is  expected  to  become  more  cost  effective 
sometime  after  the  vehicle  passes  a useful  life  of  2 hours.  This,  of 


course,  is  only  a simple  estimate  and  simulation  is  done  to  provide  a 
more  accurate  result  (Chapter  IV,  Volume  II). 

It  is  Important  to  compare  the  results  of  this  effectiveness  measure 
with  the  results  using  the  system  effectiveness  measure  of  downtime. 

This  appendix  indicates  that  Omega  is  more  cost  effective  when  the  ex- 
pected life  of  the  vehicle  is  greater  than  2 hours.  However,  this 
CEP  analysis  ignored  the  targeting  of  many  •ehicles  over  the  target 
area.  As  one  vehicle  is  blown  from  the  area  another  vehicle  may  well 
take  its  place  in  creating  downtime.  The  CEP  analysis  shows  that  as 
the  expected  life  of  the  vehicle  Increases,  an  Omega  navigation  system 
becomes  more  cost  effective. 


APPENDIX  E-8 

launch  control  conditions 

It  is  possible  that,  during  launch,  the  programed  heading  is 
significantly  different  than  the  direction  of  the  launcher.  As  the 
vehicle  is  launched,  significant  rudder  comands  are  given  placing  un- 
expected side-forces  on  the  launcher  or  causing  a decrease  in  alti- 
tude imediately  after  clearing  the  rail.  Rather  than  trying  to  de- 
termine launch  stability  under  these  conditions,  a small  fix  is  recom- 
mended. Since  the  vehicle  normally  attempts  to  climb,  no  elevator 
change  is  required.  A reset  timer,  inserted  in  series,  commands  a 
given  voltage  to  the  rudder  maintaining  the  rudder  in  a neutral  position 
for  several  seconds  following  the  power-up  of  the  navigation  system. 

This  allows  the  vehicle  to  climb  to  a altitude  higher  than  ten  feet 
above  ground  level  (AGL)  before  attempting  a turn.  The  simplest  ap- 
proach uses  a flip-flop,  a bi-stable  timer,  one  resistor  to  get  the 
appropriate  null  voltage  to  the  servos,  and  two  resistors  and  a capacitor 
to  set  the  time  constant  on  the  timer.  The  actual  values  are  cal- 
culated using  the  same  techniques  as  the  leg  timers  of  the  DR  system. 

A thirty  second  pulse  of  2.4  volts  will  null  the  servo  long  enough 
for  the  launch  operations  to  be  completed.  If  the  launch  is  delayed, 
a reset  switch  starts  another  thirty  second  pulse. 
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ANGLE  IN  X OUTPUT  Y OUTPUT 

DEGREES  IN  VOLTS  I'J  VOLTS 


49 

4.140 

4.387 

50 

4.107 

4.415 

51 

4.073 

4.443 

52 

4.039 

4.470 

53 

4.005 

4.497 

54 

3.969 

4.523 

55 

3.934 

4.548 

56 

3.898 

4.573 

57 

3.862 

4.597 

58 

3.825 

4.620 

59 

3.788 

4.643 

60 

3.750 

4.665 

61 

3.712 

4.687 

62 

3.674 

4.707 

63 

3.635 

4.728 

64 

3.596 

4.747 

65 

3.557 

4.766 

66 

3.517 

4.784 

67 

3.477 

4.801 

68 

3.437 

4.818 

69 

3.396 

4.834 

70 

3.355 

4.849 

71 

3.314 

4.864 

72 

3.273 

4.878 

73 

3.231 

4.891 

74 

3.189 

4.903 

75 

3.147 

4.915 

76 

3.105 

4.926 

77 

3.062 

4.936 

78 

3.020 

4.945 

79 

2.977 

4.954 

80 

2.934 

4.962 

81 

2.891 

4.969 

82 

2.848 

4.976 

83 

2.805 

4.981 

84 

2.761 

4.986 

85 

2.718 

4.990 

86 

2.674 

4.994 

87 

2.631 

4.997 

88 

2.587 

4.998 

89 

2.544 

5.000 

90 

2.500 

5.000 

91 

2.456 

5.000 

92 

2.413 

4.998 

93 

2.369 

4.997 

94 

2.326 

4.994 

95 

2.282 

4.990 

96 

2.239 

4.986 
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ANGLE  IN 

X OUTPUT 

Y OUTPUT 

DEGREES 

IN  VOLTS 

IN  VOLTS 

97 

2.195 

4.981 

98 

2.152 

4.976 

99 

2.109 

4.969 

100 

2.066 

4,962 

101 

2.023 

4.954 

102 

1.980 

4.945 

103 

1.938 

4.936 

104 

1.895 

4.926 

105 

1.853 

4.915 

106 

1.811 

4.903 

107 

1.769 

4.891 

108 

1.727 

4,878 

109 

1.686 

4.864 

110 

1<645 

4.849 

111 

1.604 

4.834 

112 

1.563 

4.818 

113 

1.523 

4.801 

114 

1.483 

4.784 

115 

1.443 

4,766 

116 

1.404 

4,747 

117 

1.365 

4,728 

118 

1.326 

4.707 

119 

1.288 

4.687 

120 

1.250 

4.665 

121 

1.212 

4.643 

122 

1.175 

4.620 

123 

1.138 

4.597 

124 

1.102 

4.573 

125 

1.066 

4.548 

126 

1.031 

4.523 

127 

.995 

4.497 

128 

.961 

4.470 

129 

.927 

4.443 

130 

.893 

4.415 

131 

.860 

4.387 

132 

.827 

4.358 

133 

.795 

4.328 

134 

.763 

4.298 

135 

.732 

4,?68 

136 

.702 

4.237 

137 

.672 

4.205 

138 

.642 

4.173 

139 

.613 

4. 140 

140 

.585 

4.107 

141 

.557 

4.073 

142 

.530 

4.039 

143 

.503 

4.005 

144 

.477 

3.969 

E-85 


ANGLE  IN 

X OUTPUT 

Y OUTPUT 

DEGREES 

IN  VOLTS 

IN  VOLTS 

145 

.452 

3.934 

146 

.427 

3.898 

147 

.403 

3.862 

149 

.380 

3.825 

149 

.357 

3.788 

150 

.335 

3.750 

151 

.313 

3.712 

152 

.293 

3.674 

153 

.272 

3.635 

154 

.253 

3.596 

155 

.234 

3.557 

156 

.216 

3.517 

157 

.199 

3.477 

158 

.182 

3.437 

159 

.166 

3.396 

160 

.151 

3.355 

161 

.136 

3.314 

162 

.122 

3.273 

161 

.109 

3.231 

164 

.097 

3.189 

165 

.085 

3.147 

166 

.074 

3.105 

167 

.064 

3.062 

168 

.055 

3.020 

169 

.046 

2.977 

170 

.038 

2.934 

171 

.0  31 

2.891 

172 

.024 

2.848 

173 

.019 

2.905 

174 

.014 

2,761 

175 

.010 

2.718 

176 

.006 

2.674 

177 

.003 

2.631 

178 

.002 

2.587 

179 

.000 

2.544 

180 

0.000 

2.500 

181 

.000 

2.456 

182 

.002 

2.413 

183 

.003 

2.369 

184 

.006 

2.326 

185 

.010 

2.282 

186 

.014 

2.239 

187 

.019 

2.195 

188 

.024 

2.152 

189 

.031 

2.109 

190 

.038 

2.066 

191 

.0  46 

2.023 

192 

.0  55 

1.980 

ANGLE  IN 
DEGREES 


X OUTPUT 
IN  VOLTS 


289 

3.314 

290 

3.355 

291 

3.396 

292 

3.437 

293 

3.477 

294 

3.517 

295 

3.557 

296 

3.596 

297 

3.635 

298 

3.674 

299 

3.712 

300 

3.750 

301 

3.788 

302 

3.625 

303 

3.662 

304 

3.898 

305 

3.9  34 

306 

3.969 

307 

4.005 

308 

4.039 

309 

4.073 

310 

4.107 

311 

4.140 

312 

4.173 

313 

4.205 

314 

4.237 

315 

4.266 

316 

4.298 

317 

4.328 

318 

4.358 

319 

4.387 

320 

4.415 

321 

4.443 

322 

4.470 

323 

4.497 

324 

4.523 

325 

4.548 

326 

4.573 

327 

4.597 

328 

4.620 

329 

4.643 

330 

4.665 

331 

4.687 

332 

4.707 

333 

4.728 

334 

4.747 

335 

4.766 

336 

4.784 

E-89 

Y OUTPUT 
IN  VOLTS 

• 136 

• ISl 

• 166 
• 18? 

• 199 

• ?16 

• ?34 

• ?53 

• 272 

• 293 

• 313 

• 339 

• 357 

• 380 

• 403 

• 427 

• 452 

• 477 

• 503 

• 530 

• 557 

• 585 

• 613 

• 642 

• 672 
.702 
.732 
.763 
.795 
.827 

• 860 
.893 
.927 
.961 
.995 

1.031 

1.066 

1.102 

1.138 

1.175 

1.21? 

1.250 

1.288 

1.326 

1.365 

1.404 

1.443 

1.483 


ANGl.!*  IN  X OUTf*UT  Y OUTPUT 

DEGREES  IN  VOLTS  IN  VOLTS 


APPENDIX  F 


THE  LAUNCHER 


Introduction 

The  purpose  of  this  analysis  Is  to  select  and  design  a launcher 
capable  of  launching  the  drone  from  an  unprepared  area.  Several 
general  requirements  and  guidelines  are  specified  for  this  effort. 
These  Include:  aircraft  weight  of  80  to  150  pounds,  minimum  launch 

speed  of  50  miles  per  hour,  and  minimum  launch  rate  of  twelve  vehi- 
cles per  hour.  The  minimum  longitudinal  launch  load  for  the  pro- 
posed vehicle  Is  assumed  to  be  6 g's. 

Two  of  the  more  common  methods  for  launching  drones  and  RPV's 
are  the  use  of  the  vehicle  engine  to  accelerate  It  during  a ground 
roll,  and  the  use  of  a detachable  rocket  motor  to  balllstlcally  boost 
the  vehicle  Into  the  air  without  a launch  rail.  The  first  Is  In- 
appropriate because  It  requires  a prepared  area  In  excess  of  200 
feet.  The  second  requires  a rocket  motor  of  high  precision  and 
quality  to  Insure  aircraft  control  during  launch.  This  type  motor 
Is  unacceptable  due  to  Its  high  cost.  However,  this  does  not  rule 
out  a simple.  Inexpensive  rocket  motor  used  In  conlunctlon  with  a 
rail  and  shuttle.  In  this  application,  the  rocket  would  only  be 
used  to  accelerate  the  vehicle. 

In  considering  the  requirement  to  launch  from  unprepared  areas, 
a catapult- type  launcher  Is  chosen.  Several  methods  of  energy 
storage  are  available  or  are  under  development.  These  Include  com- 
pressed air,  steam,  rubber,  nylon  cable,  and  steel  springs. 

The  energy  storage  elements  chosen  for  Investigation  In  this 
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study  are  the  inexpensive  rocket,  rubber,  and  steel  extension 
springs.  Steam  and  compressed  air  are  eliminated  from  considera- 
tion because  of  the  high  cost  of  providing  either  of  these  working 
fluids  at  remote  sites.  The  Navy  is  working  on  the  design  and 
development  of  a pneumatic  launcher  utilizing  fire  hoses  and  com- 
pressed air,  which  are  normally  available  aboard  ship.  Also, 
another  pneumatic  launcher  is  commercially  available  in  the 
$50,000  price  range  (Bowen,  1975). 


Minimum  cost  per  vehicle  launched  is  used  as  the  criterion  for 
choosing  between  launchers  with  adequate  performance.  With  this 
criterion  in  mind,  the  rocket  is  investigated  first.  The  minimum 
cost  per  launch  for  a rocket  system  must  exceed  the  cost  of  the 
expendable  rocket  motor.  Once  the  cost  of  the  rocket  motor  is 
known,  the  preliminary  design  of  launchers  using  other  energy  ele- 
ments can  be  developed  provided  that  their  estimated  costs  do  not 
exceed  that  of  the  rocket  motor.  If  one  of  the  other  systems  can 
operate  at  a cost-per-shot  below  that  of  the  rocket  motor , it  would 
be  more  desirable. 

In  developing  the  design  of  the  launcher,  a survey  of  existing 
launchers  was  conducted  to  consider  the  most  sensible  designs  for 
application  to  these  requirements.  Sizing  of  the  launcher  is 
required  so  that  design  of  the  energy  elements  can  be  made.  A 
structural  analysis  of  the  launcher  is  then  done  to  show  the  feasi- 
bility of  the  launcher  configuration.  The  cost  of  the  launcher  and 
the  estimated  cost  per  launch  are  estimated. 


.■if.i  jpn'JB'! 
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The  Rocket  Motor 


Since  cost  per  launch  is  the  decision  criterion,  the  most  inexpens- 
ive rocket  motor  is  desired.  A nozzleless  rocket  motor  was  suggested, 
and  a preliminary  design  completed  to  arrive  at  an  estimated  cost.  The 
estimated  cost  for  buys  of  10,000  to  15,000  is  $35  with  a minimum  of  $24 
and  a maximum  of  $52.50  (Koury,  1975).  The  rocket  motor  considered  here 
will  only  supply  thrust  to  the  vehicle;  a launch  rail  will  also  be 
required  for  guidance  until  flying  speed  is  reached  and  th»  rocket 
thrust  is  estimated.  However,  only  the  expendable  rocket  motor  cost  is 
considered  for  now,  and  the  low  estimate  of  $24  is  used  as  the  bench- 
mark. 


Sizing  of  Catapult 

When  rubber  or  extension  springs  are  used  as  the  energy  storage 
element,  the  force  exerted  on  the  shuttle  as  it  moves  is  not  a constant 
For  this  study  the  force  is  considered  to  be  a linear  function  of  the 

distance  traveled. 

F(x)  = FI(1  - ^ x) 

where  FI  = initial  force  on  shuttle  (lbs) 
b = 1 - (final  force/initial  force) 

X = distance  traveled  (ft) 

L = total  distance  force  applied 

The  work  done  by  this  force  is  also  a linear  function  of  distance 
traveled. 

W(L)  = J FI  (1  - ^ x)  dx 


= FI  (1  - Y ) L 


(F-2) 


F-3 

i 

* 


The  initial  program  for  launcher  sizing  assumes  a frictionless  con- 
version of  energy,  and  uses  the  following  equation. 

^ ^ K.E. (F-3) 

FI  (1  - Y ) - am  sin  a 

where  K.E.  * Kinetic  Energy  of  the  accelerated  mass  (ft-lb) 

L = length  of  launcher  throw  distance  (ft  ) 

FI  = Initial  force  on  vehicle  and  shuttle  (lbs  ) 

AM  = weight  of  vehicle  plus  shuttle  (lbs  ) 

a = launch  angle  with  respect  to  level  (deg  ) 

b - 1 - FF 

FF  ■ final  force  on  shuttle/initial  force  on  shuttle 
The  output  of  this  program  shows  that  the  required  launch  throw  dis- 
tance for  a 6-g,  50  miles  per  hour  launch  is  approximately  14.3  feet 
for  constant  force.  With  a final  force  fraction  (final  force/initial 
force)  of  0.5  the  throw  distance  required  is  approximately  19.3  feet. 

The  final  program  for  sizing  the  spring  launch  is  an  expansion 
that  includes  the  change  in  kinetic  energy  and  gravitational  potential 
0nergy  of  the  springs,  the  work  done  against  sliding  friction  during 
launch,  and  the  work  done  by  the  net  effective  thrust  of  the  engine 
(thrust  minus  drag).  See  Appendix  F-1  for  the  computer  program. 

Assuming  a required  throw  distance  of  20  feet,  a feasibility  de- 
sign is  done  for  both  rubber  and  spring  launcher.  A length  of  25  feet 
is  chosen  for  the  launcher  to  allow  for  the  length  of  a shuttle  and  for 
the  length  of  a shock  absorber  to  stop  the  shuttle. 


Rubber  Launcher  Element 

Through  several  discussions  and  meetings  with  Dr.  Mark  Dannis  of 
the  B.  F.  Goodrich  Research  Center,  the  following  points  were  brought 
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forward.  Rubber  appears  to  be  feasible  as  an  energy  storage  element. 

Its  main  engineering  advantage  over  springs  is  its  large  elongation 
capability  which  leads  to  short  pieces  giving  long  throw  distance. 
Unfortunately  stress-strain  hystersls  curves  for  large  elongations  and 
repeated  cycles  do  not  exist  as  this  is  not  a common  use  of  rubber  at 

this  time.  Additional  meetings  with  members  of  the  Air  Force 
Materials  Laboratory  and  the  Firestone  Tire  and  Rubber  Company's 

Central  Research  confirmed  these  points  (Griffin,  1975)  (Weissert,  1975) 
Dr.  Dannls  has  set  up  and  run  tests  in  an  attempt  to  obtain  the 
required  curves.  The  results  of  these  tests  suggest  that  rubber  is 
not  feasible  in  this  application.  A permanent  deformation  of  10% 


per  cycle  was  seen  through  the  first  ten  cycles  where  stabilization 
of  the  deformation  had  been  expected  after  one  of  two  cycles.  Fail- 
ure of  the  rubber  tested  occured  at  stress  levels  far  below  those 
expected.  The  required  stress-strain  curves  still  are  not  avail- 
able. Further  consideration  of  rubber  as  the  energy  storage  element 

is  not  pursued. 

Spring  Launcher 

The  spring  launcher  design  is  developed  through  the  preliminary 
design  stage.  The  major  components  of  this  subsystem  are  the  main 
structure,  the  springs  (the  energy  storage  element),  the  shuttle,  the 
shock  absorber,  transfer  elements,  and  the  cocking  system. 

A drawing  of  the  launcher  mounted  on  a M-36C1  truck  is  shown  in 
Figure  F-1^  and  a internal  view  of  the  launcher  is  shown  in  Figure  F-2 
to  show  the  relative  position  of  components.  A similar,  but  much 
smaller,  launcher  is  now  in  use  by  the  Army  as  a launcher  for  10  to 
40  pound  test  vehicles  (Powell,  1974). 


Figure  F-2.  Major  Launcher  Components 


Main  Structure 

T’le  structure  is  composed  of  two  wide  flanged  steel  beams  10  by 
8 inches,  25  feet  long.  They  are  connected  at  the  ends  by  1-1/2  inch 
plates.  Each  beam  is  attached  to  cross  members  at  evenly-spaced 
intervals  of  approximately  75  inches  as  shown  in  Figure  F-2. 

Steel  is  chosen  for  the  beams  due  to  the  lower  cost  of  material 
and  lack  of  a bimetallic  corrosion  problem.  The  weight  of  the 
launcher  is  approximately  2,400  pounds,  and  the  weight  of  a simi- 
larly designed  all  aluminum  construction  (except  for  the  steel 
springs)  would  be  approximately  1,100  pounds.  This  decrease  in 
weight  is  not  significant  for  it  is  still  too  heavy  to  handle  easily. 

The  size  of  beams  chosen  for  the  main  beams  is  dictated  by  the 
required  space  for  the  springs.  The  fit  is  shown  in  Figure  F-3. 


Springs 


Main  Beam 


The  att  plate  ia  fitted  with  a large  hooh  rated  at  two  tone  to  hold 
the  aprlng  cheih.  The  atruetural  analysla  of  the  ™aln  atrueture  is 
aecowplished  la  Appendix  F-3.  The  analysla  considered  the  wain 
atrueture  as  a rigid  body  loaded  axially  with  nowenta  applied  to  the 
ueaheat  direction.  Both  torsional  and  Uteral  huchllng  are  consid- 
ered, and  it  la  shown  that  stress  levels  In  the  structure  are  far 
below  those  required  for  failure.  The  problem  of  fatigue  failure 
is  addressed  here.  The  ultimate  tensile  strength  Is  reduced  by  only 
10%  for  1000  cycles  of  completely  reversed  bending  stress  for  typical 
1<«  carbon  steel  (Shanley,  1967:  340).  The  analysis  shows  that  the 
s^^lmum  stress  does  not  reach  10%  of  yield  strength. 

The  spring  component  of  the  launcher  is  composed  of  twelve 
springs.  t».  springs  support  blocks,  and  the  associated  pulleys 
cable  and  chain  which  connect  the  springs  to  the  main  structure  and 
shuttle.  A pulley  ratio  of  four  to  one  Is  used.  As  shown  In  Table 
F-1,  this  choice  allows  for  the  minimum  launcher  length,  and  the 
minimum  total  spring  force  for  that  launcher  length. 


pPuileyl 
I Ratio 


Launcher 
Length (ft) 
Required 
by  Spring* 

Launcher 
Length (ft) 
Required 
for  Throw** 

Minitnum 

Lamicher 

Length(ft) 

Maximum 
Force  of 
Spring 
Element (lb) 

45 

25 

45  1 

1800 

31.6 

25 

31.6 

2700 

25 

25 

25 

3600 

21 

25 

25 

4500 

* includes  requirement  for  pulley,  blocks,  chain,  etc. 

.*  includes  requirement  for  shuttle  and  shock  absorber  length. 


The  Spring 


For  the  launcher  to  have  the  capability  of  applying  6 g’s  to  a 
150-pound  vehicle-shuttle  combination,  900  pounds  must  be  trans- 
mitted to  the  shuttle.  A total  spring  force  of  3,600  pounds  is 
required  to  produce  this  900  pounds  through  the  four-to-one  pulley 
ratio. 

Due  to  cost,  availability,  and.  the  relatively  benign  operating 
environment,  oil  tempered  spring  wire  is  used  in  the  springs.  The 
size  of  wire  is  limited  to  0.25  inches  due  to  local  manufacturing 
capability  (Plckwell,  1975).  The  requirement  leads  to  the  use  of 
twelve  springs.  Each  spring  is  constructed  of  0.25  inch  wire  with 
an  outside  coll  diameter  of  2.0  inches  and  432  working  coils.  With 
this  design  the  spring  rate  is  2.425  pounds  per  inch  extension  and 
at  corrected  stress  of  98,067  pounds  per  square  inch  gives  a force 
of  283.5  pounds.  At  a load  of  300  pounds,  the  maximum  stress  level 
is  103,774  pounds  per  square  inch.  These  maximum  stress  levels 
and  a force  factor  of  0.5  leads  to  a design  life  in  the  first  case 
of  between  5000  and  10,000  cycles  (Wahl,  1963).  Values  for  minimum, 
mean,  and  maximum  life  expectancy  are  1,000,  5,000,  and  10,000  cyc- 
les respectively  (Barnes,  1975)  (Plckwell,  1975).  The  use  of  twelve 
springs  of  this  size  dictates  an  area  of  at  least  6.4  by  8.5  inches. 
This  requirement  leads  to  the  selection  of  the  main  structure  beam, 

W 10x30,  which  allows  for  a free  area  of  7.75  by  9.125  inches  to  be 
used  (American,  1973:  1-18)  (See  Figure  F-3). 

An  Initial  tension  of  56  pounds  is  prescribed  and  is  equivalent 
to  an  initial  uncorrected  stress  of  16,000  pounds  per  square  inch. 
This  is  readily  obtainable  in  production  (Wahl,  1963:  121)  (Barnes, 
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This  spring  element  of  twelve  springs  operating  in  parallol  has 
the  advantage  of  flexibility.  For  a vehicle  and  shuttle  combination 
whose  weight  is  125  pounds,  two  springs  may  be  symmetrically  removed 
from  this  element.  With  these  two  springs  removed,  the  maximum 
force  on  the  shuttle  is  reduced  to  850  pounds.  This  produces  a max~ 
imum  g-load  of  6 and  the  desired  launch  airspeed. 

TABLE  F-2.  LAUNCH  WEIGHT,  NUMBER  OF  SPRINGS 
AND  G-LOAD 


weight  to  be 

number  of 

accelerated  (lb) 

springs 

150 

1 

12 

125 

10 

100 

8 

The  final  weight  estimate  of  the  drone  is  125  pounds;  the  shuttle, 

17.  ( See  Appendix  A for  vehicle  weight.) 

To  check  the  output  from  the  launcher  sizing  program,  another 
algorithm  was  written  to  evaluate  spring  launcher.  This  second  program 
calculates  the  maximum  launch  g-load  and  vehicle  velocity.  Inputs  to 
this  computer  program  are  parameters  such  as  launcher  component  dimens- 
ions, net  effective  thrust,  and  spring  elongation.  This  program  was 
verified  by  actual  firing  data  from  the  small  Army  launcher  (Powell,  1974) 
This  program  is  in  Appendix  F-2. 

Shock  Absorber 

The  shock  absorber  for  the  launcher  is  designed  to  absorb  the 
kinetic  energy  of  the  shuttle  and  springs,  and  the  work  of  the  final 
force  of  the  launcher  over  the  distance  required  to  stop  the  shuttle. 
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The  material  used  in  this  design  is  neoprene  rubber  with  a hardness  of 
55  BS.  For  the  analysis  a worst  case  of  approximately  30,000  inch- 
pounds  of  energy  with  a final  force  of  465  pounds  is  used.  The  material 
has  a cross-sectional  area  of  24  square  inches  and  a length  of  2 feet. 

At  a maximum  compression  of  12  inches,  this  shock  produces  a maximum 
force  of  6000  pounds.  The  configuration  has  two  rectangular  shapes j 
each  24  inches  long,  4.1  inches  wide,  and  3 inches  high.  A hole  of  0.6 
inches  in  diameter  extends  for  the  length  of  the  block  to  allow  a rod  to 
be  fitted  through  it.  The  analysis  of  the  shock  absorber  is  found  in 
Appendix  F-5. 

Shuttle 

The  airframe  design  causes  special  problems  in  the  design  of  the 
shuttle.  The  propeller, extending  6.5  inches  below  the  main  fuselage, 
requires  that  the  vehicle  be  held  high  above  the  shuttle.  The  supports 
hold  the  vehicle  approximately  12  inches  above  the  main  beams.  The 
highest  fixed  item  on  the  shuttle  forward  of  the  propeller  is  located 
3.5  inches  above  the  main  beams  and  32  inches  in  front  of  the  propeller. 
The  shuttle  is  made  of  aluminum  to  keep  the  weight  to  a minimum;  it 
weighs  approximately  17  pounds.  Views  of  the  shuttle  are  shown  in 
Figures  F-4  and  F-5.  A cocking  bar  holds  the  shuttle  in  the  cocked 
position  by  blocking  any  forward  movement  of  the  thrust  lever. 

A tentative  design  for  the  top  of  the  thrust  lever  and  vehicle 
hard  points  is  presented.  The  thrust  lever  is  the  forward  support  for 
the  vehicle.  Prior  to  launch,  the  thrust  lever  acts  as  a hold  back 
against  engine  thrust.  During  the  launch  the  thrust  lever  transmits 
the  force  from  the  launcher  to  the  drone  while  providing  a hold-down  to 
prevent  premature  separation  between  launcher  and  drone.  Figure  F-6(a) 


Drone  Boom 


Thrust  Lever 


Rear  Support 


Shuttle  Base 


Figure  F-4b 


ront  View  of  Shuttle 


shows  the  relative  positions  of  the  lever  and  vehicle  hard  points  from 
the  time  of  load  until  Impact  between  the  shuttle  and  shock  absorber. 
At  Impact  the  thrust  lever  Is  unlocked  and  rotated  forward  and  down  by 
Inertia  as  It  withdraws  from  the  vehicle.  The  Initial  unlock  and  ro- 
tation of  thrust  lever  Is  shown  In  Figure  F-6(b)  and  (c).  It  will  ro- 
tate to  level  from  Its  up  position  (70  ) In  approximately  14  Inches  of 
vehicle  relative  movement.  Once  down.  It  Is  trapped  to  prevent  It 
bouncing  up  Into  the  propeller.  The  two  rear  supports  are  2-lnch 
aluminum  tubes,  27  Inches  long.  They  are  the  aft  supports  for  the 
vehicle  and  directly  support  the  drone  booms  aft  of  the  propeller.  A 
structural  analysis  of  the  more  critical  elements  of  the  shuttle  Is 
found  In  Appendix  F-6. 

This  concept  of  the  design  for  the  thrust  lever  requires  close 
tolerances  and  may  not  prove  suitable  for  the  one  thousand  cycle  life 
of  the  launcher.  Other  designs  using  moving  parts  for  the  hold  down 
mechanism  are  possible,  but  are  more  complex  and  heavier.  Therefore, 

If  a simple  geometric  shape  will  suffice.  It  should  be  used. 


Launch  Specification 


The  vehicle  designed  for  use  with  this  launcher  has  an  estimated 
longitudinal  g-llmlt  In  excess  of  8-g's  and  a power-on  stall  speed  of 


below  40  miles  per  hour  (Appendix  A) . Using  the  launcher  evaluation 
program  with  a precock  elongation  of  34  inches^  the  following  g-loads 
and  velocities  were  derived  for  various  values  of  net  thrust. 

TABLE  F-3.  LAUNCH  G AND  VELOCITY  VERSUS  NET  THRUST 


Net 

Thrust 

G-load 

Velocity 

(ft/sec) 

MPH 

0 

5.98 

72.12 

49.2 

26 

6.17 

73.64 

50.2 

38 

6.25 

74.34 

50.7 

50 

6.33 

75.03 

51.2 

The  launcher  appears  adequate  in  performance. 

Cost 

The  most  likely  acquisition  cost  of  the  launcher  is  $5000,  with  a 
low  of  $4600  and  a high  of  $5400.  A cost  breakdown  is  in  Appendix  F-6. 
This  cost  is  based  on  120  springs  being  bought  for  five  launchers  and  a 
zero  learning  curve.  The  price  of  $30  per  spring  is  based  on  a buy  of 
120;  if  only  24  are  purchased,  the  springs  would  cost  $37.50  each  (Barnes 
1975). 

The  cost  per  launch  for  1000  launches  is  $5  with  no  expected 
failures  of  the  launcher.  The  life  cycle  cost  is  composed  of  the 
acquisition  cost  plus  the  sum  of  the  annual  maintenance  cost.  The  annual 
maintenance  cost  is  10%  of  the  acquisition  cost  (Jackson, 1975b) . This 
yeilds  a life  cycle  cost  of  $10,000  for  a ten  year  operating  life. 
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Conclusions  and  Recoinniendatlons 

The  spring  powered  launcher  appears  to  be  feasible  and  is  more  cost 
effective  than  the  inexpensive  rocket  powered  launcher.  It  also  has 
the  advantage  of  being  adjustable  for  differing  launch  weights  and,  with 
a shuttle  change,  differing  vehicle  designs.  Acquisition  cost  of  the 
spring  launcher  would  be  substantially  below  that  of  the  existing 
pneumatic  launcher. 

Although  the  minimum  number  of  cycles-to-failure  of  the  spring  is 
estimated  to  be  at  least  1000  cycles  under  launch  conditions  , it  is 
recommended  that  a test  be  run  to  verify  the  spring  failure  rate.  One 
launcher  would  have  to  be  built  for  this  purpose.  The  shuttle  design 
should  be  tested  to  verify  the  thrust  lever  concept.  Additionally, 
other  shuttle  designs  should  be  examined  in  an  effort  to  reduce 
shuttle  weight. 
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COMPUTATION  OF  REQUIRED  LAUNCH  THROW 


A method  for  determining  the  required  launch  throw  distance  was 
needed.  To  fill  this  need  a program  was  developed  using  the  concepts 
of  energy  conservation  and  work  (the  work  done  is  equal  to  the  change 
in  energy).  The  algorithm  used  in  the  final  version  of  this  program 
takes  in  to  account  the  changes  in  kinetic  and  gravitational  potential 
energy  of  the  vehicle,  shuttle,  and  springs.  It  also  considers  the  work 
done  on  the  shuttle  by  the  spring  force,  by  sliding  friction  force  and 
by  the  net  effective  thrust  of  the  engine.  The  net  effective  thrust 
is  assumed  to  be  a constant  . Not  considered  are  the  losses  due  to 
rotational  inertia  of  pulleys  or, losses  due  to  cable  bending  around  the 
pulleys . 

The  effective  spring  force  on  the  shuttle  is  assumed  to  be  a linear 
function  of  position. 

bx 

F(x)  - FI  (1  - — ) * (F-1) 


where  F(x)  force  as  a function  of  position  (lb) 

FI  initial  force  (lb) 

X shuttle  position  from  fully  cocked  (ft) 

L length  of  launch  throw  (ft) 

b 1-FF 

FF  final  force  fraction  (final  force/FI) 

The  work  done  by  this  force  is  a linear  function  of  initial  force,  b, 
and  throw  distance. 


V = FI  (1  - -^  ) L 
sp  2 


(F-2) 


F-19 


where  W work  done  by  springs  on  shuttle  (ft-lb) 
sp 

The  equation  expressing  the  work  done  by  friction  and  the  net  effective 
thrust  of  the  engine  are  given  below 

= - (CF)  (AM)  L cosa  (p-4 

«„t  ■ <>")  (F-3 

where  work  done  by  friction  (ft-lb) 

coefficient  of  friction 

AM  weight  of  vehicle  and  shuttle  (lb) 
a angle  of  launch  from  level  (deg) 

Wnt  work  done  by  engine  (ft-lb) 

NT  average  thrust  minus  average  drag  (lb) 

L throw  distance  (ft) 

The  gravitational  potential  energy  of  vehicle  and  shuttle,  and  the 

springs  at  the  end  of  the  launch  throw  is  given  by  the  following 

expression  (initial  energies  set  at  zero) . 

M 

PE  = (AM  - ) L sina  (F-6) 

where  PE  final  (ft-lb) 

AM  weight  of  vehicle  and  shuttle  (lb) 

M^^  weight  of  springs  (lb) 

L length  of  launch  throw  (ft) 

PR  pulley  ratio 

ot  launch  angle  above  level  (deg) 

The  kinetic  energy  of  the  shuttle  and  vehicle  at  launch  is 


w ere  ^v+s  inetlc  energy  of  vehicle  and  shuttle  (ft-lb) 

V velocity  of  shuttle  and  vehicle  (ft/sec) 

The  kinetic  energy  of  the  springs,  as  a function  of  shuttle  velocity. 


M 

KE  = — 

6 (PR) 2 

where  kinetic  energy  of  spring  (ft-lb) 

^sps  spring  (slugs) 

V velocity  of  shuttle  (ft/sec) 


PR  pulley  ratio 


This  expression  is  derived  from  summing  the  kinetic  energy  of  each 
piece  of  spring  material 

n 

V 1/2  M V 2 

KE  = 11m  > 1 

sp  n*^^oo  /Li  iij 
i-1 


where  velocity  of  a spring  element  (ft/sec) 

n number  of  evenly  cut  elements  of  a spring 

i the  number  of  each  element  from  fixed  end 

and  V = ^ 

i PR  n 


where  V velocity  of  shuttle  (ft/sec) 

substituting  Eq  (F-10)  into  Eq  (F-9)  yields 

1/2  M N /V  i \ 2 

KE  = S£s  y \ 

sp  N £ ^ (PR)N  j 


M 

sps 


2N(PR)2n2i=i 


N(N  + 1)  (2N  + 1) 
6 


n V 

sps 


2xt3 


2(PR)^N 


but 


lira 

n-#’O0 


N(N  + 1)  (2N  + 1) 


1 

3 


Therefore  M 

KE  (V)  = — ES — 

6(PR)^ 

The  algorithm  in  the  launch  sizing  program  is 

KE  ^ + KE 

v+s §2 

L = , „ 

FI(1  - -E  ) + NT  - C (AM)  COSO  + ^ - AM)  sina  (F-ll] 

^ ^ PR 

The  program  uses  inputs  of  desired  velocity,  maximum  g-load,  final 
force  fraction,  vehicle-shuttle  weight,  net  thrust,  coefficient  of 
friction,  spring  weight,  pulley  ratio  and  launch  angle.  Use  of  this 
program  for  initial  sizing  can  be  accomplished  by  assuming  unknown 
parameters  such  as  spring  weight,  coefficient  of  friction,  and  net 
thrust  are  zero.  The  program  follows. 


1 


• 

o 

sD 

fO 

• 

ID 

< 

ID  «>. 

H 

« • 

U) 

• ID 

ff 

e r4 

•> 

ID  • 

H-  ^ 

» • 

3 or 

• a 

a — 

ID  ^ 

»-«D 

=)  •> 

H • 

O «« 

> es 

II  ID 

^ II 

•>< 

UJ 

X 

0-  •> 

• ft- 

«i  on 

o ^ 

►-  *- 

ID  «* 

*x 

»-i  »»• 

y.  » 

» •> 

D ^ 

• 

a K' 

o ID 

Z 

• 

*-l  «c 

II  I 

• ID 

IT  0. 

• T-l 

l-H 

UJ  -1 

O ID 

a « 

fO  ■ 

< » 

-rl  • 

X 

h"  ^ 

• ID 

a. 

• JC 

• ID 

H 

n • 

D U. 

CO  •>. 

0 iL. 

rO  sD  • 

z 

>- 


r 

w 

t- 

UJ 

CD 


t/1 


I 

V 

0. 

to 

X 


CM 

V 


CD 

I 


■s 


CJ 

» 

» 

(y 

a 

* 

iC 

w 

V 

CO 

* 

» 


IT  Z 


• * ^ 

• 

• II II 

o 

C3  u.  (y 

«0 

•H  u.  a 

tO 

▼0  w *- 

V 

J- 

ID 

o • • 

o»k 

vC 

O O V0 

M 

CM 

CO 

w 

CT 

^ M 

> 

ID 

• • z 

> O CO  K 

4- 

cr  ^ 

• 

CM 

-i  c>  w • 

-4^ 

CO  •4'  • 

• ^ 

•«  vD 

•0  ro 

•‘M 

«-  ► CM 

o ^ • 

r-«  V 

5tI  w 

tO  •O  ^ 

.CO  • K 

II  • 

ft  M 

H U^ 

II  II  V 

II  vT  <r 

M CO 

M ^ 

M U. 

i-n  0- 

r •>  K> 

® 

M 

1 

Vi 

« • II 

o ^ 

O ^ 

O ^ 

o o X 

^ ID  0- 

C3  II 

o <£ 

O II 

O o II 

d II  I/-J 

<\i  h~ 

ro 

ID  ID  a 

K O X 

M 

UJ 

V) 

d ^ ^ 

o ^ 

o cr 

o ^ 

O O V) 

o > 

c- 

c oc 

OCX 

+ ♦ 

o 

c 

o 

o 

o 

o 

Co 

r: 

M ^ 
XL.  — 

W 0^ 

V r 

z 

C/l  d 

o 

UJ  H 

» 

X UJ 

.rf- 

* cr 

• 

» 

.r 

:kr  V) 

\D 

X o 

ro 

X o 

V 

* 

CM  ► 

II  ^ 

» » 

II  II 

<•>  M 

» M 

-1  X 

X — 

<-«  U. 

• X 

"5  II 

o c 

-J  «I 

W T* 

• * 

> X 

Z •-! 

II  X 

o o 

•m'  • 

>-  X 

c c 

X 1 

10 

+ 

|^ip  ||  VH  ' J ■'  ij  IJIH  HI  I"  I I "llll  Mil '<11  W II  i |p|  " 


I 

10 

Ui 

» 

•v 

0 

II 

lO 

Kj 

vr 

K- 

• 

* 

V 

ec 

V 

U. 

X 

111 

(M 

•> 

0 

•> 

•J 

_j 

z 

fO 

w 

< 

• 

u. 

V 

K 

kO 

iL  ^ 

w 

(0 

•tlT 

V 

*H  V X 

u 

^ «K 

w 

D V.  «a 

r'j 

tM  X 

II 

z • 19 

II 

> V 

X 

0 4-  I 

(NJ 

•t 

W. 

or  L.  4^  fM 

• 

</) 

«l 

X • 

0 

UJ 

M V 

T 

1-  II  10  0 

tH 

V 

w w 

a 

I M 4^  tH 

L. 

X 

2:  0 

4 U »-  L. 

T^ 

10 

rj  «a 

tH  N »lO 

T^ 

II  ro  ^ 
X Cj  o 
K K 


o K K 
Z 


a O'  or 
o a a 


► IL 

rr  u. 

IT  X 
UJ  ►-  »C 
D *•  » 

Z h-  >J) 
M « 

X ► 

z or  V 

o O V 

t_.ll.tM 

+ 

O 

o o 

IT  N 


^ ^ c> 

O V w 
V »- 


<I  ■!  C 

X X X Q. 

(k^  Of  Of  o Cl 

O O O I-  X 
U U.  ii.  (/-  L. 


m j-  if\ 
o o o 
N N N 


f 


THROW  OISTftNCe 


ALPHA 


0.00 

10.00 

15.00 


ALPHA 


0.00 

10.00 

15.  00 


ALPHA 


0.00 

10.00 

15,  00 


MASS=  140.00  VELOCITY^  73.33 


FF/FI=  .60 


5. CO 
20.44 

20.69 
20.80 


6.00 

17.09 

17.27 

17.35 


GMAX 
7.O0 

14.69 
14.  81 
14.  88 


8.00  10.00 

12.88  10.33 

12.97  10.39 

13.02  10.42 

THROW  OISTANCE 


MASS=  140.00  VELOCTTY=  ^3,33 

FF7FI=  .55 


5.00 

21.08 

21.35 

21.47 


6.0  0 
17.63 
17.  82 
17.91 


GMAX 
7.  00 
15.  15 
15,29 
15.  35 


8.00  10.00 

13.29  10.66 

13,39  10.72 

13.44  10.76 

THROW  DISTANCE 


MASS=  140,00  VELOCITY*  73,33 
FF/FI*  .52 


5,00 

21.56 

21.84 

21.97 


6.00 

18.03 

18.23 

18.32 


GMAX 

7.00 

15.50 

15.64 

15.71 


8.00 

13.59 

13.70 

13.75 


10.00 

10.90 

10.47 

11.00 


THROW  DISTANCE 


MASS*  140.00  VELOCITY*  73,33 


ALPHA 


0,00 
10. 00 
15.00 


5,00 
21.77 
22.  05 
22.19 


6.00 
18.  21 
18.41 
18.50 


FF/FI*  .50 

GMAX 
7.00 
15.65 
15.80 
15,  86 


8.00 

13.72 

13.83 

13.89 


10.00 

11.01 

11.08 

11.11 


APPENDIX  F-2 


EVALUATION  OF  A SPRING  LAUNCHER  CAPABILITY 

To  evaluate  a giv  >.n  spring  launcher  an  additional  program  is  needed 
This  program  accepts  specific  subsystem  parameters  and  computes  maxi- 
mum launch  g-load  and  launch  velocity. 

The  required  inputs  for  the  program  are 
r spring  rate  (lb/ in) 

IT  initial  tension  (lb) 

MD  mean  diameter  of  spring  (in) 

WD  wire  diameter  of  spring  (in) 

NC  number  of  coils  per  spring 
NS  number  of  springs 
PR  pulley  ratio 
CF  coefficient  of  friction 
TN  net  thrust  of  engine-drag  (lb) 
a launch  angle  (deg) 

X2  elongation  of  spring  at  full  cock  position  (in) 

XI  elongation  of  spring  with  shuttle  at  launch  end  of  rail 
X launcher  throw  distance  (ft) 

AM  weight  of  vehicle  and  shuttle  (lb) 

The  density  of  the  spring  steel  used  in  the  program  is  0.283 

pounds  per  cubic  inch. 

The  outputs  of  this  program  are 

FI  initial  force  from  spring  (lb) 

FJ  final  force  from  spring  (lb) 

FF  final  force  factor 


F-26 


G max  g-load  during  launch 


V velocity  of  vehicle  (ft/sec) 


The  algorithm  used  In  the  program  is 


where  W work  done  by  spring  (ft-lb) 


work  done  by  net  engine  thrust  (ft-lb) 


W,  work  done  by  friction  (ft-lb) 


PE  final  gravitational  potential  energy  (ft-lb) 
AM  weight  of  shuttle  and  vehicle  (lb) 


mass  of  springs  (slugs) 


PR  pulley  ratio 


The  program  with  results  for  a 125  pound  vehicle  and  both  a 15  and  a 17 


pound  shuttle  are  shown  on  the  following  pages 
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APPENDIX  F-3 


ANALYSIS  OF  MAIN  STRUCTURE 


For  this  analysis  it  is  assumed  that  the  1-1/2  inch  thick  end 


plates,  with  the  maximum  load  proposed,  will  Insure  that  the  two  beams 


are  loaded  symmetrically.  Therefore,  only  one  beam  is  used  with  half 


the  loads.  One  half  the  properties  of  the  combined  section  are 


I = 170.9 

XX 

I * 255.6 

yy 

r = 4.2 

X 

r = 5.13  (American,  1973) 

y 


The  value  is  the  controlling  radius  of  gyration  for  axial  load. 

Since  all  moment  are  about  the  "x-x"  axis,  failure  due  to  combined  axial 
and  moment  load  will  occur  about  the  "x-x"  axis. 


Figure  F-7.  Beam  Loads  with  Launcher  Cocked 


The  axial  load  used  in  analysis  is  2250  pounds  with  a moment  of 
2515  inch-pounds. 

P = 1800  + 450  (F-13) 

M = 450(5)  + 265  (F-14) 

X 

where  P axial  load  (lb) 

M moment  about  "x-x"  axis  (in-lb) 

X 
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The  formula  for  computing  loading  conditions  for  failure  of  beam- 
columns  under  axial  and  bending  loads  is  (Alcoa,  1956) 


(F-1 


where 


f 

c 


El 

r 

E 

D 


are  compressive  stress  due  to  axial  load  only  (Ib/in^) 

critical  stress  under  axial  load  only  (Ib/in^) 

maximum  bending  stress  (M  /I)  on  extreme  fiber  due 
to  bending  moment  only  (Ib/in^) 

critical  bending  stress  under  bending  moment  only 
(Ib/in^) 

7T^EAKL/r)^(lb/in2) 

effective  slenderness  ratio  for  failure  in  plane  of 
applied  moment 

modulus  of  elasticity  (Ib/in^) 

condition  of  failure  (>1  failure, <1  no  failure) 


If  the  sum  is  less  than  one,  failure  will  not  occur.  All  of  the  above 
items  are  easily  determined  by  inspection  except  f^. 


where 


f = F [0.733  - 0.0014  ^ /F ] (F- 

B y y 


F minimum  yield  stress  (kips/sq  in) 

y 

b^  flange  width  (in) 

t flange  thickness  (American,  1973) 

P 


for  F = 36  and  b,/2t  = 9.20,  f,  = 23,606  pounds  per  square  inch, 

y f P ° 
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= 231.1  Ib/in^ 

= 36,000  lb/in2 


2515(5) 

170.9 


(F-18) 


= 73.5  Ib/in^ 

.He  e„.  eup.o«  wore,  ceee  .o  Pe  .He  cese  o.  one  en.  pinne.  end 
the  other  end  allow  to  translate,  dictates  K = 2 (American,  1973) 


KL 

SR  = - 


(F-19 


SR  effective  slenderness  ratio 
jhere  K effective  length  factor 
L unsupported  length  (in) 

r radius  of  gyration  (in) 

Substituting  the  appropriate  value  into  Eq  (E-19)  gives 


SR 


X 


2(75) 

4.2 


and 


then 


= 35.7 
tt^E 


_ TT^  29.1x10^ 
(35.7)^ 

= 225.169  Ib/in^ 


(F- 


Substituting  the  appropriate  value  into  Eq  (F-15)  yields 


36,000  , . 231.1 

23,606  (1-  225169  ) 


Since  0.01  is  much  less  than  1.0,  the  load  is  far  below  those  re- 
quired to  produce  failure. 

Another  possible  maximiim  load  occurs  during  shuttle  stoppage.  With 
the  shock  absorber  maximum  force  of  6000  pounds,  the  single  beam  will  be 
under  a tension  load  of  3000  pounds  from  the  shock,  a compression 
load  1150  from  the  springs,  and  a moment  of  3000  lb  x 7.5  inches  or 
22,500  inch-pounds. 


n z ^ X _ rj  fl7R 

^ 36000  23606(1) 


Analysis  of  this  beam  with  only  moments  applied  lead  to 


f - Me 
I 


(F-21 


where  f extreme  fiber  stress  (Ib/in^) 
M applied  bending  moment  (In-lb) 
c distance  to  extreme  fiber  (in) 


I moment  of  inertia  (in^) 


(Alcoa,  1956) 


The  maximum  fiber  stress  is 

22500  (5) 

170.9 


658  Ib/in^ 


'T" 


This  is  far  below  the  elastic  lin.it. 


Torsional  failure  must  also  be  considered.  The  radius  of  gyration 
for  torsional  failure  is 


r 


t 


2 


C 

s 


+ 0.038  J (KL) 
I + I 


X y 


2 


(F-22) 


where  r^ 


C 

s 

J 


I +I 


X y 


L 


K 


effective  radius  of  gyration  for  torsional  failure  (in) 

torsion-bending  constant  (in®) 

torsion  constant  (in**) 

sum  of  moments  of  inertia  (in  ) 

length  unsupported  in  twist  (in) 

factor  for  end  conditions 

(Alcoa,  1956) 


Substituting  appropriate  values  into  Eq  (F-22)  for  a single  beam  yields 


2 792  + 0.038  (0.580) (75)^ 

171  + 36.5 


=2.1  in 


The  effective  slenderness  ratio  is  determined  by  substituting  into 
Eq  (F-19).  Assume  K=1  (ends  free  to  translate  but  not  rotate)  and 
L=75  inches  • 


SR  = 35.71 

Since  the  effective  slenderness  ratio  for  torsional  failure  is  no 
larger  than  for  lateral  failure,  torsional  failure  is  no  more  likely 
than  lateral  failure.  Therefore  the  main  structure  appears  very  sound, 
and  no  failure  is  expected. 
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APPENDIX  F-4 


SPRING  DESIGN 

Through  discussions  of  the  use  of  springs  in  this  application,  it 
was  suggested  that  at  a maximum  of  85,000  pounds  per  square  inch  stress 
(uncorrected)  and  minimum  spring  index  of  7 be  used.  Oil  temper  wire 
is  used  because  of  availability,  cost,  and  capabilities  (Pickwell,1975) . 
The  stress  limit  gives  a high  maximum  load  without  excessively  shortening 
spring  life,  and  the  limit  on  spring  index  insures  a large  percentage 
elongation.  The  design  equations  received  in  the  first  of  these  discus- 
sions were  later  confirmed  and  are  listed  below  (Wahl,  1963). 


8 PD 

T ■ 

(F-23) 

TTd' 

. Gd“ 

k * 

(F-24) 

8D^n 

„ 4c  - 1 , 0.615 
^ “ 4c  - 4 c 

(F-25) 

t'  - Kt 

(F-26) 

D 

c = — 

(F-27: 

d 


Where 

P * load  on  spring  (lbs) 
d = spring  wire  diameter  (in) 

D = spring  mean  coil  diameter  (in) 
T = uncorrected  stress  (psi) 
t'=  corrected  shear  stress  (psi) 


K = curvature  correction  factor 


n = number  of  active  coils 
k = spring  rate  (Ibs/in) 

Initially  a maximum  wire  diameter  of  0.25  inches  was  chosen  due  to 
its  availability  and  the  fact  that  it  is  the  largest  size  that  could  be 
worked  on  machines  locally. 

The  launcher  size  for  a force  factor  of  0.5  (one  half  the  force  left 
at  end  of  launcher  throw)  is  approximately  20  feet.  Therefore  a spring 
length  of  approximately  10  feet  is  indicated  when  a pulley  ratio  of 
four  to  one  is  used.  The  four  to  one  pulley  ratio  and  20-foot  throw 
distance  dictate  that  the  spring  will  contract  5 feet  during  the  throw. 


The  maximum  load  attainable  under  the  restrictions  of  wire  size, 
spring  ratio,  and  stress  level  is  298  pounds. 

ird^T 


P = 


80 


(F-2; 


. 11(25)*  (85,000)  „ 2,3  3 
^ 8(1.75) 


The  rate  is 

y.  = ^ = 11»5x10^(.25)‘* 
80 ^n  8(1.75) ’n 


k 


1047.75  ^ 21.828 

n a 


where  H is  length  in  feet  of  active  colls. 


1 


!> 

I 

1 


Figure  F-8.  Spring  Rate  Versus  Number  of  Coils  or  Spring  Length 


The  choice  of  0.25  inches  for  wire  diameter  was  reinforced  by  the 
fact  0.2508  inch  wire  diameter  was  given  by  an  equation  for  minimum  spring 
weight  for  these  given  conditions  (Chironis,  1961:18). 

An  initial  tension  resulting  from  initial  torsional  stress  equal  to 
16,000  pounds  per  square  inch  is  readily  obtainable  (Wahl,  1963:121). 

This  initial  tension  is  equal  to  fifty-six  pounds 

TTTd^  _ ir (16, 000)  (.25)^  (F-28) 

“ “ 8D  “ 8(1.75) 

= 56  lb 

With  an  initial  tension  of  56  pounds,  the  following  graph  of  spring 
lengths  and  elongation  for  a specific  load  was  constructed. 

Mininum  launcher  length  is  assumed  to  be  at  least  5 feet  (arbitrar- 
ily) longer  than  the  extended  spring  length  to  allow  for  pulleys,  spring 
supports,  and  working  room  in  the  launcher. 


I 


i 


■j 

*. 

I 


i 

i 
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A 9-foot  spring  length  was  chosen  with  a 25-foot  launcher  length 
to  insure  sufficient  travel  for  a 3-foot  shuttle  with  a 2-foot  shock 
absorber.  This  length  also  insured  sufficient  room  to  adjust  initial 
pull  on  the  shuttle  if  the  springs  did  not  have  the  correct  initial 

tension. 

From  use  of  the  launcher  evaluation  program  it  is  seen  that  a re- 
duction in  maximum  load  per  spring  to  283.3  pounds  will  suffice  to  do 
the  required  job.  This  reduces  the  maximum  stress,  t.  to  80,808  and  t' 
to  98,020.  This  reduced  stress  level  leads  to  a mean  life  greater  than 
than  10,000  cycles  (Wahl,  1963:106,107). 


bOOO,  but  less 
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SHOCK  ABSORBER  ANALYSIS 


The  shock  absorber  on  the  launcher  must  be  able  to  stop  the 
shuttle  without  breaking  the  cable  or  launcher.  The  energy  levels  to 
be  absorbed  will  vary  with  the  velocity  they  attain  by  the  shuttle 
during  the  launcher  firing.  The  function  relating  velocity  of  the 
shuttle  to  the  total  kinetic  energy  of  the  launcher  components  is 


KE  , . 
sh+sp 


1/2  (M 


sh 


M 

+ 

3(PR)^ 


) 


(F-29) 


where 


M mass  of  shuttle  (slugs) 
sh 

M mass  of  springs  (slugs) 
sp 

PR  pulley  ratio 
V velocity  of  shuttle  (ft/sec) 


This  is  the  maximum  kinetic  energy  that  would  have  to  be  absorbed 
to  bring  the  components  to  rest.  The  shock  absorber  will  also  have  to 
absorb  the  energy  equivalent  of  the  work  done  by  the  final  force  over 
the  distance  required  to  stop  the  shuttle.  Young's  modulus  for  rubber 
can  be  determined  from  hardness  number  (Payne,  1960:220).  The  assump- 
tion of  a constant  modulus  for  strains  up  to  0.5  is  reasonable  for  this 
type  of  material  (Griffin,  1975).  By  selecting  rubber  with  a Young's 
modulus  of  500  pounds  per  square  inch  and  limiting  strain  to  0.5,  the 
force  of  compression  equals  500A  times  strain  (A  is  the  original  area 
of  rubber.).  The  work  done  by  compressing  this  shock  absorber  is  equal 
to  work  done  by  a constant  force  of  125A  over  the  same  distance.  See 
Figure  F-10. 
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Him 

IM 


Work  Done  by  Linear  Force 


The  work  done  deforming  the  shock  absorber  equals  the  energy  to  be 
absorbed.  For  rubber  with  the  selected  modulus  and  strain  restriction 
Anno  nn  the  material,  when  the  final  strain  is  0.5,  is 


W„  work  done  on  rubber  (in-lb) 

R 

A original  area  (in^) 

S,  distance  of  displacement  (in) 


The  energy  to  be  absorbed  consist  of  the  kinetic  energy  of 
shuttle  and  springs  plus  the  work  done  by  the  final  force  over 


+ (final  force)  I 


The  weight  of  the  shuttle  is  approximately  17  pounds  and  chosen 


launch  speed  is  74.3  feet  per  second. 

For  design  of  the  shock  absorber  a kinetic  energy  level  of  30,000 
inch-pounds  is  used  for  a safety  margin.  Substituting  Eq  (F-30)  into 
Eq  (F-31)  yields 


where 


leads  to 


125  A5,  = 30,000  + 465  S, 
A original  area  (in^) 
i displacement  distance 

0 = 30,000 

125A-465 


(F-32 


A graph  showing  the  displacement  for  varying  area  and  kinetic 
energy  levels  is  shown  in  Figure  F-11.  The  maximum  force  exerted  by 
the  shock  is 


F 


shock 


= 250A 


(F-33 


An  area  of  24  square  inches  is  arbitrarily  selected,  and  this 
choice  yields  a maximum  force  of  6000  pounds. 

The  shock  absorber  consists  of  two  pieces  of  neoprene  rubber,  12.0 
inches  long  and  4.1  by  3.0  inches  in  cross  section.  A 0.6-inch  dia- 
meter hole  is  drilled  through  the  block  to  hold  a 9/ 16-inch  stiffening 


The  rod  is  attached  through  a thin  front  plate  of  aluminum  and  extends 
through  a hole  in  the  mounting  brace  each  on  the  launcher  rails.  For 
analysis  to  show  this  rod  will  prevent  the  rubber  from  buckling  under 
load,  it  is  assumed  that  if  the  entire  load  could  be  carried  by  the  rod, 
ttie  rubber  would  not  buckle.  Two  positions  are  checked,  a 6-inch  and 
a 12-inch  displacement.  This  assumes  that  the  ends  of  the  columns  are 
pinned.  Using  Eqs  (F-19,  17  and  20)  the  following  table  was  constructed 

TABLE  F-5.  STIFFENING  ROD  STRESSES 


Displacement  (in) 

12 

6 

KL 

85  1/3 

128 

r 

f (Ib/in^) 
c 

12,048 

6,024 

f^g  for  AZ 

14,000 

6,200 

f for  steel 

C£ 

39,440 

17,530 

A 9/16  inch  steel  rod  will  insure  the  shock  does  not  buckle. 
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APPENDIX  F-6 

ANALYSIS  OF  CRITICAL  SHUTTLE  COMPONENTS 

The  analysis  is  of  the  forward  thrust  lever  and  rear  support  col- 
umns as  these  are  the  most  critical  to  the  system. 

Thrust  Lever 

A maximum  force  of  900  pounds  is  transmitted  through  this  lever. 

The  lever  is  a 2 by  1/2  inch  bar  approximately  14  inches  long.  The 
block  that  prevents  the  bar  from  rotating  aft  during  launch  is  2 
inches  above  pivot  and  9 inches  below  the  airframe  block.  This  condi- 
tion will  create  moment  of  8,100  inch-pounds  during  launch  in  the  lever, 
The  physical  characteristics  associated  with  the  aluminum  thrust 

lever  are  listed  below: 


Weight 

Wt. 

1.176 

(Ib/ft) 

Area 

A 

0.500 

(in^) 

Moment  of  Inertia 

I 

XX 

0.333 

(in**) 

I 

0.021 

(in^) 

Sectional  Modulus 

yy 

s 

XX 

0.333 

(in') 

S 

0.084 

(in') 

Radius  of  Gyration 

yy 

r 

X 

0.578 

(in) 

r 

0.1445 

(in) 

(Alcoa,  1956) 

Bending  Analysis  of  the  Thrust  Lever.  The  bending  failure  would 
occur  about  the  "x-x"  axis  if  it  occured  due  to  the  maximum  moment  of 
8100  inch-pounds. 

\ (F- 

a = -X- 
max  S 

* (Alcoa,  1956) 


= 8100 

^max  0.333 

= 24,324  Ib/in^ 


The  elastic  limit  for  6061-T6  aluminum  is  35,000  pounds  per  square 
inch,  and  the  maximum  stress  felt  under  a 900-pound  thrust  is  24,324. 

At  the  impact  of  the  shuttle  with  shock  absorber  the  bar  will  rotate 

forward  and  down. 

Considering  the  thrust  lever  as  a cantilever  beam  of  12  inches 
in  length  and  a load  of  846  pounds  (900  sin  20  ) and  the  deflection 
is  given  by 


where  D deflection  (in) 

P load  (lb) 

L distance  from  support  to  load  (in) 

E Young's  modulus 
I moment  of  inertia  (in'*) 

(Alcoa,  1956) 


The  deflection  is 

0 = 846  (12)^ 

3(10'^)  0.333 

= 0.012  in 

The  average  deflection  angle  is  less  than  0.06  degrees.  The  deflection 
is  not  significant. 


Torsional  Analysis  of  the  Thrust  Lever.  For  the  torsional 
analysis  the  thrust  load  is  considered  to  be  off-set  to  the  edge  of  the 
thrust  lever.  The  maximum  shear  stress  seen  in  a rectangular  section  is 


f = — (1  + 0.6  f ) ff-36; 

® bt^ 

where  f maximum  shear  (Ib/ln^) 
s 

T torque  (In-lb) 

b long  dimension  of  rectangular  (in) 

t short  dimension  rectangular  (in) 

(Alcoa,  1956) 


The  maximum  shear  stress  is 

f , 3 (846  X 0,^  ^ + 0.6  ^ ) 

® 2 (0.5)^ 

* 1459.4  Ib/in^ 

The  maximum  shear  stress  is  1,460  pounds  per  square  inch  compared  to 
elastic  limit  of  20,000.  The  safety  factor  is  greater  here  than  in 
bending  failure . 


Rear  Columns  for  Vehicle  Boom  Support 

The  rear  supports  for  the  drone  are  two  27— inch  long  aluminum 
tubes  made  of  alloy  6061-T6.  The  physical  properties  of  this  tube  are 
listed  below. 

d 
t 

Wt 
A 
I 


Outside  diameter 
Wall  thickness 
Weight 
Area 


2 

1/16 

0.447 

0.380 

0.179 


(in) 

(in) 

(Ib/ft) 

(in^) 

(in“) 


Moment  of  Inertia 


r 

L 


Sectional  modulus 
Radius  of  gyration 


0.179 

0.685 


(in') 

(in) 


(Alcoa,  1956) 


Bending  Under  Maximum  Launcher  Thrust.  The  rear  supports  are 
located  approximately  40  inches  aft  of  the  front  support  and  24  inches 
above  the  shuttle  base.  During  a 900  pound  thrust,  the  moment  caused 
by  the  center  of  gravity  being  at  most  5.5  inches  above  the  front 
support  is  4950  inch-pounds.  Ignoring  any  counter  moment  due  to  engine 
thrust,  the  load  supported  by  the  rear  supports  is  approximately  124 
pounds  plus  static  weight.  The  maximum  total  load  for  each  support  is 
approximately  112  pounds  vertical.  The  loading  condition  for  the 
analysis  is  120  pounds  axial  plus  1456  inch-pound  moment  (122  x 13). 
Using  the  equation  for  a uniformly  loaded  cantilever  beam,  Eq  (F-37), 
the  maximum  moment  due  to  the  rod's  weight  at  7-g's  is  13.6  inch-pounds 
and  is  ignored. 


M = w L 
max  — — 


(F-37) 


where 


M maximum  moment  (in- lb) 
max 


w 


weight  per  unit  length  (Ib/in) 
length  of  beam  (in) 


The  values  for  use  in  Eq  (F-15)  are 
120 


^c  " 0.038 


= 315.8  Ib/in^ 


r " 0.685 
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i...  A.  ■ ' 1 ^ 


= 78.83 


= 16,400  Ib/in" 


-•_2 


fcE  = 16,400  Ib/in 


f = = 8,134 

^b  0.179  ’ 


j_2 


f = 35,000  lb/ in 
B 


Substituting  these  values  into  Eq  (F-15)  yields 


D 


315.8 

16,400 


8,134 

35,000  (1  - 


315.8 

16,400 


•) 


= 0.256 

The  support  rod  will  not  buckle  under  a 7-g  acceleration  of  launch. 

Bending  Analysis  Under  Impact  Load.  The  maximum  deceleration 
force  placed  on  the  shuttle  by  the  shock  absorber  is  6000  pounds.  This 
amounts  to  a load  of  353  g’s  on  the  17-pound  shuttle, 
with  an  equivalent  weight  per  unit  length  for  353  g's, 
is 


Using  Eq  (F-37) 


the  M 


max 


M 


max 


0.447  (353) 

2 (12)  ^ * 


= 4793  in-lb 

The  maximum  bending  stress  due  to  this  moment  is 


4793 
" 0.179 

= 26,776  Ib/in^ 
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APPENDIX  F-7 


WINCH  AND  POWER  SUPPLY 


An  electrical  winch  Is  needed  to  cock  the  launcher.  Superwich 
model  PM  4000  has  sufficient  power  and  speed  for  this  use  (See  Figure 
F-13.).  The  speed,  however,  does  limit  the  launch  interval  because  of 
a cocking  time  of  approximately  one  minute.  The  power  requirement  for 
the  winch  to  operate  effectively  is  a minimum  of  9 volts  dc  at  82  amps 
at  a maximum  load  of  900  pounds  (Superwinch,  1974). 

PW  >M0  .ATU  1900  CUSTOM  1900 


100  EOO  aoo  1000  1200  1400  1900 

LOAD  IN  US. 


Figure  F-12. 


Capability  and  Elec- 
trical Requirements 
at  9 Volts  dc  (Super- 
winch, 1974) 


The  selected  power  supply  is  the  Hobart  IRG-450  battery  charger. 

Its  capabilities  with  variable  inductive  loads  are  80  amps  at  11.5 
volts  dc  or  120  amps  at  9.0  volts.  The  power  supply  can  run  continuously 
at  an  output  of  95  amps  (Heisey,  1975).  This  combination  of  winch  and 
power  supply  will  provide  sufficient  capability  for  our  application. 

Test  on  the  power  supply  are  being  run  at  Hobart  Brothers  of 
Troy,  Ohio,  to  confirm  the  battery  charger  capability  as  a power 
supply. 


APPENDIX  F-8 
COST  OF  LAUNCHER 


The  cost  estimate  for  material  for  one  launcher  is  given  in  the 
following  table. 


TABLE  F-6.  MATERIAL  COST  FOR  A LAUNCHER 


Materials 

Cost  ($) 

Reference 

Main  Beams 

439 

(Jackson,  1975a) 

Other  steel  stock 

120 

(Jackson,  1975a) 

Aluminum 

25 

(Wolfe,  1975) 

Rubber 

100 

(McCarren,  1975) 

Springs,  12  each 

360 

(Barnes,  1975) 

Winch 

206 

(Burlingame,  1975) 

Chain,  hook,  and  cable 

88 

(Grotz,  1975) 

Power  supply 

420 

(Heisey,  1975) 

Misc. 

100 

(Wolfe,  1975) 

Total 

1858 

The  estimated  direct  labor  manhours  and  cost  of  fabrication  are 
listed  in  the  table  below.  The  skill  level  required  is  that  of  a general 
machinist.  A labor  rate  of  $6.45  per  hour  is  used  with  overhead  cost  of 
150  percent  of  direct  labor  (Wolfe,  1975). 

TABLE  F-7.  FABRICATION  COST  AND  LABOR  HOURS 


Cost  Element 
Direct  Labor  Manhours 

Labor  and  Overhead 


Low 

Most  Likely 

High 

170 

195 

220 

$2741 

$3144 

$3548 

rnmm 


F-52 


Adams,  Donald  F. 

1971  Airframe  Structural  Materials  for  Drone  Applications. 

Rand  Technical  Report  R-581/4-ARPA.  Santa  Monica,  CA. 

The  Rand  Corp,  July  1971. 

AFFDL  TM-71-1-PTB 

1971  Teleplane  Preliminary  Design  Study.  AFFDL  TM-71-1-PTB. 

Wrlght-Patterson  AFB,  OH:  Air  Force  Flight  Dynamics 

Laboratory,  December  1971. 

AFGWC  , „ jr-  j 

1972  AFGWC  Limited  Area  Meso-scale  Prediction  Model.  Verification 

Data.  Air  Force  Global  Weather  Central,  1972. 


AFR  173-10  ^ . 

1975  USAF  Cost  and  Planning  Factors.  Washington:  Department  or 

the  Air  Force,  6 February  1975. 

AFR  178-1 

1973  Economic  Analysis  and  Program  Evaluation  for  Resource 
Management.  Washington:  Department  of  the  Air  Force, 

20  December  1973. 

AFSC/AFLC  Commanders'  Working  Group  on  Life  Cycle  Cost 

1973  Life  Cycle  Cost  Reference  Notebook.  Wright-Patterson  AFB, 
OH;  Air  Force  Aeronautical  Systems  Division/ACCL, 

August  1973. 


Alan,  Hank,  Engineer, 

1975  Telephone  Conversation.  Curtiss-Wright  Corporation, 
Woodbridge,  NJ,  23  May  1975. 

ALCOA 

1956  Alcoa  Structural  Handbook,  a Design  Manual  for  Aluminum. 
Pittsburgh,  PA;  Aluminum  Company  of  America,  1956. 

ALCOA 

1975  Telephone  Conversation.  Alcoa  Aluminum  Sales  Office, 

Dayton,  OH,  6 October  1975. 

Alderman,  Cliarles,  Unit  Supervisor 

1975  Telephone  Conversation.  Warner-Robbins  Air  Logistic  Center/ 
MMURCB,  Warner-Robbins  AFB,  GA,  10  October  1975. 


R-1 


Allied  Electronics  Corporation 

AjrA^gd  Engineering  Manual  and  Purchasing  Guide.  Elgin  IL* 
Allied  Electronics  Corp.  1975'; ^ 

Allinkov,  Sidney,  Materials  Engineer 

1975  Interviews.  Air  Force  Materials  Laboratory/MXC. 

Wright-Patterson  AFB,  OH,  6 May  - 23  September  1975. 

American  Institute  of  Steel  Construction 

Manual  of  Steel  Construction.  New  York:  American  Institute 

of  Steel  Construction,  Inc.,  1965. 

American  Institute  of  Steel  Construction 

Manual  of  Steel  Construction  (7th  edition).  New  York: 
American  Institute  of  Steel  Construction,  Inc.,  1973. 

American  Radio  Relay  League 

Radio  Amateur *s  Handbook  (51st  edition).  Newington,  CN: 
American  Radio  Relay  League,  1974. 

ASD/XR  74-2 

Executive  Summary.  Drone/RPV  Mission  Analysis  fU) . Wright- 
Patterson  AFB,  OH:  Air  Force  Aeronautical  Systems  Division. 

February  1974.  (SECRET) 

Atkins,  Alan  R. , Dr. 

1975  Personal  Interviews.  Air  Force  Aeronautical  Systems  Dlvi- 
sion/YRPM,  Wright-Patterson  AFB,  OH,  20  September  - 25  Nov- 
ember 1975. 

Bair,  Charles  A.,  Jr. 

Et.eblllty  and  Control  of  Mlnl-Remotely  Piloted  Vehicles. 
Unpublished  Thesis,  GAE/AE/75M-1.  Wright-Patterson  AFB, 

OH:  Air  Force  Institute  of  Technology,  March  1975.  * 

Barnes,  Bert  D. , Treasurer 

1975  Telephone  Conversation.  Yost  Superior  Manufacturing  Co. 

Springfield,  OH,  24  July  - 7 November  1975.  ’ 

Beckman  Hellpot 

1975  "Advertisement".  Evaluation  Engineering.  14.  No.  5* 
(September  - October  1975).  

Beukers,  J.  M. 

1973  "Navigation  System  Employed  In  the  Differential  Mode." 
Navigation.  (Spring,  1973). 


Blakelock,  John  H. 

1965  Automatic  Control  of  Aircraft  and  Missiles.  New  York: 

John  Wiley  & Sons,  Inc.,  1965. 

Blanton,  Colleen,  Item  Manager 

1975  Telephone  Conversation.  Aerospace  Communications  Division/ 
MMCRMB,  McClellan  AFB,  CA,  10  November  1975. 


1967  MV  ’ Zavarlng 

ITIT53  Measurements  on  High 

Bowen  Robert  E. . Mejor,  USAF 
•t»'5  Personal  Interviews  j<-  v 

Jslo„/VRPM.«riRbt-Patterso”-^I?BnH“““rR^\^!T^^ 

Buchln,  S.I. 

Burke,  Lawrenoe  c. , Marketing  Director 

17  -esocletes.  MeeOhen.  MA, 

6-10  November  1975.  ^^Perwlnch,  Inc.,  Putnam,  CT, 

^^IQ^r*  ot^^ers 

--ton, 

Carvell,  Frank 

1975  Personal  Interview.  Air  Fnrr.^,  a 
Julon/WR.  wrlgbt-patterson 

^19fiQ  Others 

APm-TR-6,!72. 

OH,  August  1969. 

Chlronls,  Nicholas  P.,  ed. 

^ok  Applirnfinn.  New  York;  McGraw-Hill 

Coast  Guard 

“-“"Bton:  united  States  Coast 

Coleman,  j.j. 

“"'‘^'‘■°"^‘‘e-M°B°eelun 
doth  6dltlon)T^rar^^^ 

^°“Pj[°^ier  of  the  Army 

Department  of 


R-3 


Corning,  Gerald 

1953  Airplane  Design.  College  Park,  MD;  (Printed  by  Edwards 
Brothers  Inc,  Ann  Arbor,  MI),  1953. 


Currie,  Caird,  Sales  Executive 

1975  Telephone  Conversation.  Lawson  Power  Products,  New 
Holstein,  WI,  5 November  1975. 

Dailside,  Clifford 

1975  Telephone  Conversations.  E-Systems,  Inc. ,Melpar  Division, 
Falls  Church,  VA:  8 July  - 15  September  1975. 

Dannls,  Mark.,  PHD,  Research  Engineer 

1975  Personal  Interview  and  Telephone  Conversations.,  B.F.  Goodrich 
Rubber  Co. /Research  Center,  Breaksville,  OH,  11  June  - 
7 November  1975. 

Davis,  Robert,  Captain,  USAF 

1975  Telephone  Conversations.  Ogden  Air  Logistic  Center,  Hill 
AFB,  UT,  2 September  - 21  October  1975. 


Dayton  Plastics 

1975  Telephone  Conversation.  Dayton  Plastics  Company  Sales 
Office,  Dayton,  OH,  6 October,  1975. 


Delorme,  J.F.,  and  A.R.  Tuppen 

1975  "Low  Cost  Navigation  Processing  for  Loran-C  and  Omega." 
Navigation;  (Summer,  1975). 

Develco  Inc. 

1967  "Study  Report;  A Comparison  of  Long  Range  Navigation 
Systems."  Palo  Alto,  CA:  Develco  Inc.,  1967. 

Develco  Inc. 

1975a  "Minimum  Essential  Omega."  Concept  Paper  750924.  Mountain 
View,  CA;  Develco  Inc.,  September  1975. 


Develco  Inc. 

1975b  Tactical  Jamming  of  the  Omega  Navigation  System.  Technical 
Note  750922.  Mountain  View,  CA;  Develco  Inc.,  1975. 


Diehl,  Walter  S. 

1926  Three  Methods  of  Calculating  Range  and  Endurance  of  Airplanes. 
NACA  Technical  Report  234.  Washington:  National  Advisory 

Committee  for  Aeronautics,  1926. 


R-4 


Dommasch,  Daniel  0. » and  others 

1951  Airplane  Aerodynamics.  New  York:  Pitman  Publishing  Company, 

1951. 


Donahue,  J.F.  . ^ -i 

1969  "Nickel-Cadmium  Batteries."  Standard  Handbook  for  Electrical 

Engineers  (10th  Edition).  New  York:  McGraw-Hill  Book 

Company,  1969. 


Early,  Dwight  H. , Aeronautical  Engineer 

1975  Personal  Interviews.  Air  Force  Flight  Dynamics  Laboratory/ 
PTB,  Wright-Patterson  AFB,  OH,  6 March  - 19  October  1975. 


Enright,  J.F. 

1969  "An  Economic  Evaluation  of  the  Use  of  Omega  Navigation  System 
by  Merchant  Ships."  Navigation.  (Summer  1969). 


Errico,  E.F. 

1969  "Zinc-Alkaline-Manganese  Dioxide  Batteries.  Standard 

Handbook  for  Electrical  Engineers  (10th  Edition).  New  York: 
McGraw-Hill  Book  Company,  1969. 

E-Systems,  Incorporated 

1974a  Tactical  RPV  Final  R&D  Report.  Report  No.  G3722.18.02C, 

EWO  No.  8902-RBBD.  Greenville  Division:  E-Systems  Inc., 

January  1974. 


Fisher,  Gene  H. 

1970  Cost  Considerations  in  Systems  Analysis.  Report  R-490-ASD. 
Santa  Monica,  CA:  The  Rand  Corp.,  1970. 


R-5 


Gaugler,  Gary. 

1975  Personal  Interviews.  Air  Force  Avionics  Laboratory/TE4 
Wright-Patterson  AFB,  OH,  15  April  - 30  September  1975.’ 

Graf,  Rudolf  F. 

Modern  Dictionary  of  Electronics  (Fourth  Edition). 
Indianapolis:  Howard  W.  Sams  & Co.,  Inc.,  1972'. 

Warren  R, , Research  Engineer 

1975  Personal  Interview.  Air  Force  Materials  Laboratory/MBE 
Wright-Patterson  AFB,  OH,  6 May  - 7 November  1975. 

Grotz,  Dale  C. , Vice  President 

1975  Personal  Interviews.  Material  Handling  Systems,  Inc. 

Dayton,  OH,  30  July  - 11  November  1975. 

Hallett,  Arthur  H. 

1975  Telephone  Conversation.  2750  Logistic  Squadron/DMTTH 
Wright-Patterson  AFB,  OH,  8 October  1975. 

Hammond,  Charles,  Sales  Manager 

1975  Telephone  Conversation.  McCulloch  Corporation,  Los  Angeles, 
CA,  18  September  1975.  * 

Hammonds,  Carl 

1975  Telephone  Conversation.  Kraft  Systems,  Incorporated. 

Vista,  CA,  9 October  1975. 


Hartman,  Edwin  P.  and  David  Bierman 

T936  The  Aerodynamic  Characteristics  of  Full-Scale  Propellers 
Haying  2,  3.  and  4 Blades  of  Clark  Y and  R.A.F.  6 Airfoil 
— *^tions.  NACA  TR  640.  Washington:  National  Advisory 

Committee  for  Aeronautics,  1938. 


Hayward  Distributing  Company 

Distributors,  Columbus, 

UH,  10  October  1975. 


Hedderson,  George  W. 

1969  "Lead-Acid  and  Nickel-Cadmium  Batteries" 
for  Electrical  Engineers  (lOth  Edition). 
Hill  Book  Co.,  1969. 

Heisey,  Larry  E. , Development  Engineer 

1975  Telephone  Conversation.  Hubart  Brothers 
11  November  1975. 


Standard  Handbook 
New  York:  McGraw- 


Co.,  Troy,  OH, 


R-6 


i 


Henry,  George 

1975b  Personal  Interviews. 


Foreign  Technology  Division/ ETTS, 


Wrlght-Patterson  AFB,  OH,  15  June  - 25  November  1975. 


Horton,  Larry  K. 

1975  Personal  Interview.  Air  Force  Aeronautical  Systems 

Dlvlslon/YRC,  Wrlght-Patterson  AFB,  OH,  6 October  1975. 


Houpls,  Constantine  H.  and  John  J.  D'Azzo 

1960  Feedback  Control  System  Analysis  and  Synthesis.  New  York: 
McGraw-Hill  Book  Company,  1960. 


Howard,  Paul  L. 

1969  "Silver  Oxide  - Cadmium  Batteries."  Standard-  Handbook  for 
Electrical  Engineers (10th  Edition).  New  York:  McGraw- 

Hill  Book  Company,  1969. 


Hoy,  Walter,  Major,  USAF 

1975  Personal  Interviews.  Air  Force  Flight  Dynamics  Laboratory/ 

FGSB,  Wrlght-Patterson  AFB,  OH,  18  February  - 21  October  1975. 


Jackson,  Ernie  C. 

1975a  Telephone  Conversation.  Ryerson  Steel  Co.,  Dayton,  OH, 
3 November  1975. 


Jackson,  Kenneth 

1975b  Telephone  Conversations.  Ogden  Air  Logistic  Center/MMTCP, 
Hill  AFB,  UT,  18  August  - 7 October  1975. 


Jacobs,  Eastman  N.  and  others 

1935  The  Characteristics  of  78  Related  Airfoil  Sections  from 


Tests  In  the  Variable-Density  Wind  Tunnel.  NACA  Technical 
Report  460.  Washington:  National  Advisory  Committee  for 

Aeronautics,  1935. 


Jacobs,  Carl  R. , Division  Manager 

1975  Telephone  Conversation.  Hayward  Distributing  Company, 
Columbus,  OH,  15  October  1975. 


Johnson,  Alan 

1975  • Telephone  Conversation.  Air  Force  Avionics  Laboratory/AAI, 
Wrlght-Patterson  AFB,  OH,  18  September  1975. 


Joonsar,  Helkkl,  Captain,  USA? 

1975  Personal  Interviews.  Air  Force  Aeronautical  Systems  Dlvl- 
sion/YRPM,  Wrlght-Patterson  AFB,  OH,  15  January  - 25  Nov- 
ember 1975. 


,j,k  li 


Kershner,  William  K. 

1968  The  Student  Pilot  Flight  Manual.  Iowa  State  University 
Press,  Ames,  lA,  1968. 


Koury,  James  L.,  Research  Chemist 

1975  Personal  Letter.  Air  Force  Rocket  Propulsion  Laboratory/ 
MKMB,  Edwards  AFB,  CA,  20  May  1975. 


Kraft  Systems,  Incorporated 

1975  Sales  Catalog.  Vista,  CA:  Kraft  Systems,  Inc.,  1975. 


Lander,  J.J. 

1969  "Silver-Zinc  Cells."  Standard  Handbook  for  Electrical 


Engineers  (10th  Edition).  New  York:  McGraw-Hill  Book 

Company,  1969. 


Larsen,  Harold  C.,  Head  of  Aerospace  Design 

1975a  Personal  Interviews.  Air  Force  Institute  of  Technology/ 
END,  Wright-Patterson  AFB,  OH,  12  March  - 8 October  1975. 


Larsen,  Harold  C. , Head  of  Aerospace  Design 

1975b  Unpublished  Class  Notes,  AE643.  Air  Force  Institute  of 
Technology,  Wright-Patterson  AFB,  OH,  1975. 


Leggett,  A.  B. , Engineer 

1975  Personal  Letters.  US  Army  Mobility  Equipment  Research 
and  Development  Center/AMXFB-EM,  Fort  Belvoir,  VA,  18 
March  - 28  November  1975. 


Lentzsch,  Craig  R. , ILt,  USAF 

1975  Personal  Interview.  Air  Force  Aeronautical  Systems 
Di vision/ ACCC,  Wright-Patterson  AFB,  OH,  21  May  1975. 


Lichty,  Lester  C. 

1951  Internal-Combustion  Engines  (6th  Edition).  New  York: 
McGraw-Hill  Book  Company. , 1951. 


Lockheed  Mlss].es  and  Space  Company,  Inc. 

1974  Test  Data  of  MClOlA  Engine.  Unpublished  Paper.  Sunnyvale, 
CA:  Lockheed  Missies  and  Space  Company,  Inc.,  1974. 


Lowe , Donald 

1975  Personal  Interviews.  Air  Force  Flight  Dynamics  Laboratory/ 
FGSB,  Wright-Patterson  AFB,  OH,  18  February  - 21 
October  1975. 


Lyman,  Jerry 

1975  "Battery  Technology  Packaging;  More  Muscle  Into  Less  Space". 
Electronics.  48,  No.  7;  (3  April  1975). 


R-8 


■ 


iidin  Auco  i*arts 


1975  Telephone  Conversation.  Dayton.  OH.  22  October  1975. 
Mallory  Battery  Company 

Mandl.  Matthew 

Prentrce-iall"‘‘inc?r»64?  E"Slewood 

Matsushita.  S..  and  W.  H.  Campbell 

Sri967?"°"^^'““''  Ph^nc^n..  to  York:  Academic 

Maxwell.  George 

-^orarorY/»A. 

McCarren.  Paul  K. , Manager 

1975  Telephone  Conversation.  Reliable  Rubber  Products  Co 
Dayton.  OH.  10  November  1975.  * ’ 

McCulloch  Corporation 

I^^Culloch  High  Performance  2-Cycle  Englnpc.  aDV  150040 
s geles.  CA;  McCulloch  Corporation.  1974. 

McCulloch  Corporation 


Meranda.  Chuck  G. 

sion/ACCC^^W^rir^P  Aeronautical  Systems  Divi- 

n/ACCC.  Wright-Patterson  AFB.  OH.  13  May  1975. 

Messer J,e.  Hugo  K. 

Iggsl;;  New  York:  Academic 

MIL-HDBK-217B 

Miller.  Dean 

'’“Sht  Oynamlca  laboratory/ 
FSGB.  Wright-Patterson  AFB.  OH,  17  September  1975. 


Morehouse,  C.K.,  and  others 

1958  "Batteries."  Selected  Papers  on  New  Techniques  for  Energy 
Conversion,  Edited  by  Sumner  N.  Levine  and  others.  New 
York:  Dover  Publications,  Inc.,  1961. 

Morrissey,  Edward,  Materials  Research  Engineer 

1975  Personal  Interviews.  Air  Force  Materials  Laboratory /MXC, 
Wrlght-Patterson  AFB,  OH,  6 May  - 23  September  1975. 

Moss,  Frank  T. 

1975  "Understanding  Radio  Navigation  Systems."  Yachting; 

(August  1975). 

Murphy,  Edward  L. 

1970  Statistical  Methods  of  Measuring  the  Uncertainty  of  Cost 

Estimates.  Redstone  Arsenal,  AL:  US  Army  Missile  Command, 

February  1970.  AD  718862 

Myers , George 

1975  Personal  Interviews.  Air  Force  Avionics  Laboratory/WRA, 
Wrlght-Patterson  AFB,  OH,  15  May  - 25  November  1975. 

National  Semiconductor  Corporation 

1973  Linear  Applications  Handbook.  Santa  Clara,  CA;  National 
Semiconductor  Corp.,  February,  1973. 

National  Semiconductor  Corporation 

1974  Transducers  - Pressure  and  Temperature.  Santa  Clara,  CA: 
National  Semiconductor  Corp.,  August,  1974. 

National  Semiconductor  Corporation 

1975a  CMOS  Integrated  Circuits.  Santa  Clara,  CA:  National 

Semiconductor  Corp.,  1975. 

National  Semiconductor  Corporation 

1975b  Telephone  Conversation.  District  Sales  Office,  Dayton,  OH, 
21  October  1975. 

Nelson,  Wilbur  C. 

1944  Airplane  Propeller  Principles.  New  York:  John  Wiley  Book 

Company,  1944. 

Owens,  F.  Scott,  Materials  Engineer 

1975  Personal  Interviews.  Air  Force  Aeronautical  Systems  Dlv- 
Islon/YRE,  Wrlght-Patterson  AFB,  OH,  13  June  - 5 October 
1975. 

Parry,  Thomas,  Captain,  USAF 

1975  Personal  Interview.  Air  Force  Logistics  Command /AQMLE, 
Wrlght-Patterson  AFB,  OH,  16  September  1975. 

PARTL 

1974  Heaviside  Partial  Fraction  Expansion  and  Time  Response 

Program  (PARTL).  School  of  Engineering,  Air  Force  Institute 
of  Technology,  Wrlght-Patterson  AFB,  OH,  1974. 


R-10 


Payne,  Arthur  R. , and  John  R.  Scott 

I960  Engineering  Design  with  Rubber.  New  York:  Interscience 

Publishers,  Inc.,  1960. 

Perkins,  Ck)urtland  D.,  and  Robert  E.  Hage 

1949  Airplane  Performance,  Stability,  and  Control.  New  York: 
John  Wiley  & Sons,  Inc.,  1949. 

Pfaff,  Don 

1975  Telephone  Conversation.  Kurz-Kasch,  Incorporated,  Dayton 
OH,  21  October  1975. 

Pierce,  J.,  Phd. 

1975  Telephone  Conversation.  Develco,  Inc.,  Mountain  View, 
CA,  8 October  1975. 

Pickwell,  Glen  V.,  Professional  Engineer 

1975  Personal  Interviews.  Dayton,  OH,  10  July  - 10  November 
1975. 

Poly  Paks 

1975  Sales  Catalog  211A.  South  Lynnfield,  MA:  Poly  Paks, 

September  1975. 

Pope,  Alan,  and  John  J.  Harper 

1966  Low-Speed  Wind  Tunnel  Testing.  New  York:  John  Wiley  & 

Sons,  Inc.,  1966. 

Powell,  Rex  B. , and  others 

1974  A Low  Cost  TV  Guided  Weapon  Delivery  System  - FY74  Final 


Final  Report.  RD-75-23.  Redstone  Arsenal,  AL:  U.S.  Army 

Missile  Command,  1 August  1974. 

Power  Conversion,  Inc. 

O.E.M.  Price  List  for  Lithium  Organic  Electrolyte  Batteries. 


Mt  Vernon,  NY;  Power  Conversion,  Inc,,  February,  1975. 

Preist,  H.  Malcolm  and  John  A.  Gilligan 

1965  Design  Manual  for  High-Strength  Steels.  Pittsburgh,  PA; 


United  States  Steel  Corp.,  1965. 

Regulinski,  Thaddeus  L.,  Professor 

1975  "Kolomogorov-Smimov  and  Likelihood  Ratio  Tests  Computer 
Program."  School  of  Engineering,  Air  Force  Institute 
of  Technology,  Wright-Patterson  AFB,  OH,  1975. 

Rhyne,  V.  Thomas 

1973  Fundamentals  of  Digital  Systems  Design.  Englewood  Cliffs 
NJ;  Prentice-Hall,  Inc.,  1973. 


Rodenroth,  Ronald  T. 

1974  A Preliminary  Design  Layout  and  Performance  Estimate  of  a 

Mlnl-Remotely  Piloted  Research  Vehicle.  Unpublished  Thesis 
GAE/AE/74D-23.  Wright-Patterson  AFB,  OH:  Air  Force 

Institute  of  Technology,  December  1974. 


ROOTL 

1974 


User's  Manual  for  a Digital  Computer  Routine  to  Calculate 
the  Root  Locus  (ROOTL) . School  of  Engineering,  Air  Force 
Institute  of  Technology,  Wright-Patterson  AFB,  OH,  1974. 


Rorden,  B. , Technical  Director 

1975  Telephone  Conversation.  Develco,  Incorporated,  Mountain 
View,  CA;  1 August  - 30  October  1975. 

Rose,  Edward  A.,  Jr. 

1975a  Telephone  Conversations.  E-Systems,  Inc.,  Melpar  Division, 
Falls  Church,  VA:  8 July  - 15  September  1975. 

Rose,  Henry,  Engineer 

1975b  Telephone  Conversation.  Sensenlch  Corporation,  Lancaster, 
PA:  14  August  1975. 

Ruben,  Samuel 

1969  "Sealed  Zinc-Mercury  Batteries."  Standard  Handbook  for 
Electrical  Engineers  (lOth  EditlonTi  New  York:  McCfaw- 
Hlll  Book  Company,  1969. 

Seckel , Edward 

1964  Stability  and  Control  of  Airplanes  and  Helicopters.  New 
York:  Academic  Press,  1964. 

Shanley,  F.  R. 

1967  Mechanics  of  Materials.  New  York:  McGraw-Hill  Book 

Company,  1967. 

Small,  T.  R. 

1974  Engine  Development  Program  for  the  APL  Remotely  Piloted 

Vehicle.  Report  Number  TG  1249.  Silver  Spring,  MD:  Johns 

Hopkins  University  Applied  Physics  Laboratory,  July  1974. 

AD  787507 


Stansberry,  Chuck 

1975  Personal  Letter.  American  Klegecell  Corporation,  Corsicana 
TX,  28  October  1975. 


1 


I ! 


f I 

t 


I I 


Steelman,  Larry,  Technical  Manager 

1975  Telephone  Conversation.  Teledyne  Systems  Company,  North- 
ridge,  CA,  15  September  1975. 


Stengard,  Robert  A. 

1974  "Integral  Skin  Urethane  Foam."  Modern  Plastics  Encyclopedia, 
51:  137-138  (October  1974). 


Superwinch,  Incorporated 

1974  Superwinch  - The  Prime  Mover,  Sales  Catalog  7171,  Putnam, 
Connecticut:  Superwinch,  Inc.,  September  1974. 


Sutherland,  W. 

1971  Adding  Cost  Estimates  That  Are  Not  Symmetric  About  the  Most 
Likely  Value.  RAC-CF-23.  McClean,  VA:  Research  Analysis 

Corporation,  April  1971.  AD  883232 


Tecumseh  Products  Company 

1974  1974-75  Replacement  Engines  Specifications.  Grafton,  WI: 

Tecumseh  Products  Company,  1 October  1974. 


Teledyne  Systems  Company 

1975  "A  Concept  for  Low  Cost  Mini-RPV  Guidance  with  Loran  C/D." 

Concept  Paper.  Northridge,  CA;  Teledyne  Systems  Company, 
June  1975. 


Texas  Instruments,  Inc. 

1973  The  Linear  & Interface  Circuits  Data  Book  for  Design 

Engineers^  Dallas,  TX:  Texas  Instruments,  Inc.,  1973. 


Thompson,  Steven,  Captain,  USAF 

1975  Personal  Interviews.  Air  Force  Aeronautical  Systems 
Division/ACCL,  Wright-Patterson  AFB,  OH,  10  July  - 
15  August  1975. 


TRANFUN 

1974 


Trull,  Ronald 

1975  Personal  Interview.  Air  Force  Flight  Dynamics  Laboratory/ 
FGL,  Wright-Patterson  AFB,  OH,  8 April  - 6 August  1975. 


Computer  Program  to  Compute  Transfer  Function  of  Aircraft 
Systems  (TRANFUN).  School  of  Engineering,  Air  Force  Institute 
of  Technology,  Wright-Patterson  AFB,  OH,  1974. 


R-13 


-v’.-,  ' 


■■ 


Steelman,  Larry,  Technical  Manager 

1975  Telephone  Conversation.  Teledyne  Systems  Company,  North- 
ridge,  CA,  15  September  1975. 

Stengard,  Robert  A. 

1974  "Integral  Skin  Urethane  Foam."  Modern  Plastics  Encyclopedia, 
51:  137-138  (October  1974). 

Superwinch,  Incorporated 

1974  Superwinch  - The  Prime  Mover,  Sales  Catalog  7171,  Putnam, 
Connecticut:  Superwinch,  Inc.,  September  1974. 


Sutherland,  W. 

1971  Adding  Cost  Estimates  That  Are  Not  Symmetric  About  the  Most 
Likely  Value.  RAC-CF-23.  McClean,  VA:  Research  Analysis 

Corporation,  April  1971.  AD  883232 


Tecumseh  Products  Company 

1974  1974-75  Replacement  Engines  Specifications.  Grafton,  WI: 

Tecumseh  Products  Company,  1 October  1974. 


Teledyne  Systems  Company 

1975  "A  Concept  for  Low  Cost  Mini-RPV  Guidance  with  Loran  C/D." 

Concept  Paper.  Northridge,  CA;  Teledyne  Systems  Company, 
June  1975. 


Texas  Instruments,  Inc. 

1973  The  Linear  & Interface  Circuits  Data  Book  for  Design 

Engineers.  Dallas,  TX:  Texas  Instruments,  Inc.,  1973. 


Thompson,  Steven,  Captain,  USAF 

1975  Personal  Interviews.  Air  Force  Aeronautical  Systems 
Division/ACCL,  Wright-Patterson  AFB,  OH,  10  July  - 
15  August  1975. 

TRANFUN 

1974  Computer  Program  to  Compute  Transfer  Function  of  Aircraft 
Systems  (TRANFUN).  "School  of  Engineering,  Air  Force  Institute 
of  Technology,  Wright-Patterson  AFB,  OH,  1974. 

Trull,  Ronald 

1975  Personal  Interview.  Air  Force  Flight  Dynamics  Laboratory/ 

FGL,  Wright-Patterson  AFB,  OH,  8 April  - 6 August  1975. 


R-13 


1 


Trefzger,  C.E. , Marketing  and  Sales  Director 

1975  Personal  Letter.  Georator  Corp. , Manassas,  Virginia, 
8 September  1975. 


Union  Carbide  Corp. 

1971  Eveready  Battery  Applications  Engineering  Data.  New  York; 
Union  Carbide  Corp.,  1971. 


Wahl,  A.  M. 

1963  Mechanical  Springs  (2nd  Edition).  New  York:  McGraw-Hill 

Book  Co. , 1963. 


Waterloo,  William  C. 

1974  "Extrusion  Blow  Molding."  Modern  Plastics  Encyclopedia,  51; 
278-284  (October  1974). 


Wedge,  A.  C. 

1975  Telephone  Conversation.  Sensenich  Corporation,  Lancaster, 
!»•  PA,  14  August  1975. 


Weissert,  Fred,  Research  Engineer 

1975  Personal  Interview  and  Telephone  Conversations.  Firestone 
Tire  and  Rubber  Co. /Central  Research,  Akron,  OH,  11  June  - 
10  September  1975. 


Wolfe,  Millard  W. , Shop  Foreman 

1975  Personal  Interview.  Air  Force  Institute  of  Technology/ 

SVD,  Wright-Patterson  AFB,  OH,  7 June  - 11  November  1975. 


Wright,  Wayne  F. 

1975  Telephone  Conversation.  Warner-Robbins  Air  Logistics 
Center/MMUTCB,  Warner-Robbins  AFB,  GA,  6 November  1975. 


Yonezama,  Y. , and  others 

1969  "Evaluation  of  Loran-C  System  by  a Manual  Receiver  - 
Indicator."  Navigation.  (Spring  1969). 


